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Chapter 1 


Introduction 


The NASA Design and Analysis of Rotorcraft (NDARC) software is an aircraft system analysis 
tool that supports both conceptual design efforts and technology impact assessments. The principal tasks 
are to design (or size) a rotorcraft to meet specified requirements, including vertical takeoff and landing 
(VTOL) operation, and then analyze the performance of the aircraft for a set of conditions. For broad and 
lasting utility, it is important that the code have the capability to model general rotorcraft configurations, 
and estimate the performance and weights of advanced rotor concepts. The architecture of the NDARC 
code accommodates configuration flexibility, a hierarchy of models, and ultimately multidisciplinary 
design, analysis, and optimization. Initially the software is implemented with low-fidelity models, 
typically appropriate for the conceptual design environment. 


An NDARC job consists of one or more cases, each case optionally performing design and analysis 
tasks. The design task involves sizing the rotorcraft to satisfy specified design conditions and missions. 
The analysis tasks can include off-design mission performance calculation, flight performance calcula- 
tion for point operating conditions, and generation of subsystem or component performance maps. For 
analysis tasks, the aircraft description can come from the sizing task, from a previous case or a previous 
NDARC job, or be independently generated (typically the description of an existing aircraft). 


The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and propulsion. 
For each component, attributes such as performance, drag, and weight can be calculated; and the aircraft 
attributes are obtained from the sum of the component attributes. Description and analysis of conven- 
tional rotorcraft configurations is facilitated, while retaining the capability to model novel and advanced 
concepts. Specific rotorcraft configurations considered are single-main-rotor and tail-rotor helicopter, 
tandem helicopter, coaxial helicopter, and tiltrotor. The architecture of the code accommodates addition 
of new or higher-fidelity attribute models for a component, as well as addition of new components. 


1-1 Background 


The definition and development of NDARC requirements benefited substantially from the ex- 
periences and computer codes of the preliminary design team of the U.S. Army Aeroflightdynamics 
Directorate (AFDD) at Ames Research Center. 


In the early 1970s, the codes SSP-1 and SSP-2 were developed by the Systems Research Integration 
Office (SRIO, in St. Louis) of the U.S. Army Air Mobility Research and Development Laboratory. 
SSP-1 performed preliminary design to meet specified mission requirements, and SSP-2 estimated the 
performance for known geometry and engine characteristics, both for single-main-rotor helicopters 
(ref. 1). Although similar tools were in use in the rotorcraft community, these computer programs were 
independently developed, to meet the requirements of government analysis. The Advanced Systems 
Research Office (ASRO, at Ames Research Center) of USAAMRDL produced in 1974 two Preliminary 
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Systems Design Engineering (PSDE) studies (refs. 2 and 3) using SSP-1 and SSP-2. These two codes 
were combined into one code called PSDE by Ronald Shinn. 


The MIT Flight Transportation Laboratory created design programs for helicopters (ref. 4) and 
tiltrotors (ref. 5). Michael Scully, who wrote the helicopter design program and was significantly 
involved in the development of the tiltrotor design program, joined ASRO in 1975, and ideas from the 
MIT programs began to be reflected in the continuing development of PSDE. An assessment of design 
trade-offs for the Advanced Scout Helicopter (ASH) used a highly modified version of PSDE (ref. 6). 


A DoD Joint Study Group was formed in April 1975 to perform an Interservice Helicopter Com- 
monality Study (HELCOM) for the Director of Defense Research and Engineering. The final HELCOM 
study report was published in March 1976 (ref. 7). A result of this study was an assessment by ASRO 
that PSDE needed substantial development, including better mathematical models and better technical 
substantiation, more flexible mission analysis, and improved productivity for both design and analysis 
tasks. Thus began an evolutionary improvement of the code, eventually named RASH (after the devel- 
oper Ronald A. Shinn, as a consequence of the computer system identification of output by the first four 
characters of the user name). RASH included improvements in flight performance modeling, output 
depth, mission analysis, parametric weight estimation, design sensitivity studies, off-design cases, and 
coding style. The code was still only for single-main-rotor helicopters. 


In the early 1980s, tool development evolved in two separate directions with the Preliminary 
Design Team at ASRO. RASH was developed into the HELO (or PDPAC) code, for conventional 
and compound single-main-rotor helicopters. With the addition of conversion models and wing weight 
estimation methods (refs. 8 and 9), RASH became the TR code, for tiltrotor aircraft. The JVX Joint 
Technology Assessment of 1982 utilized the HELO and TR codes. A special version called PDABC, 
including a weight estimation model for lift-offset rotors (ref. 10), was used to analyze the Advancing 
Blade Concept. The JVX JTA report (ref. 11) documented the methodology implemented in these codes. 


Work in support of the LHX program from 1983 on led to a requirement for maneuver analysis 
of helicopters and tiltrotors, implemented in the MPP (Maneuver Performance Program) code by John 
Davis. The core aircraft model in MPP was similar to that in TR and HELO, but the trim strategy in 
particular was new. A design code does not require extensive maneuver analysis capability, but MPP had 
an impact on the design code development, with the MPP performance and trim methods incorporated into 
TR87. The sizing analysis of TR88 and the aircraft flight model from MPP were combined into the VAMP 
(VSTOL Design and Maneuver Program) code. VAMP combined the capability to analyze helicopters 
and tiltrotors in a single tool, although the capability of HELO to analyze compound helicopters was 
not replicated. 


In the early 1990s, the RC (RotorCraft) code emerged from the evolution of VAMP, with John 
Preston as the lead developer (refs. 12 and 13). Some maneuver analysis capabilities from MPP were 
added, and the analysis capability extended to helicopters. The models were confirmed by comparison 
with results from TR and HELO. RC was operational by 1994, although HELO and TR continued to be 
used into the mid-1990s. RC97 was a major version, unifying the tiltrotor and helicopter analyses. The 
RC code introduced new features and capabilities, and productivity enhancements, as well as coding 
standards and software configuration control. Special versions of RC were routinely produced to meet 
the unique requirements of individual projects (such as ref. 14). 


NASA, with support from the U.S. Army, in 2005 conducted the design and in-depth analysis of 
rotorcraft configurations that could satisfy the Vehicle Systems Program technology goals (ref. 15). These 
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technology goals and accompanying mission were intended to identify enabling technology for civil 
application of heavy-lift rotorcraft. The emphasis was on efficient cruise and hover, efficient structures, 
and low noise. The mission specified was to carry 120 passengers for 1200 nm, at a speed of 350 knots 
and 30,000 ft altitude. The configurations investigated were a Large Civil Tiltrotor (LCTR), a Large 
Civil Tandem Compound (LCTC), and a Large Advancing Blade Concept (LABC). The results of the 
NASA Heavy Lift Rotorcraft Systems Investigation subsequently helped define the content and direction 
of the Subsonic Rotary Wing project in the NASA Fundamental Aeronautics program. The design tool 
used was the AFDD RC code. This investigation was an example of the role of a rotorcraft sizing code 
within NASA. The investigation also illustrated the difficulties involved in adapting or modifying RC 
for configurations other than conventional helicopters and tiltrotors, supporting the requirement for a 
new tool. 


1-2 Requirements 


Out of this history, the development of NDARC began in early 2007. NDARC is entirely new 
software, built on a new architecture for the design and analysis of rotorcraft. From the RC theoretical 
basis, the parametric weight equations and the Referred Parameter Turboshaft Engine Model were used 
with only minor changes. Use was also made of the RC component aerodynamic models and rotor 
performance model. The current users of RC, informed by past and recent applications, contributed 
significantly to the requirements definition. 


The principal tasks are to design (size) rotorcraft to meet specified requirements, and then analyze 
the performance of the aircraft for a set of flight conditions and missions. Multiple design requirements, 
from specific flight conditions and various missions, must be used in the sizing task. The aircraft 
performance analysis must cover the entire spectrum of aircraft capabilities, and allow general and 
flexible definition of conditions and missions. 


For government applications and to support research, it is important to have the capability to model 
general rotorcraft configurations, including estimates of the performance and weights of advanced rotor 
concepts. In such an environment, software extensions and modifications are routinely required to meet 
the unique requirements of individual projects, including introduction of special weight and performance 
models for particular concepts. 


Thus the code architecture must accommodate configuration flexibility and alternate models, in- 
cluding a hierarchy of model fidelity. Although initially implemented with low-fidelity models, typical 
of the conceptual design environment, ultimately the architecture must allow multidisciplinary design, 
analysis, and optimization. The component performance and engine models must cover all operat- 
ing conditions. The software design and architecture must facilitate extension and modification of the 
software. 


Complete and thorough documentation of the theory and its software implementation is essential, 
to support development and maintenance, and to enable effective use and modification. Most of the 
history described above supports this requirement by the difficulties encountered in the absence of good 
documentation. Documentation of the methodology was often prompted only by the need to substantiate 
conclusions of major technology assessments, and occasionally by the introduction of new users and 
developers. For a new software implementation of a new architectures, documentation is required from 
the beginning of the development. 
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Figure 1-1. Outline of NDARC tasks. 


1-3 Overview 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 1-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with heavy borders. 
Heavy black arrows show control of subordinate tasks. 


The aircraft description (fig. 1-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light green arrows). 
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The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit, 
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 


Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a number of mission segments, for which time, distance, and fuel burn are evaluated. For 
the sizing task, certain missions are designated to be used for engine sizing, for design gross weight 
calculations, for transmission sizing, and for fuel tank sizing. The mission parameters include mission 
takeoff gross weight and useful load. For specified takeoff fuel weight with adjustable segments, the 
mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals the 
takeoff fuel weight. The mission iteration is on fuel weight or energy. 


Flight conditions are specified for the sizing task and for the flight performance analysis. For the 
sizing task, certain flight conditions are designated to be used for engine sizing, for design gross weight 
calculations, for transmission sizing, for maximum takeoff weight calculations, and for antitorque or 
auxiliary-thrust rotor sizing. The flight condition parameters include gross weight and useful load. 


For flight conditions and mission takeoff, the gross weight can be maximized, such that the power 
required equals the power available. 


A flight state is defined for each mission segment and each flight condition. The aircraft performance 
can be analyzed for the specified state, or a maximum effort performance can be identified. The maximum 
effort is specified in terms of a quantity such as best endurance or best range, and a variable such as 
speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls and motion 
that produce equilibrium in the specified flight state. Different trim solution definitions are required for 
various flight states. Evaluating the rotor hub forces may require solution of the blade flap equations of 
motion. 


1-4 Terminology 


The following terminology is introduced as part of the development of the NDARC theory and 
software. Relationships among these terms are reflected in figure 1-1. 


a) Job: An NDARC job consists of one or more cases. 


b) Case: Each case performs design and/or analysis tasks. The analysis tasks can include off-design 
mission performance calculation, flight performance calculation for point operating conditions, and 
generation of airframe aerodynamics or engine performance maps. 


c) Design Task: Size rotorcraft to satisfy specified set of design flight conditions and/or design missions. 
Key aircraft design variables are adjusted until all criteria are met. The resulting aircraft description can 
be basis for the mission analysis and flight performance analysis tasks. 


d) Mission Analysis Task: Calculate aircraft performance for one off-design mission. 


e) Flight Performance Analysis Task: Calculate aircraft performance for point operating condition. 
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f) Mission: Ordered set of mission segments, for which time, distance, and fuel burn are evaluated. 
Gross weight and useful load are specified for the beginning of the mission, and adjusted for fuel burn 
and useful load changes at each segment. Missions are defined for the sizing task and for the mission 
performance analysis. 


g) Flight Condition: Point operating condition, with specified gross weight and useful load. Flight 
conditions are specified for the sizing task and for the flight performance analysis. 


h) Flight State: Aircraft flight condition, part of definition of each flight condition and each mission 
segment. Flight state solution involves rotor blade motion, aircraft trim, and perhaps a maximum-effort 
calculation. 


i) Component: The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. For each component, attributes such as performance, drag, and weight are calculated. 


j) Propulsion: A propulsion group is a set of components and engine groups, connected by a drive 
system. An engine group consists of one or more engines of a specific type. The components define 
the power required. The engine groups define the power available. A jet group consists of one or more 
systems that produce a force on the aircraft. A charge group consists of systems that generate energy 
for the aircraft. Fuel tank systems are associated with the engine groups, jet groups, and charge groups. 
Fuel quantity is measured as either weight or energy. 


1-5 Analysis Units 


The code can use either English or SI units for input, output, and internal calculations. A consistent 
mass-length-time-temperature system is used, except for weight and power: 


length mass time temperature weight power 
English: foot slug second °F pound horsepower 
SI: meter kilogram second a @ kilogram kiloWatt 


Weight in the design description is actually mass, with pounds converted to slugs using the reference 
gravitational acceleration (9.80665 m/sec”). Gravitational force is the product of the mass and the actual 
acceleration due to gravity. In addition, the default units for flight conditions and missions are: speed 
in knots, time in minutes, distance in nautical miles, and rate of climb in feet-per-minute. The user can 
specify alternate units for these and other quantities. 


1-6 Outline of Report 


This document provides a complete description of the NDARC theoretical basis and architecture. 
Chapters 3-5 describe the tasks and solution procedures, the cost model is described in chapter 6, the 
emissions model is described in chapter 7, and chapters 8—20 present the models for the aircraft and 
its components. The propulsion system models are described in chapters 15—20. The engine, jet, and 
charger models are described in chapters 21-28; and the weight models in chapters 29and 30. The 
accompanying NDARC Input Manual describes the use of the code. 
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Chapter 2 


Nomenclature 


The nomenclature for geometry and rotations employs the following conventions. A vector z is a 
column matrix of three elements, measuring the vector relative to a particular basis (or axes, or frame). 
The basis is indicated as follows: 


a) x“ is a vector measured in axes A; 
b) «”¥/4 is a vector from point F to point E, measured in axes A. 


A rotation matrix C is a three-by-three matrix that transforms vectors from one basis to another: 
c) C4 transforms vectors from basis A to basis B, so 7? = CP4x4. 


The matrix C4 defines the orientation of basis B relative to basis A, so it also may be viewed as rotating 
the axes from A to B. For a vector u, a cross-product matrix w is defined as follows: 


0 — U3 U2 
u= U3 0 U1 
—U2 Uy 0 


such that wv is equivalent to the vector cross-product u x v. The cross-product matrix enters the rela- 
tionship between angular velocity and the time derivative of a rotation matrix: 


CAB _ _pAB/AGAB _ GABGBA/B 


(the Poisson equations). For rotation by an angle a about the «, y, or z axis (1, 2, or 3 axis), the following 
notation is used: 


1 0 0 
X= 1-0 cosa@ sina 
0 -—sina cosa 
cosa 0 —sina 
Y= 0 1 0 
sina 0 COs @ 


cosa sina 0O 
Zo = | —sina cosa 0 
0 0 1 
Thus for example, C?4 = X4YoZ, means that the axes B are located relative to the axes A by first 
rotating by angle 7 about the z-axis, then by angle @ about the y-axis, and finally by angle ¢ about the 
x-axis. 
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Acronyms 
AFDD 
ASM 
CAS 
CG 
CPI 
CTM 
EG 
GW 
IAS 
IGE 
IRP 
IRS 
ISA 
ISO 
JG 
MCP 
MCT 
MJ 
MRP 
NDARC 
OEI 
OGE 
PG 
RPJEM 
RPTEM 
SDGW 
SI 
SLS 
TAS 
WMTO 


Weights 
Wp 
We 
Wmto 


Nomenclature 


U.S. Army Aeroflightdynamics Directorate 
available seat mile 

calibrated airspeed 

charge group 

consumer price index 

Cost Too Much (cost model) 

engine group 

gross weight 

indicated airspeed 

in ground effect 

intermediate rated power 

infrared suppressor 

International Standard Atmosphere 
International Organization for Standardization 
jet group 

maximum continuous power 

maximum continuous thrust 

Mega-Joule 

maximum rated power 

NASA Design and Analysis of Rotorcraft 
one engine inoperative 

out of ground effect 

propulsion group 

referred parameter jet engine model 
referred parameter turboshaft engine model 
structural design gross weight 

Systeme International d’Unités (International System of Units) 
sea level standard 

true airspeed 

maximum takeoff weight 


design gross weight 

empty weight 

maximum takeoff weight 

structural design gross weight 

gross weight, Wg = We + Wut = Wo + Woay + Wruet 
operating weight, Wo = We + Wrut 
useful load, Wu, = Wryr + Way + Weuei 
payload 

fuel weight 

fixed useful load 

mission fuel burn 

vibration control weight 

contingency weight 

technology factor 


Nomenclature 


Fuel Tanks 
Weuel—cap 
Efucl—cap 
Veuel—cap 
Nauxtank 
Waux—cap 
Faux—cap 


Power 
PreqPG 
PreqEG 
PreqeG 
PavPG 
PavEG 
PavcG 
Poomp 


Pymsn 


Pace 
Ninop 
Ppsiimit 
PESiimit 
Prsiimit 


Engine 
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fuel capacity, maximum usable fuel weight 
fuel capacity, maximum usable fuel energy 
fuel capacity, volume 

number of auxiliary fuel tanks 

auxiliary fuel tank capacity (weight) 
auxiliary fuel tank capacity (energy) 


power required, propulsion group; Poomp + Pamsn + Pace 

power required, engine group 

power required, charge group 

power available, propulsion group; min()> fp PaveG, (Qprim/OQret) Po siimit) 
power available, engine group; (Neng — Ninop) Pav 

power available, charge group; (Nenrg — Ninop)Pav 

component power required 

transmission losses 

accessory power 

number of inoperative systems, engine group or jet group or charge group 
drive system torque limit (specified as power limit at reference rotor speed) 
engine shaft limit 

rotor shaft limit 


sea level static power available per engine at specified takeoff rating 
number of engines in engine group 

power available, installed; min(P, — Piss, Pmech) 
power available, uninstalled 

power required, installed; P, — Piss 

power required, uninstalled 

installation losses 

mechanical power limit 

specific power, P/7n (conventional units) 

specific fuel consumption, w/P (conventional units) 
mass flow (conventional units) 

fuel flow (conventional units) 

energy flow 

net jet thrust 

momentum drag 

specification turbine speed 

specific weight, P/W 
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Nomenclature 


Jet 
Tong sea level static thrust available per jet at specified takeoff rating 
Niet number of jets in jet group 
TavoG thrust available, jet group; (Njet — Ninop)Tav 
Tae thrust available, installed; min(T.7, Tech) 
TE, thrust available, uninstalled 
TreqJG thrust required, jet group 
Treq thrust required, installed; T,7 
Ty thrust required, uninstalled 
n installation losses (efficiency) 
Tek mechanical thrust limit 
ST specific thrust, T’/rm (conventional units) 
sfc specific fuel consumption, w/T (conventional units) 
m mass flow (conventional units) 
w fuel flow (conventional units) 
Disiine momentum drag 
SW specific weight, T/W 
Charger 
Penre sea level static power available per charger at specified takeoff rating 
Nenrg number of chargers in charge group 
n installation losses (efficiency) 
Tip Speed and Rotation 
Viip—ret reference tip speed, propulsion group primary rotor; each drive state 
r gear ratio; Qgep/OQprim for rotor, Qspec/Qprim for engine 
yeni primary rotor rotational speed, Q = Viip—rer/R 
Oaep dependent rotor rotational speed, 2 = Viip—rep/R 
Ospec specification engine turbine speed 
Nspec specification engine turbine speed (rpm) 
Mission 
T mission segment time 
D mission segment distance 
dR mission segment range contribution 
E endurance 
R range 
w fuel flow 


Nomenclature 


Environment 


Axis Systems 


I 

F 

A 

B 

V 
Geometry 

SL, BL, WL 

z/L,y/L, 2/L 

L 

LY, % 

oF 

e 


S. wet 


gravitational acceleration 
altitude 

speed of sound 

density 

kinematic viscosity 
viscosity 

temperature, °R or °K 
temperature, °F or °C 
wind speed 


inertial 

aircraft 

component aerodynamic 
component 

velocity 


fixed input position (station line, buttline, waterline) 
positive aft, right, up; arbitrary origin 


scaled input position; positive aft, right, up; origin at reference point 
reference length (fuselage length, rotor radius, or wing span) 


calculated position, aircraft axes; positive forward, right, down; 
origin at reference point for geometry, 

origin at center of gravity for motion and loads 

component position vector, in aircraft axes, relative reference point 


length 
wetted area 
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Motion 
bv, Or, Ur 
Wr 
OV, wv 
VAC 
WAC 
anc 


Veal 
Vina 


Nomenclature 


roll, pitch, yaw angles; orientation airframe axes F relative inertial axes 
turn rate 

climb, sideslip angles; orientation velocity axes V relative inertial axes 
aircraft velocity 

aircraft angular velocity 

aircraft linear acceleration 

load factor 

aircraft velocity magnitude 

horizontal velocity 

forward velocity 

sideward velocity 

climb velocity 

calibrated airspeed 

indicated airspeed 


Aerodynamics and Loads 


DL 


component velocity relative air (including interference) 

dynamic pressure, !/2p|v|? 

angle of attack, component axes B relative aerodynamic axes A 
sideslip angle, component axes B relative aerodynamic axes A 

ratio flap chord to airfoil chord, c;/c 

flap deflection 

force 

moment 

aerodynamic drag, side, lift forces (component aerodynamic axes A) 
aerodynamic roll, pitch, yaw moments (component aerodynamic axes A) 
section drag, lift coefficients 

component drag, side, lift force coefficients 

component roll, pitch, yaw moment coefficients 

drag area, SC’p (S = reference area of component) 


disk loading, Wp /Ayer 

reference rotor area, )~ fA; typically projected area of lifting rotors 
wing loading, Wp/ Stet 

reference wing area, )> S'; sum area all wings 
aircraft control 

control matrix 

component control, c= STcac + co 

tilt control variable 

aircraft hover figure of merit, W\/W/2pArer/P 
aircraft effective drag, P/V 

aircraft effective lift-to-drag ratio, WV/P 


Nomenclature 


Cr/o 

Bes Bs 

90.75 

Oe, 0. 
H,Y,T 

M,, M, 

Q 

P,, P,, P,, P, 
RK 


Cdmean 


M 
Lee, 
n 


Wing 
W/s 


so SW 
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disk loading, W = fwWp 
design blade loading, W/pAVj,, 
blade radius 

disk area 

solidity (ratio blade area to disk area) 

design thrust of antitorque or auxiliary-thrust rotor 

direction of rotation (1 for counter-clockwise, —1 for clockwise) 
blade span coordinate 

blade azimuth coordinate 

advance ratio 

inflow ratio 

tip speed 

tip Mach number 

advancing tip Mach number 

blade flap frequency (per-rev) 

blade Lock number 

thrust coefficient divided by solidity, T/pA(QR)?c 
longitudinal, lateral flapping (tip-path plane tilt relative shaft) 
blade collective pitch angle (at 75% radius) 

lateral, longitudinal blade pitch angle) 

drag, side, thrust force on hub (shaft axes) 

roll, pitch moment on hub 

shaft torque 

induced, interference, profile, parasite power 

induced power factor, P; = kPideal 

profile power mean drag coefficient, Cp, = (0 /8)CameanF'’p 
rotor hover figure of merit, Tfpv/P 

rotor effective lift-to-drag ratio, VL/(P; + P,) 

propulsive efficiency, P,/P = —XV/P 


o (Vtip = hover tip speed) 


wing loading, W = fwWp 
area 

span 

chord, S'/b 

aspect ratio, b?/S 
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Nomenclature 


Chapter 3 


Tasks 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include mission performance 
analysis, flight performance calculation for point operating conditions, and generation of subsystem or 
component performance maps. 


3-1 Size Aircraft for Design Conditions and Missions 


3-1.1 Sizing Method 


The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight (Wp) or weight empty (Wz), rotor radius (A), and engine power available (Peng). 
The relationships between dimensions, power, and weight generally require an iterative solution. From 
the design flight conditions and missions, the task can determine the total engine power or the rotor 
radius (or both power and radius can be fixed), as well as the design gross weight, maximum takeoff 
weight, drive system torque limit, and fuel tank capacity. For each propulsion group, the engine power 
or the rotor radius can be sized: 


a) Engine power: Determine P.n,, for fixed R. The engine power is the maxi- 
mum of the power required for all designated sizing flight conditions and sizing 
missions (typically including vertical flight, forward flight, and one-engine inopera- 
tive). Hence the engine power is changed by the ratio max(P,eqpG/Pavpa) (exclud- 
ing flight states for which zero power margin is calculated, such as maximum gross 
weight or maximum effort). This approach is the one most commonly used for the 
sizing task. 


b) Rotor radius: Determine R for input P.,g. The maximum power required for all 
designated sizing flight conditions and sizing missions is calculated, and then the 
rotor radius determined such that the power required equals the input power available. 
The change in radius is estimated as R = Roia\/PreqpG/Pavpc (excluding flight 
states for which zero power margin is calculated, such as maximum gross weight or 
maximum effort). For multi-rotor aircraft, the radius can be fixed rather than sized 
for some rotors. 


Alternatively, P.n, and R can be input rather than sized. For each engine group that consumes power, 
the design power can be sized: 


Determine P.,,. The design power is the maximum of the power required for all 
designated sizing flight conditions and sizing missions. Hence the design power 
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is changed by the ratio max(PreqzG/Pavec) (excluding flight states for which zero 
power margin is calculated). 


For each jet group, the design thrust can be sized: 


Determine Tj.,. The design thrust is the maximum of the thrust required for all 
designated sizing flight conditions and sizing missions. Hence the design thrust 
is changed by the ratio max(Tregsa/Tavsg) (excluding flight states for which zero 
thrust margin is calculated). 


For each charge group, the design power can be sized: 


Determine P.y:g. The design power is the maximum of the power required for all 
designated sizing flight conditions and sizing missions. Hence the design power 
is changed by the ratio max(Preqoa/Pavcag) (excluding flight states for which zero 
power margin is calculated). 


Aircraft parameters can be determined by a subset of the design conditions and missions: 


a) Design gross weight Wp: maximum gross weight from designated conditions 
and missions (for which gross weight is not fixed). 

b) Maximum takeoff gross weight Wy;ro: maximum gross weight from designated 
conditions (for which gross weight is not fixed). 

c) Drive system torque limit Ppsiimit: Maximum torque from designated conditions 
and missions (for each propulsion group; specified as power limit at reference rotor 
speed). 

d) Fuel tank capacity: maximum fuel weight Weuci-cap Or energy Efuci—cap from 
designated missions (without auxiliary tanks). 

e) Antitorque or auxiliary thrust rotor design thrust Tyesign: maximum rotor thrust 
from designated conditions and missions. 


Alternatively, these parameters can be fixed at input values. The design gross weight (Wp) can be fixed. 
The weight empty can be fixed or scaled with Wp, which is implemented by changing the contingency 
weight. 


A successive substitution method is used for the sizing iteration, with an input tolerance «. Re- 
laxation is applied to Peng or R, Tyets Penrg, Wo, Warro, Ppsiimit, Weuel—cap OF Efuci—cap, And Taesign- 
Convergence is tested in terms of these parameters, and the aircraft weight empty Wz. Two successive 
substitution loops are used. The outer loop is an iteration on performance: engine power or rotor radius, 
jet thrust, charger power. The inner loop is an iteration on parameters: Wp, Warro, Postimit, Weuel—cap 
Or Efuel—cap» ANd Tyesign. Either loop can be absent, depending on the definition of the size task. 


For each flight condition and each mission, the gross weight and useful load are specified. The 
gross weight can be input, maximized, or fallout. For flight conditions, the payload or fuel weight can be 
specified, and the other calculated; or both payload and fuel weight specified, with gross weight fallout. 
For missions, the payload or fuel weight can be specified, the other fallout, and then time or distance of 
mission segments adjusted; or fuel weight calculated from mission, and payload fallout; or both payload 
and fuel weight specified (or payload specified and fuel weight calculated from mission), with gross 
weight fallout. For each flight condition and mission segment, the following checks are performed: 
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a) The power required does not exceed the power available: P.cgpg < (1+ 6)Pavea 
(for each propulsion group). 

b) The torque required does not exceed the drive system limit:  Pregpg/Q < 
(1 + €)Ppstimit/Qprim (for each propulsion group). Rotor shaft torque and engine 
shaft torque are also checked. 

c) The jet thrust required does not exceed the thrust available: Tregzq < (1+ 6)Tavsa 
(for each jet group). 

d) The charger power required does not exceed the power available: Pregog < 
(1+ €)Pavcg (for each charge group). 

e) The fuel weight does not exceed the fuel capacity: Wier < (1 + €)(Wruel—cap + 
> Nauxtank Waux—cap) (including auxiliary tanks). 


These checks are performed using an input tolerance «. 


Sizing flight conditions typically include takeoff (hover or specified vertical rate of climb), one- 
engine inoperative, cruise or dash, perhaps transmission, and perhaps mission midpoint hover. Sizing 
missions typically include a design mission and a mission to determine fuel tank capacity. 


3-1.2 Component Sizing 


3-1.2.1 Propulsion System 


The engine size is described by the power P.,,, which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines Neng is specified for each engine group. 


If the sizing task determines the engine power for a propulsion group, the power Png of at least one 
engine group is found (including the first engine group). The total power required is Peg = r > Neng Peng, 
where r = max(PreqpG/Pavpq). The sized power is Psizea = Pea — Yogxeq Neng Peng, Where the sum is 
over the engine groups for which the power is fixed. Then the sized engine power is Peng = fn Psizea/Neng 
for the n-th engine group (with /,, an input ratio and fy; = >7,,41 sizea Jn for the first group). 


The jet size is described by the thrust Tj.,, which is the sea-level static thrust available per jet at 
a specified takeoff rating. The number of jets Nj-_ is specified for each jet group. If the sizing task 
determines the jet thrust for a jet group, the thrust 7;,, is scaled by the factor r = max(Thegsa/Tavsa)- 


The charger size is described by the power P.,,¢, which is the sea-level static power available. The 
number of systems Nprg is specified for each charge group. If the sizing task determines the charger 
power for a charge group, the power Ponrg is scaled by the factor r = max(Pregoa/Pavea). 


3-1.2.2. Main Rotor 


The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity o, 
hover tip speed Vip, and blade loading Cw /a = W/ pAVind- With more than one main-rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwWp. The 


air density p for Cy /a is obtained from a specified takeoff condition. 


If the rotor radius is fixed for the sizing task, three of (R or W/A), Cw/c, Viip, and o are input, and 
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the 
radius of another rotor. 


If the sizing task determines the rotor radius (R and W/A), then two of Cw//c, Viip, and o are input, 
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and the other parameter is derived. The radius can be sized for just a subset of the rotors, with fixed 
radius for the others. The radii of all sized rotors are changed by the same factor. 


3-1.2.3. Antitorque or Auxiliary Thrust Rotor 


For antitorque and auxiliary thrust rotors, three of (R or W/A), Cw/o, Viip, and o are input, and the 
other parameters are derived. Optionally the radius can be calculated from a specified ratio to the radius 
of another rotor. Optionally the radius can be scaled with the main-rotor radius. The disk loading and 
blade loading are based on frTiesign, Where fr is an input factor and T4.sign iS the maximum thrust from 
designated design conditions and missions. 


3-124 Wing 


The wing size is defined by the wing area S or wing loading W/S, span (perhaps calculated from 
other geometry), chord, and aspect ratio. With more than one wing, the wing loading is obtained from 
an input fraction of design gross weight, W = fwWop. 


Two of the following parameters are input: area (or wing loading), span, chord, and aspect ratio; 
the other parameters are derived. Optionally the span can be calculated from the rotor radius, fuselage 
width, and clearance (typically used for tiltrotors). Optionally the span can be calculated from a specified 
ratio to the span of another wing. 


3-1.2.5 Fuel Tank 


The fuel tank capacity Wiuci_cap (maximum usable fuel weight) or Eyuci_cap (Maximum usable fuel 
energy) is determined from designated sizing missions. The maximum mission fuel required, Weucl_miss 
or Efuci—-miss (excluding reserves and any fuel in auxiliary tanks), gives 


Weuel—cap _ max( ffuel—cap Wiuel—miss; Weuel—miss + Wreserve) 


Efuel—cap = max( ffuel—capLfuel—miss; Esuel—miss at Eveserve) 


or 
Weuel—cap = dtucl—cap Ip Feuel—cap(Weuel—miss + Wreserve) 


Efuci—cap = dfuel—cap Te. Fegel eae CE tel nace 0 Bee) 
where fruci-cap = 1 is an input factor. Alternatively, the fuel tank capacity Wiueicap OF Efuel—cap Can 


be input. Optionally the maximum mission battery discharge power gives P-ap, from which Efuei—cap = 
max(Efuel—cap; (€tank/Ttank)Peap) (MJ from kW). 


3-1.2.6 Weights 


The weight empty Wz can be calculated, or input, or scaled with design gross weight: Wz = 
dwe+ fweWp. Fixed or scaled weight empty is implemented by adjusting the contingency weight. 


The structural design gross weight Wgp and maximum takeoff weight Warro can be input, or 
specified as an increment d plus a fraction f of a weight W: 


dspaw + fspawWp 
Wsp =dspaw + fspawW = 4 dspaw + fspaw(Wop — Wruei + ftuc!Weucl—cap) 
dspaw + fspawWmro 


dwmuto + fwmTroWp 
Wurto = dwuto + fwumtroW = 4 dwmto + fwmto(Wp — Wruei + Wruet—cap) 
dwuto + fwmtroWsp 
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This convention allows the weights to be input directly (f = 0), or scaled with a design weight. For 
Wsp, W is the design gross weight Wp, or Wp adjusted for a specified fuel state (input fraction of fuel 
capacity), or the maximum takeoff weight Wyro. Alternatively, Wsp can be calculated as the gross 
weight at a designated sizing flight condition. For Wyo, W is the design gross weight Wp, or Wp 
adjusted for maximum fuel capacity, or the structural design gross weight Wsp. Alternatively, Wiro 
can be calculated as the maximum gross weight possible at a designated sizing flight condition. 


3-1.2.7 Drive System Limit 


The drive system limit is defined as a power limit, Ppsiimit. The limit is properly a torque limit, 
Qosiimit = Ppsimit/Qrer, but is expressed as a power limit for clarity. The drive system limit can be 
specified as follows (with fiimit an input factor): 


a) Input Posiimit- 

b) From the engine takeoff power limit, Po siimit = flimit >> NengPeng (summed over 
all engine groups). 

c) From the power available at the transmission sizing conditions and missions, 
Postimit = limit (Qret /Qprim) > Neng Pav (largest of all conditions and segments). 
d) From the power required at the transmission sizing conditions and missions, 
Postimit = fiimit (Qret /OQprim) > NengPreq (largest of all conditions and segments). 


The drive system limit is a limit on the entire propulsion system. To account for differences in the 
distribution of power through the drive system, limits are also used for the torque of each rotor shaft 
(Prsiimit) and of each engine group (Pesiimit). The engine shaft limit is calculated as for the drive system 
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the 
rotor power required at the transmission sizing flight conditions. The power limit is associated with a 
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight 
state. The rotation speed for the drive system limit Ppsiimit is the hover speed of the primary rotor of 
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit Pesiimit 
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit Prsimit is the 
corresponding speed of that rotor. 


The drive system limits can be specified for several levels, analogous to engine ratings. The limit 
Ppsiimit 1S associated with the maximum continuous rating (MCQ or MCP). An alternate rating changes 
the torque limit by the factor x. Typically x > 1 for ratings associated with short duration operation. 
The torque limit is calculated from Qiimit = Q/ax for the flight condition or mission segment. The torque 
limit is applied as Q = rQimit- 


3-2 Mission Analysis 


For the mission analysis, the fuel weight or payload weight is calculated. Power required, torque 
(drive system, engine shaft, and rotor shaft), and fuel weight are then verified to be within limits. 
Missions can be fixed or adjustable. 


3-3 Flight Performance Analysis 


For each performance flight condition, the power required is calculated or maximum gross weight 
is calculated. Power required, torque (drive system, engine shaft, and rotor shaft), and fuel weight are 
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then verified to be within limits. 


3-4 Maps 


3-4.1 Engine Performance 


The engine performance can be calculated for a specified range of power, altitude, and speed. 


3-4.2 Airframe Aerodynamics 


The airframe aerodynamic loads can be calculated for a specified range of angle of attack, sideslip 
angle, and control angles. The aerodynamic analysis evaluates the component lift, drag, and moments 
given the velocity. The aircraft velocity is vf, = C’4(v00)"; interference velocity from the rotors is 
not considered. From the angle of attack a and sideslip angle 3, the transformation from wind axes to 
airframe axes is CPA = Y, Z_ g (optionally CFA = Z_ Yq can be used, for better behavior in sideward 
flight). The loads are summed in the airframe axes (with and without tail loads), and then the wind axis 


loads are: 
aS 5 M, 
A AF pF A AF ),F 
BOS YP SOerr M4=| M, | =c4?mM 


—L 


The center of action for the total loads is the fuselage location zgs¢. The ratio of the loads to dynamic 
pressure is required, so a nominal velocity v = 100 (ft/sec or m/sec) and sea level standard density are 
used. 


Chapter 4 


Operation 


4-1 Flight Condition 


Flight conditions are specified for the sizing task and for the flight performance analysis. For each 
condition, a flight state is also defined. For the sizing task, certain flight conditions are designated for 
engine sizing, design gross weight calculations, transmission sizing, maximum takeoff weight calcula- 
tions, or rotor thrust sizing. The flight condition parameters include gross weight and useful load. The 
gross weight can be specified as follows, consistent with the sizing method: 


a) Design gross weight, Wp (calculated or input). 

b) Structural design gross weight, Ws np, or maximum takeoff weight, Warro (which 
may depend on Wp). 

c) Function of Wp: W = d+ fWp (with d an input weight and f an input factor). 
d) Function of Wsp (W = d+ fWsp); or function of Wyrro (W =d+ fWmro). 
e) Input W. 

f) Gross weight from specified mission segment or flight condition; or function of 
source (W = d+ fWeource)- 

g) Gross weight maximized, such that power required equals specified power: 
PreqePG = fPavpq +d, with d an input power and f an input factor; in general, 
min((fPaveg + d) — Preqepcg) = 0, minimum over all propulsion groups; default 
d= 0 and f = 1 gives zero power margin, min(Pa,pq — Preqpa) = 0. 

h) Gross weight maximized, such that thrust required equals specified thrust: 
Treqig = fTavsq + d, with d an input thrust and f an input factor; in general, 
min((fTavsg + d) — TreqsG) = 0, minimum over all jet groups; default d = 0 and 
f =1 gives zero thrust margin, min(Tovs¢ — Treqsg) = 0. 

1) Gross weight maximized, such that transmission torque equals limit: zero torque 
margin, min(Pimit — Preq) = 0 (mininum over all propulsion groups, engine groups, 
and rotors). 

j) Gross weight maximized, such that power required equals specified power, or 
thrust required equals specified thrust, or transmission torque equals limit (most 
restrictive). 

k) Gross weight fallout from input payload and fuel weights: We = Wo + Wpay + 
Wruel- 


Only the last five options are available for Wp design conditions in the sizing task. The gross weight can 
be obtained from a mission segment only for the sizing task. Optionally the altitude can be obtained from 
the specified mission segment or flight condition. The secant method or the method of false position is 
used to solve for the maximum gross weight. A tolerance ¢ and a perturbation A are specified. 
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The useful load can be specified as follows, consistent with the sizing method and the gross weight 
specification. 


a) Input payload weight W,ay, fuel weight fallout: Wier = We — Wo — Wpay. 

b) Input fuel weight Wine, payload weight fallout: Way = We — Wo — Wruel- 

c) Input payload and fuel weights, gross weight fallout (must match gross weight 
option): We = Wo + Wpay + Wruet- 


The input fuel weight is Wrue: = min(dfuei + fruci Wiuel—cap; Weuel—cap) + >> Nauxtank Waux—cap- For fallout 
fuel weight, Nauxtank iS changed (optionally only increased). If the auxiliary tank weight is greater than 
the increment in fuel weight needed, then the fallout fuel weight Wier = We — Wo — Way can not be 
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight 
changed instead. The fixed useful load can have increments, including crew weight increment; equipment 
weight increment; and installed folding, wing, wing extension, and other kits. These increments are 
reflected in the fallout weight. If the motive device burns energy not weight, then the fuel weight is zero 
and the input fuel energy is Efuey = min(dfuel + fruelMfuel—cap, fuel—cap) + >) NauxtankMaux—cap- 
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Missions are defined for the sizing task and for the mission performance analysis. A mission 
consists of a specified number of mission segments. A flight state is defined for each mission segment. 
For the sizing task, certain missions are designated for engine sizing, design gross weight calculations, 
transmission sizing, or fuel tank sizing. The mission parameters include mission takeoff gross weight 
and useful load. The gross weight can be specified as follows, consistent with the sizing method: 


a) Design gross weight, Wp (calculated or input). 

b) Structural design gross weight, Wsp, or maximum takeoff weight, Warro (which 
may depend on Wp). 

c) Function of Wp: W = d+ fWp (with d an input weight and f an input factor). 
d) Function of Wsp, W = d+ fWsp; or function of Wyro, W =d+ fWuro. 

e) Input W. 

f) Gross weight maximized at specified mission segments, such that power required 
equals specified power: Ppegpg = f Pavpg+d, with d an input power and f an input 
factor; in general, min((fPaveg + d) — Pregpg) = 0, minimum over all propulsion 
groups; default d = 0 and f = 1 gives zero power margin, min(Pavpg — Preqpa) = 0. 
g) Gross weight maximized at specified mission segments, such that thrust required 
equals specified thrust: Theg 7g = fTavsg +d, with d an input power and f an input 
factor; in general, min((fTu.7¢ + d) — Treqsq) = 0, minimum over all jet groups; 
default d = 0 and f = 1 gives zero thrust margin, min(Tavsg — Treqsa) = 0. 

h) Gross weight maximized at specified mission segments, such that transmission 
torque equals limit: zero torque margin, min(Pimit — Preq) = 0 (mininum over all 
propulsion groups, engine groups, and rotors). 

i) Gross weight maximized at specified mission segments, such that power required 
equals specified power, or thrust required equals specified thrust, or transmission 
torque equals limit (most restrictive). 

j) Gross weight fallout from input initial payload and fuel weights: We = Wo + 
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Way 1 Weuel- 
k) Gross weight fallout from input initial payload weight and calculated mission 
fuel weight: We = Wo + Wpay + Wruel- 


If maximum gross weight is specified for more than one mission segment, then the minimum takeoff 
gross weight increment is used; so the power or torque margin is zero for the critical segment and positive 
for other designated segments. Only the last six options are available for Wp design conditions in the 
sizing task. The secant method or the method of false position is used to solve for the maximum gross 
weight. A tolerance ¢ and a perturbation A are specified. 


The useful load can be specified as follows, consistent with the sizing method and the gross weight 
specification: 


a) Input initial payload weight W,,.,, fuel weight fallout: Wier = We — Wo — Wpay- 
b) Input fuel weight Wj,<1, initial payload weight fallout: Way = We — Wo — Wiuet. 
c) Calculated mission fuel weight, initial payload weight fallout: W,a, = We — 
Wo — Wiuel- 

d) Input payload and fuel weights, takeoff gross weight fallout (must match gross 
weight option): We = Wo + Wpay + Wruei- 

e) Input payload weight and calculated mission fuel weight, takeoff gross weight 
fallout (must match gross weight option): Wg = Wo + Wpay + Wruei- 


The input fuel weight is Wruer = min(dfuer + fiue!Winel—cap; Wruel—cap) + >) NauxtankWaux—cap; if the 
fuel weight is fallout, then this is the initial value for the mission iteration. If the fuel weight is not 
calculated from the mission, then the mission is changed. The fixed useful load can have increments, 
including installed folding kits; other increments are specified for individual mission segments. If 
the motive device burns energy not weight, then the fuel weight is zero and the input fuel energy is 
Efe = min(dtuet + fuel Efuel—cap; Efuel—cap) + >> NauxtankHaux—cap: 


The takeoff gross weight is evaluated at the start of the mission, perhaps maximized for zero power 
margin at a specified mission segment (either takeoff conditions or midpoint). Then the aircraft is 
flown for all segments. For calculated mission fuel weight, the fuel weight at takeoff is set equal to the 
fuel required for the mission (burned plus reserve). For specified takeoff fuel weight with adjustable 
segments, the mission time or distance is adjusted so the fuel required for the mission (burned plus 
reserve) equals the takeoff fuel weight. The mission iteration is thus on mission fuel weight or energy. 
Range credit segments (defined below) can also require an iteration. A successive substitution method 
is used if an iteration is required, with a tolerance « specified. The iteration to maximize takeoff gross 
weight could be an outer loop around the mission iteration, but instead it is executed as part of the mission 
iteration. At the specified mission segment, the gross weight is maximized for zero power margin, and 
the resulting gross weight increment added to the takeoff gross weight for the next mission iteration. 
Thus takeoff gross weight is also a variable of the mission iteration. 


Each mission consists of a specified number of mission segments. The following segment types 
can be specified: 


a) Taxi or warm-up (fuel burned but no distance added to range). 

b) Distance: fly segment for specified distance (calculate time). 

c) Time: fly segment for specified time (calculate distance). 

d) Hold: fly segment for specified time (loiter, so fuel burned but no distance added 
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to range). 

e) Climb: climb or descend from present altitude to next segment altitude (calculate 
time and distance). 

f) Spiral: climb or descend from present altitude to next segment altitude (fuel 
burned but no distance added to range). 

g) Fuel: use or replace specified fuel amount (calculate time and distance). 

h) Burn: use or replace specified fuel amount (calculate time but no distance added 
to range). 


For each mission segment a payload weight can be specified; or a payload weight change can be specified, 
as an increment from the initial payload or as a fraction of the initial payload. If the payload is calculated 
from the number of passengers, then for each mission segment a change in the number of passengers 
can be specified. 


The number of auxiliary fuel tanks can change with each mission segment: Nauxtank is changed 
based on the fuel weight (optionally only increased relative to the input number at takeoff, optionally fixed 
during mission). For input fuel weight, Nauxtank 1s specified at takeoff. For fallout fuel weight, the takeoff 
fuel weight is changed for the auxiliary fuel tank weight given Nauxtank (fixed We —Wpay = Wo + Wruei)- 
If the auxiliary tank weight is greater than the increment in fuel weight needed, then the fallout fuel 
weight Winer = Wa — Wo — Wpay can not be achieved; in such a case, the fuel weight is capped at the 
maximum fuel capacity and the takeoff payload weight changed instead. For fuel tank design missions, 
Nauxtank and fuel tank capacity is determined from W,,.). Optionally the aircraft can refuel (either on the 
ground or in the air) at the start of a mission segment, by either filling all tanks to capacity or adding a 
specified fuel weight. Optionally fuel can be dropped at the start of a mission segment. The fixed useful 
load can have changes, including crew weight increment, equipment weight increment, and installed 
wing extension and other kits. 


For calculation of the time or distance in a mission segment, a headwind or tailwind can be specified. 
The wind velocity is a linear function of altitude h: V,, = +(max(0, dwing + fwinah)), With the plus sign 
for a headwind and the minus sign for a tailwind. For example, California-to-Hawaii 85‘ percentile 
winter quartile headwind profile is V,, = 9.59 + 0.00149h (with altitude h in ft). 


Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at speed for best 
endurance. Fuel reserves can be an input fraction of the fuel burned by all (except reserve) mission 
segments, SO Winer = (1 + fres)Wourn OF Efuer = (1+ fres)Eburn. Fuel reserves can be an input fraction 
of the fuel capacity, so Wier = Woum + fresWiuel—cap OF Efuer = Epurn + fresfuel—cap- If more than 
one criterion for reserve fuel is specified, the maximum reserve is used. Time and distance in reserve 
segments are not included in endurance and range. 


To facilitate specification of range, range calculated for a group of segments (typically climb and 
descent segments) can be credited to a designated distance segment. For mission analysis, missions can 
be fixed or adjustable. In an adjustable mission, the fuel is input, so the time or distance in specified 
segments is adjusted based on the calculated fuel burned. If more than one segment is adjusted, all must 
be distance or all must be time or hold. Each segment can have only one special designation: reserve, 
adjustable, or range credit. 


A segment with a large distance, time, or altitude change can be split into several segments, for 
more accurate calculation of the performance and fuel burned. The number of segments n can be input, 
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or calculated from an input increment A: n = [2/A] + 1, where the brackets indicate integer truncation, 
and z is the total distance, time, or altitude change. Then the change for each split segment is A = z/n. 


Table 4-1 summarizes the time T, distance D, and range dR calculations for each segment. The 
segment fuel burned is dWyurn = Tw, where w is the fuel flow; and dEyun = TE, where E is the energy 
flow. The horizontal velocity is V;,, and the vertical velocity (climb or descent) is V.. The altitude at the 
start of the segment is h, and at the end of the segment (start of next segment) hena. The wind speed is 
V., and the ground speed is V;, — V,,. The air distance is calculated from the time and speed (D/V,,), 
without the wind speed. 


To use or replace fuel (weight or energy), the increment is specified in terms of the capacity 
(dWourn = dtank + ftankWeuel—cap) or the current fuel (dWyum = dtank + ftankWeuei). Alternatively, a 
target fuel is specified and the increment calculated from the current fuel. The tank is charged if the 
energy rate is negative. The segment time T is the minimum of dWpurn/w or dEburn/ E for all fuel tank 
systems. 


In an adjusted mission, the distances or times are changed at the end of the mission such that 
the sum of the fuel burned increments will equal the difference between takeoff fuel weight (plus any 
added fuel) and the calculated mission fuel: S> dWpum = >> wdT = So wdD/(V_, — Vw) = AWruer. The 
increments are apportioned among the adjusted segments by the factor f, determined from the ratio of 
the input distances or times: dD = fAD or dT = fAT. Hence AD = AWyiuei/ (>> fw/(Vn - Vi) or 
AT = AWruei/ (32 fw). The approach is similar if fuel energy is used, not weight. For a segment that 
is a source of range credit, the range increment is set to zero and the distance D is added to Dother of 
the destination segment. For the destination segment, the range contribution remains fixed at the input 
value, but the time and hence fuel burned are calculated from (dist — Dother). It is necessary to separately 
accumulate Dother from earlier segments and Dother from later segments; Dother from later segments 
are estimated initially from the last iteration. At the end of the mission, the times and fuel burned are 
recalculated for all range credit destination segments. 


Table 4-1. Mission segment calculations. 


segment kind time T distance D range dR 
taxi time 0 D 
distance D/(Vn — Vw) dist D 
time time T(Vn — Vw) D 
hold time 0 D 
climb (h — hena)/Ve T(Vn — Vw) D 
spiral (h — hena)/Ve 0 D 
fuel dWourn/t OF dEpurn/E T (Vpn — Vw) D 
burn dWourm/t Or dEpurn/E 0 D 
range credit 

source T D 0 

destination D/(Vn — Vw) dist — Dother dist 
adjusted 

distance T+dD/(Vp_ — Vw) D+dD=D+fAD D iées 

time T+dl =T+fAT Dia, V,,) Drises 

hold T+dT=T+fAT 0 Deck 
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The segment time, distance, and fuel burned are evaluated by integrating over the segment duration. 
This integration can be performed by using the horizontal velocity, climb velocity, and fuel flow obtained 
for the flight state with the gross weight and altitude at the start of the segment; or at the middle of the 
segment; or the average of the segment start and segment end values (trapezoidal integration). The gross 
weight at the segment middle equals the gross weight at the segment start, less half the segment fuel 
burned (obtained from the previous mission iteration). The gross weight at the segment end equals the 
gross weight at the segment start, less the segment fuel burned. With trapezoidal integration, for the 
output the flight state is finally evaluated at the segment middle. 


The mission endurance (block time), range, and fuel burned are EF = 5° T, R = )°dR, Woum = 
3° dWpurn (sum over all non-reserve segments). The reserve fuel from mission segments is Wis = 
>> dWpurn (sum over all reserve segments). Optionally the reserve fuel is the maximum of that from 
mission segments and the fraction fresWburn, or the fraction fresWruel—cap- The calculated mission fuel 
is then Weyer = Wourn + Wres- 


A fuel efficiency measure for the mission is the product of the payload and range, divided by the 
fuel weight: e = WpayR/Wburn (ton-nm/Ib or ton-nm/kg). A productivity measure for the mission is 
p = WoayV/Wo (ton-kt/lb or ton-kt/kg), where Wo is the operating weight and V the block speed; or 
p = WoayV/Wourn (ton-kt/lb or ton-kt/kg). The Bréguet range equation R = RF In(Wo/W)) is obtained 
by integrating dR = —RF(dW/W) for constant range factor 

_ L/De _ WV/P 


F = 
R sfc sfc 


The endurance E = EF 2(\/Wo/W; — 1) is obtained by integrating dE = —EF.\/Wo(dW/W*/?) for 


constant endurance factor 
EF L/De ~W/Wo _ W/P/W/Wo 
sfc Vv sfc 


Constant RF implies operation at constant L/D, = WV/P. Constant EF implies operation at constant 
(L/D.)VW/V = W?/?/P (or constant Cy */Cp for an airplane). It follows that overall range and 
endurance factors can be calculated from the mission performance: 


~ R 
7 InWo/Wi 
E 


2mm) 


where Wo = W;. is the takeoff weight, and W, = W;,. — Woum. If energy is burned, not weight, the 
efficiency metrics can be based on the equivalent fuel burned FEyurn/eree and the range factor can be 
based on the equivalent specific fuel consumption. But since the weight does not change as energy is 
used, the equation dR = —RF(dW/W) integrates to R = RF(Wpurn/W). 


RF 


EF= 


4-3 Takeoff Distance 


The takeoff distance can be calculated, either as ground run plus climb to clear an obstacle or 
accelerate-stop distance in case of engine failure. The obstacle height h, is typically 35 ft for commercial 
transport aircraft, or 50 ft for military aircraft and general aviation. This calculation allows determination 
of the balanced field length: engine failure at critical speed, such that the distance to clear the obstacle 
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Figure 4-1. Takeoff distance and accelerate-stop distance elements. 


equals the distance to stop. Landing and VTOL takeoff calculations are not implemented, as these are 
best solved as an optimal control problem. 


The takeoff distance consists of a ground run, from zero ground speed to liftoff speed Vio, perhaps 
including engine failure at speed Vz; then rotation, transition, and climb; or decelerate to stop. Figure 
4-1 describes the elements of the takeoff distance and the accelerate-stop distance, with the associated 
speeds. The ground is at angle yc relative to the horizontal (inertial axes), with yg positive for takeoff up 
hill. The takeoff profile is defined in terms of ground speed or climb speed, input as calibrated airspeed 
(CAS). The aircraft speed relative to the air is obtained from the ground speed, wind, and ground slope. 
The aircraft acceleration as a function of ground speed is integrated to obtain the ground distance, as 
well as the time, height, and fuel burned. Usually the speed increases from the start to liftoff (or engine 
failure), but the calculated acceleration depends on the flight state specification. The analysis checks for 
consistency of the input velocity and the calculated acceleration (on the ground), and for consistency of 
the input height and input or calculated climb angle (during climb). 


The takeoff profile consists of a set of mission segments. The first segment is at the start of the 
takeoff, V = 0. Subsequent segments correspond to the ends of the integration intervals. The last 
segment has the aircraft at the required obstacle height, or stopped on the ground. The mission can 
consist of just one takeoff, more than one takeoff, or both takeoff and non-takeoff segments. Takeoff 
segments contribute to the mission fuel burned, but do not contribute to the mission time, distance, or 
range. The takeoff distance calculation is performed for a set of adjacent segments, the first segment 
specified as the takeoff start, and the last segment identified as before a non-takeoff segment or before 
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another takeoff start. The takeoff distance is calculated if a liftoff segment (with Vzo) is specified; 
otherwise the accelerate-stop distance is calculated. Table 4-2 summarizes the mission segments for 
takeoff calculations. There can be only one liftoff, engine failure, rotation, and transition segment 
(or none). The engine failure segment must occur before the liftoff segment. Rotation and transition 
segments must occur after liftoff. All ground run segments must be before liftoff, and all climb segments 
must be after liftoff. Takeoff segments (except start, rotation, and transition) can be split, in terms of 
height for climb and in terms of velocity for other segments. Splitting the takeoff or engine failure 
segment produces additional ground run segments. Separately defining multiple ground run, climb, or 
brake segments allows configuration variation during the takeoff. 


Each takeoff segment requires that the flight state specify the appropriate configuration, trim option, 
and maximum effort. In particular, the number of inoperative engines for a segment is part of the flight 
state specification, regardless of whether or not an engine failure segment is defined. The engine failure 
segment (if present) serves to implement a delay in decision after failure: for a time t, after engine 
failure, the engine rating, power fraction, and friction of the engine failure segment are used (so the 
engine failure segment corresponds to conditions before failure). The number of inoperative engines 
specified must be consistent with the presence of the engine failure segment. The takeoff is assumed 
to occur at fixed altitude (so the maximum-effort variable can not be altitude). The flight state velocity 
specification is superseded by the ground or climb speed input for the takeoff segment. The flight state 
specification of height above ground level is superseded by the height input for the takeoff segment. 


The ground distance, time, height, and fuel burned are calculated for each takeoff segment. The 
takeoff distance or accelerate-stop distance is the sum of the ground distance of all segments. Takeoff 
segments do not contribute to mission time, distance, or range. 


Table 4-2. Mission segments for takeoff calculation. 


takeoff distance accelerate-stop distance 
start V=0 start V=0 
ground run V ground run V 
engine failure Ver engine failure Ver 
ground run V brake V 
liftoff Vio brake V=0 
rotation Vr 

transition Vrr 

climb, to h VoL 

climb, to h, VoL 


4-3.1 Ground Run 


The takeoff starts at zero ground speed and accelerates to liftoff ground speed Vio (input as CAS). 
Possibly an engine failure speed Ver < Vzo is specified. Start, liftoff, and engine failure segments 
designate events, but otherwise are analyzed as ground run segments. The decision speed Vj is ty 
seconds after engine failure (typically t; = 1 to 2 sec). Up to t, after engine failure, conditions of the 
engine failure segment are used (so the engine failure segment corresponds to conditions before failure). 
The aircraft acceleration is obtained from the thrust minus drag (TJ — D in airplane notation), plus a 
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friction force proportional to the weight on wheels (W — L in airplane notation): 


Ma=T-D-p(W-L)=S PF, -p)_F. 


from the force components in ground axes (rotated by the ground slope angle yq from inertial axes). 
Table 4-3 gives typical values of the friction coefficient 4. The velocity of the aircraft relative to the 
air is obtained from the ground velocity V, wind velocity V,, (assumed parallel to the ground here), 
and the ground slope: V;, = (V + V.,)cosyg and Ve = (V + Vy) sin yg. The takeoff configuration is 
specified, including atmosphere, in ground effect, gear down, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically fixed attitude 
with longitudinal force trimmed using collective, for a given longitudinal acceleration. Perhaps the net 
aircraft yaw moment is trimmed with pedal. The maximum-effort condition is specified: maximum 
longitudinal acceleration (ground axes) for zero power margin. The aircraft acceleration as a function 
of ground speed is integrated to obtain the segment time, ground distance, height, and fuel burned: 


dt d Lely, 1 
ta= f= [ Dw= | paar a) u) => At 
dt d d(v? ly 1 1 ot 
se= fvdt= [vZav= [= | eo ag a) => (2E*)a 
hg =0 


wa = f wpat= So (PE) at 


seg 


Trapezoidal integration is used; each segment corresponds to the end of an integration integral. 


Table 4-3. Typical friction coefficient ju. 


surface rolling braking 

dry and hard 0.03-0.05 0.30-0.50 

grass 0.08 0.20 

ice 0.02 0.06-0.10 
4-3.2 Brake 


After engine failure, the aircraft can decelerate to a stop. The operating engines are at idle. Reverse 
thrust is not permitted for the accelerate-stop distance calculation. The braking configuration is specified. 
Typically no trim option is executed; rather the aircraft has fixed attitude with controls for zero rotor 
thrust (such as zero collective and pedal). The aircraft acceleration as a function of ground speed is 
integrated, as for ground run. 


4-3.3 Rotation 


Rotation occurs at speed Vr; usually Ve = Vzro is used. The duration tz is specified, then sp = Vrtr, 
hr = 0, and wr = wetp are the ground distance, height, and fuel burned. Typically tz = 1 to 3 sec. 
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4-3.4 Transition 


Transition from liftoff to climb is modeled as a constant load factor pull-up to the specified climb 
angle y, at speed Vrr. Usually Vrr = Vzo is used, and typically npr = 1.2. From the load factor 
npr = 14+VFp/9Rre, the flight path radius is Rrp = V7.p/(9g(nrR-1)) and the pitchrate is 0 = Vrp/Rrr. 
Then 


eT ee ng 
Vrr g(nrR — 1) 
STR = Rrr sin Y 
hrr = Rrr(l— cosy) 
wre =UytrrR 
are the time, ground distance, height, and fuel burned. 
4-355 Climb 


Climb occurs at an angle y relative to the ground and air speed Vo_, from the transition height 
hrr to the obstacle height h, (perhaps in several climb segments). The climb configuration is specified, 
including atmosphere, in ground effect, gear down or retracted, power rating, nacelle tilt, flap setting, 
and number of inoperative engines. An appropriate trim option is specified, typically aircraft force and 
moment trimmed with attitude and controls. The climb angle and air speed can be fixed or a maximum- 
effort condition can be specified. The maximum-effort options are fixed air speed and maximum rate of 
climb for zero power margin; or airspeed for best climb rate or best climb angle with maximum rate of 
climb for zero power margin. Not implemented is a maximum-effort calculation of maximum flight path 
acceleration for zero power margin, for specified climb angle; this calculation would require integration 
of the acceleration as a function of flight speed. For the climb segment, the input Vc; is the magnitude 
of the aircraft velocity relative to the air, and the climb angle relative to the horizon is 6y = y+ yc. 
Hence from the maximum-effort calculation, the climb angle relative to the ground is 7 = 6y — yg and 
the ground speed is Veround = Vor cosy — Vw (from the wind speed V,,). Then 


toL = scoL/Veround 
SCL = (h = Mast) / tan 7 
hor =h 


WoL = WrtcL 


are the time, ground distance, height, and fuel burned. 


4-4 Flight State 


A flight state is defined for each flight condition (sizing task design conditions and flight performance 
analysis), and for each mission segment. The following parameters are required: 


a) Speed: flight speed and vertical rate of climb, with the following options: 


1) Specify horizontal speed (or forward speed or velocity magnitude), rate 
of climb (or climb angle), and sideslip angle. 

2) Hover or vertical flight (input vertical rate of climb; climb angle 0 or 
+90 deg). 

3) Left or right sideward flight (input velocity and rate of climb; sideslip 
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angle +90 deg). 
4) Rearward flight (input velocity and rate of climb; sideslip angle 180 
deg). 


b) Aircraft motion: 


1) Pitch and roll angles (Aircraft values or flight state input; initial values 
for trim variables, fixed otherwise). 
2) Turn, pull-up, or linear acceleration. 


c) Altitude: For mission segment, optionally input, or from last mission segment; 
climb segment end altitude from next segment. 


d) Atmosphere: 


1) Standard day, polar day, tropical day, or hot day at specified altitude. 
2) Standard day, polar day, or tropical day plus temperature increment. 
3) Standard day, polar day, or tropical day and specified temperature. 
4) Input density and temperature. 

5) Input density, speed of sound, and viscosity. 


e) Height of landing gear above ground level. Landing gear state (extended or 
retracted). 

f) Aircraft control state: input, or conversion schedule. 

g) Aircraft control values (Aircraft values or flight state input; initial values for trim 
variables, fixed otherwise). 

h) Aircraft center-of-gravity position (increment or input value). 


For each propulsion group, the following parameters are required: 


For each 


i) Drive system state. 
j) Rotor tip speed for primary rotor: 


1) Input. 

2) Reference. 

3) Conversion schedule or function speed. 

4) Default for hover, cruise, maneuver, one engine inoperative (OED), or 
transmission sizing condition. 

5) From input rotor advance ratio 4, or rotor advancing tip Mach number 
Mat. 


engine group (which is associated with a propulsion group): 


k) Number of inoperative engines. 
1) Infrared suppressor state: off (hot exhaust) or on (suppressed exhaust). 
m) Engine rating, fraction of rated engine power available, and drive system rating. 


For each jet group: 


n) Number of inoperative jets. 
0) Jet rating, fraction of rated thrust available. 
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For each charge group: 


p) Number of inoperative chargers. 
q) Charger rating, fraction of rated power available. 


Aircraft and rotor performance parameters for each flight state: 


r) Aircraft drag: forward flight drag increment, accounting for payload aerodynam- 
ics. 
s) Rotor performance: induced power factor « and profile power mean cq. 


The aircraft trim state and trim targets are also specified. 


The aircraft performance can be analyzed for the specified state, or a maximum-effort performance 
can be identified. For the maximum effort, a quantity and variable are specified. The available maximum- 
effort quantities include: 


a) Best endurance: maximum 1/w. 

b) Best range: 99% maximum V/w (high side), or low side, or 100%. 

c) Best climb or descent rate: maximum V, or 1/P. 

d) Best climb or descent angle: maximum V,/V;, or V/P. 

e) Ceiling: maximum altitude. 

f) Power limit: zero power margin, min(Pa,eq — Preqpc) = 0 (minimum over all 
propulsion groups). 

g) Torque limit: zero torque margin, min(Qiimit — Qreq) = 0 (minimum over all 
propulsion groups, engine groups, and rotors; Qiimit expressed as power at reference 
rotation speed). 

j) Jet thrust limit: zero thrust margin, min(Ti.7¢ — Treqsq@) = 0 (minimum over all 
jet groups). 

i) Power limit or torque limit or thrust limit: most restrictive. 

j) Battery limit: zero power margin, min(Pyax — |Epatt|) = 0 (minimum over all fuel 
tanks). 

k) Rotor stall: zero rotor thrust margin, (Cr/o)max — |Cr/o| = 0 (for designated 
rotor, steady or transient or equation limit). 

1) Wing stall: zero wing lift margin, Crmax — Cr = 0 (for designated wing). 


Here w is the aircraft fuel flow (or equivalent fuel flow E /€ret), and P is the aircraft power. The available 
maximum-effort variables include: 


a) Horizontal velocity V;, or vertical rate of climb V, (times an input factor). 
b) Aircraft sideslip angle. 

c) Altitude. 

d) Aircraft angular rate, 6 (pull-up) or w (turn). 

e) Aircraft linear acceleration (airframe, inertial, or ground axes). 

f) Aircraft controls. 

g) Aircraft orientation, 6 (pitch) or ¢ (roll). 

h) Propulsion group tip speed or engine speed. 


Ifthe variable is velocity, first the velocity is found for the specified maximum effort; then the performance 
is evaluated at that velocity times an input factor. For endurance, range, or climb, the slope of the quantity 
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to be maximized must be zero; hence in all cases the target is zero. The slope of the quantity is evaluated 
by first-order backward difference. For the range, first the variable is found such that V/w is maximized 
(slope zero), then the variable is found such that V/w equals 99% of that maximum. Two maximum- 
effort quantity/variable pairs can be specified, and solved in nested iterations. The secant method or 
the method of false position is used to solve for the maximum effort. The task of finding maximum 
endurance, range, or climb is usually solved using the golden-section or curve-fit method. A tolerance 
e and a perturbation A are specified. 


Given the gross weight and useful load (from the flight condition or mission specification), the 
performance is calculated for this flight state. The calculated state information includes weight, speed 
and velocity orientation (climb and sideslip), aircraft Euler angles, rotor tip speeds, and aircraft controls. 


A number of performance metrics are calculated for each flight state. The aircraft effective drag is 
D, = P/V, hence the effective lift-to-drag ratio is L/D, = WV/P. For these metrics, the aircraft power 
is the sum of the engine group power and jet group propulsive power: P = Preq + VTjez. The specific 
range is the ratio of the speed to the fuel flow: V/w (nm/Ib or nm/kg). From the Bréguet range equation, 
it follows that the range for which the fuel equals 1% of the gross weight is 


L/De. 1 
Rixaw = / in( ) 


sfc .99 


A fuel efficiency measure is the product of the payload and specific range: e = Wpay(V/w) (ton- 
nm/lb or ton-nm/kg). A productivity measure is p = W,.,V/Wo (ton-kt/lb or ton-kt/kg), where Wo is 
the operating weight. If fuel energy is used, not weight, these performance metrics are based on the 
equivalent w and equivalent sfc. 


The aircraft weight statement defines the fixed useful load and operating weight for the design 
configuration. For each flight state, the fixed useful load may be different from the design configuration, 
because of changes in auxiliary fuel tank weight or kit weights or increments in crew or equipment 
weights. Thus the fixed useful load weight is calculated for the flight state; and from it the useful load 
weight and operating weight. The gross weight, payload weight, and usable fuel weight (in standard 
and auxiliary tanks) completes the weight information for the flight state. 


4-5 Environment and Atmosphere 


The aerodynamic environment is defined by the speed of sound c,, density p, and kinematic viscosity 
v = p/p of the air (or other fluid). These quantities can be obtained from the standard day (International 
Standard Atmosphere), or input directly. Polar day, tropical day, and hot day atmospheres can also be 
used. The following options are implemented: 


a) Input the altitude hgeom and a temperature increment AT’. Calculate the temper- 
ature from altitude and pressure from temperature for the standard day (or polar 
day, tropical day, hot day), add AT, and then calculate the density from the equa- 
tion of state for a perfect gas. Calculate the speed of sound and viscosity from the 
temperature. 


b) Input the pressure altitude hzeom and the temperature 7 (°F or °C). Calculate the 
pressure (from temperature vs. altitude) for the standard day (or polar day, tropical 
day, hot day), and then calculate the density from the equation of state for a perfect 
gas. Calculate the speed of sound and viscosity from the temperature. 
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c) Input the density p and the temperature 7 (°F or °C). Calculate the speed of sound 
and viscosity from the temperature. 


d) Input the density », sound speed c,, and viscosity 1. Calculate the temperature 
from the sound speed. 


e) For a fluid that is not air on earth, input the density », sound speed c,, and viscosity 
LL. 


Here hgeom is the geometric altitude above mean sea level. The sources of the atmosphere descriptions 
are references 1-6. 


The gravitational acceleration g can have the standard value or an input value. 


The International Standard Atmosphere (ISA) is a model for the variation with altitude of pressure, 
temperature, density, and viscosity, published as International Standard ISO 2533 by the International 
Organization for Standardization (ISO) (ref. 1). The ISA is intended for use in calculations and design 
of flying vehicles, to present the test results of flying vehicles and their components under identical 
conditions, and to allow unification in the field of development and calibration of instruments. The ISA 
is defined up to 80 km geopotential altitude and is identical to the ICAO Standard Atmosphere up to 32 
km. 


Dry air is modeled in the ISA as a perfect gas with a mean molecular weight, and hence a gas 
constant R, defined by adopted values for sea level pressure, temperature, and density (po, To, po). The 
speed of sound at sea level c.o is defined by an adopted value for the ratio of specific heats 7. The variation 
of temperature with geopotential altitude is defined by adopted values for vertical temperature gradients 
(lapse rates, L,) and altitudes (h,). The variation of pressure with geopotential altitude is further defined 
by an adopted value for the standard acceleration of free fall (g). The variation of dynamic viscosity ju 
with temperature is defined by adopted values for Sutherland’s empirical coefficients 6 and S. 


The required parameters are given in table 4-4, including the acceleration produced by gravity, g. 
The temperature T is in °K, while 7 is °C (perhaps input as °F); T = Tyero + 7. The gas constant is 
R= po/poTo, and po is actually obtained from S and 3. The standard atmosphere is defined in SI units. 
Although table 4-4 gives values in both SI and English units, all the calculations for the aerodynamic 
environment are performed in SI units. As required, the results are converted to English units using the 
exact conversion factors for length and force. 


The ISA consists of a series of altitude ranges with constant lapse rate L, (linear temperature change 
with altitude). Thus at altitude h,, the standard day temperature is 


Ta = Ty + Le(hg — hs) 


for hg > hy. The altitude ranges and lapse rates are given in table 4-5. Note that ho is sea level, and h, is 
the boundary between the troposphere and the stratosphere. This altitude h, is the geopotential height, 
calculated assuming constant acceleration due to gravity. The geometric height h is calculated using an 
inverse square law for gravity. Hence h, = rh/(r + h), where r is the nominal radius of the Earth. The 
standard day pressure is obtained from hydrostatic equilibrium (dp = —pg dh,) and the equation of state 
for a perfect gas (p = pRT, so dp/p = —(g/RT)dh,). In isothermal regions (LZ, = 0) the standard day 


pressure is 
Pstd _ .—(9/RT)(hg—hs) 
Pb 
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Pstd T ee 
Pb (=) 


where py is the pressure at hy, obtained from these equations by working up from sea level. Let To, po, po, 
Cs0, 40 be the temperature, pressure, density, sound speed, and viscosity at sea level standard conditions. 
Then the density, sound speed, and viscosity are obtained from 


ef vee Ne 
Pog () (=) 

p\ V2 
c= 00 (7) 


a (L/T)3/? 
— (sain t= 3) 


and in gradient regions (Ly 4 0) 


where tio = res a /(To + S') and a = To/(To +S). For the cases using input temperature, T = Tyero + T. 
The density altitude and pressure altitude are calculated for reference. From the density and the standard 
day (troposphere only), the density altitude is: 


on 9 \ Wa Rlzol-2) 
ha 1 
|Lo| Po 


From the pressure p = pRT and the standard day, 


‘ = Ay ae 7 Ts ' € me 
P |Zo| Po |Lo| me Te 


is the pressure altitude. 


The polar and tropical days are atmospheric models that describe realistic profiles of extremes 
of temperature and density, needed to calculate performance in near-worst-case conditions (ref. 6). 
These atmospheres are hydrodynamically balanced and can be used in calculations involving engine 
performance and aerodynamic characteristics, including calculations of true vertical velocity (ref. 4). 
Tables of air properties for the polar and tropical days are given in MIL-STD-3013A, based on MIL- 
STD-210A. The break points in the lapse rates are evident in MIL-STD-210A, in terms of degrees C 
as a function of altitude in ft (geopotential altitude in MIL-C-5011B). The pressure ratio at sea level is 
5 = 30.268/29.92 = 1.0116 for the polar day, and 6 = 1 for the tropical day. The altitude ranges and lapse 
rates are given in table 4-6 for the polar day and in table 4-7 for the tropical day. Figure 4-2 compares 
the temperature profiles. The air properties for the polar and tropical days are calculated from hy, Ly, 
and J; using the equations of hydrostatic equilibrium, as for the standard day. The primary data for the 
polar and tropical days are the altitude in ft and temperature in °C; hy in km and Ly are derived using 
the exact conversion factor for length. 


The conditions of the standard day, polar day, and tropical day are applicable to free air conditions. 
Temperatures close to the surface of the earth, even at high elevations, can be considerably higher 
than those for free air. The hot day is a model of ground-level atmospheric conditions, to be used for 
takeoff and other ground operations at elevations up to 15,000 ft (ref. 6). The hot day properties are 
statistically sampled and are not hydrodynamically balanced, hence should be used for approximately 
constant altitude conditions (ref. 4). 
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The origins of the hot day are in ref. 2, which has 103°F for sea level, and a lapse rate —3.7°F per 
1000 ft (geometric) to 40,000 ft. The pressure in the table is from the equations for equilibrium, which 
gives the pressure altitude; these data are not used further. According to MIL-STD-210A (paragraph 
3.1.1), the pressure (hence pressure altitude) as a function of altitude was obtained from statistics. Up 
to 15,000 ft, the ratio of geometric altitude to pressure altitude is 1.050. The —3.7 geometric lapse rate 
plus the mapping of geometric to pressure altitude gave °F vs. pressure altitude, rounded to 1 decimal 
place. Then °C was calculated from °F, rounded to 1 decimal place. The pressure ratio 5 followed 
from the pressure altitude. The geometric altitude (to 35,000 ft) in MIL-STD-210A was calculated from 
the temperature and the —3.7 lapse rate, rounded to 100s. MIL-C-5011B has the same data as MIL- 
STD-210A, but does not give geometric altitude, and truncates the table at 15,000 ft. MIL-STD-3013A 
took °C (already rounded to 1 decimal place) vs. pressure altitude (ft) from MIL-STD-210A as the 
temperature profile up to 15,000 ft, and calculated °F (2 decimal places, so no more loss of information) 
from °C. The geopotential altitude was calculated from °C and —3.7°F lapse rate, rounded to 100s; but 
this altitude information is not meaningful, since the atmosphere is not in equilibrium; only the pressure 
altitude is used. Thus the hot day model has a sea level temperature of 39.4°C (102.92°F). Curve fitting 
the data to 15,000 ft gives a lapse rate of —7.065°C per 1000 m = —2.1534°C per 1000 ft (table 4-8). 


Given the pressure altitude h, the hot day temperature and pressure ratio are 


Thot = Tp + Ly(h — hy) 


9) REy 
Phot Lo 
Phot _ (14 Zn) 
Po ( To 


using the standard day Lo = —6.5. A constant lapse rate fits the tabular data for the hot day atmosphere 
to only about 0.1°C. Thus the tabular data can be used directly instead (table 4-9, from MIL-C-5011B), 
with linear interpolation to the specified pressure altitude. MIL-STD-3013A has the same data, but only 
for altitudes a multiple of 1000 ft. 


4-6 References 


1) International Organization for Standardization. “Standard Atmosphere.” ISO 2533-1975(E), May 
1975. 


2) Theiss, E.C. “Proposed Standard Cold and Hot Atmospheres for Aeronautical Design.” Wright Air 
Development Center, United States Air Force, Technical Memorandum Report WCSE 141, June 1952. 


3) Department of Defense Military Specification. “Climatic Extremes for Military Equipment.” MIL- 
STD-210A, August 1957. 


4) Department of Defense Military Specification. “Charts: Standard Aircraft Characteristics and Perfor- 
mance, Piloted Aircraft (Fixed Wing). Appendix IC, Atmospheric Tables?’ MIL-C-005011B(USAF), 
June 1977. 


5) Department of Defense Military Specification. “Climatic Information to Determine Design and Test 
Requirements for Military Systems and Equipment.’ MIL-STD-210C, January 1987. 


6) Department of Defense Military Specification. “Glossary of Definitions, Ground Rules, and Mission 
Profiles to Define Air Vehicle Performance Capability.’ MIL-STD-3013A, September 2008. 
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Figure 4-2. Temperature as a function of altitude. 


Table 4-4. Constants adopted for calculation of the ISA. 


parameter SI units English units 
units h m ft 

units 7 °C °F 

m per ft 0.3048 

kg per Ibm 0.45359237 

To 288.15 °K 518.67 °R 

Theré 273.15 °K 459.67 °R 

Do 101325.0 N/m? 2116.22 Ib/ft? 

Po 1.225 kg/m* 0.002377 slug/ft? 
Cs0 340.294 m/sec 1116.45 ft/sec 

Lo 1.7894E-5 kg/m-sec 3.7372E-7 slug/ft-sec 
S 110.4 °K 

B 1.458E-6 

ay 14 

g 9.80665 m/sec? 32.17405 ft/sec? 
r 6356766 m 20855531 ft 
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Table 4-5. Temperatures and vertical temperature gradients: standard day. 
level base altitude hy lapse rate Ly temperature 7), 
km °K/km °K °C °F 
troposphere —2 -6.5 301.15 28 82.4 

0 troposphere 0 -6.5 288.15 15 59 
1 tropopause 11 0 216.65 -56.5 -69.7 
2 stratosphere 20 +1.0 216.65 -56.5 -69.7 
3 stratosphere 32 +2.8 228.65 -445 —-48.1 
4 stratopause 47 0 270.65 —2.5 215 
5 mesosphere 51 2.8 270.65 2.5 275 
6 mesosphere 71 2.0 214.65 -585 -73.3 
7 mesopause 80 0 196.65  -76.5 -105.7 

Table 4-6. Temperatures and vertical temperature gradients: polar day. 

base altitude hy lapse rate Ly, temperature Ti, pressure ratio 

ft km * °K/km * °K [G = SBC 5 = p/Po 

0 0 6.326 246.15 -27 -16.6 30.268/29.92 

3111.871 0.948 —1.083 252.15 -21 -58 

9172.604 2.796 -5.511 250.15 -23 -9.4 

28224.543 8.603 —-0.476 218.15  -55 -67.0 

83363.393 25.409 0 210.15 -63 -814 

* derived 


Table 4-7. Temperatures and vertical temperature gradients: tropical day. 


base altitude hy, 


lapse rate Ly 


temperature T;, 


pressure ratio 


ft km * °K/km * °K °C oF * 56 = p/po 
0 0 —6.687 305.25 32.1 89.78 1 

55000 16.764 4.374 193.15 —-80 —112.00 

70000 21.336 2.401 213.15 -60 —76.00 

100745 30.707 235.65 -37.5  —-35.50 

* derived 


Table 4-8. Temperatures and vertical temperature gradients: hot day. 


base altitude hy, 


lapse rate Ly 


temperature T), 


pressure ratio 


ft km * °K/km °K °C oR * 5 = p/po 
0 0 ~7.065 31255 394 10292 1 
15000 4.572 280.25* 7.10* 44.78 


* derived 
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Table 4-9. Temperature table for hot day (from MIL-C-5011B). 


pressure altitude temperature 

ft km * °K Ze ad ae 
0 0 312.55 39.4 102.92 
500 0.152 311.55 38.4 101.12 
1000 0.305 310.45 37:3 99.14 
1500 0.457 309.45 36.3 97.34 
2000 0.610 308.35 35.2 95.36 
2500 0.762 307.25 34.1 93.38 
3000 0.914 306.25 33.1 91.58 
3500 1.067 305.15 32.0 89.60 
4000 1.219 304.05 30.9 87.62 
4500 1.372 302.95 29.8 85.64 
5000 1.524 301.85 28.7 83.66 
5500 1.676 300.75 27.6 81.68 
6000 1.829 299.65 26.5 79.70 
6500 1.981 298.55 25.4 77.72 
7000 2.134 297.45 24.3 75.74 
7500 2.286 296.35 23.2 73.76 
8000 2.438 295.25 22.1 71.78 
8500 2.591 294.15 21.0 69.80 
9000 2.743 293.05 19.9 67.82 
9500 2.896 291.95 18.8 65.84 
10000 3.048 290.85 17.7 63.86 
10500 3.200 289.85 16.7 62.06 
11000 3.353 288.85 15.7 60.26 
11500 3.505 287.75 14.6 58.28 
12000 3.658 286.75 13.6 56.48 
12500 3.810 285.65 12.5 54.50 
13000 3.962 284.55 11.4 52.52 
13500 4.115 283.55 10.4 50.72 
14000 4.267 282.45 93 48.74 
14500 4.420 281.35 8.2 46.76 
15000 4.572 280.35 7.2 44.96 


* derived 
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Chapter 5 


Solution Procedures 


The NDARC code performs design and analysis tasks. The design task involves sizing the rotorcraft 
to satisfy specified design conditions and missions. The analysis tasks can include off-design mission 
performance analysis, flight performance calculation for point operating conditions, and generation of 
subsystem or component performance maps. Figure 5-1 illustrates the tasks. The principal tasks (sizing, 
mission analysis, and flight performance analysis) are shown in the figure as boxes with dark borders. 
Dark black arrows show control of subordinate tasks. 


The aircraft description (fig. 5-1) consists of all the information, input and derived, that defines 
the aircraft. The aircraft consists of a set of components, including fuselage, rotors, wings, tails, and 
propulsion. This information can be the result of the sizing task; can come entirely from input, for a 
fixed model; or can come from the sizing task in a previous case or previous job. The aircraft description 
information is available to all tasks and all solutions (indicated by light green arrows). 


Missions are defined for the sizing task and for the mission performance analysis. A mission consists 
of a specified number of mission segments, for which time, distance, and fuel burn are evaluated. For 
specified takeoff fuel weight with adjustable segments, the mission time or distance is adjusted so the 
fuel required for the mission (burned plus reserve) equals the takeoff fuel weight. The mission iteration 
is on fuel weight or energy. 


Flight conditions are specified for the sizing task and for the flight performance analysis. 


For flight conditions and mission takeoff, the gross weight can be maximized such that the power 
required equals the power available. 


A flight state is defined for each mission segment and each flight condition. The aircraft performance 
can be analyzed for the specified state, or a maximum-effort performance can be identified. The 
maximum effort is specified in terms of a quantity such as best endurance or best range, and a variable 
such as speed, rate of climb, or altitude. The aircraft must be trimmed, by solving for the controls 
and motion that produce equilibrium in the specified flight state. Different trim solution definitions are 
required for various flight states. Evaluating the rotor hub forces may require solution of the blade flap 
equations of motion. 


The sizing task is described in more detail in chapter 3. The flight condition, mission, and flight 
state calculations are described in chapter 4. The solution of the blade flap equations of motion is 
described in chapter 11. The present chapter provides details of the solution procedures implemented 
for each iteration of the analysis. 


The nested iteration loops involved in the solution process are indicated by the subtitles in the 
boxes of figure 5-1, and illustrated in more detail in figure 5-2. The flight state solution involves up 
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Figure 5-1. Outline of NDARC tasks. 


to three loops. The innermost loop is the solution of the blade flap equations of motion, needed for an 
accurate evaluation of the rotor hub forces. The next loop is the trim solution, which is required for 
most flight states. The flight state optionally has one or two maximum-effort iterations. The flight state 
solution is executed for each flight condition and for each mission segment. A flight condition solution 
or any mission segment solution can optionally maximize the aircraft gross weight. The mission usually 
requires an iterative solution, for fuel weight or for adjustable segment time or distance. Thus each flight 
condition solution involves up to four nested iterations: maximum gross weight (outer), maximum effort, 
trim, and blade motion (inner). Each mission solution involves up to five nested iterations: mission 
(outer), and then for each segment maximum gross weight, maximum effort, trim, and blade motion 
(inner). Finally, the design task introduces a sizing iteration, which is the outermost loop of the process. 
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Figure 5-2. Design and analysis tasks, with nested loops and solution methods. 
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5-1 Iterative Solution Tasks 


5-1.1 Tolerance and Perturbation 


For each solution procedure, a tolerance « and a perturbation A may be required. Single values are 
specified for the task and then scaled for each element tested or perturbed. 


The scaling is based on a reference weight W (design gross weight, or derived from aircraft 
Cr/o = 0.07), areference length L (fuselage length, rotor radius, or wing span), and a reference power 
P (aircraft installed power, or derived from P = W,/W/2pA). Then the force reference is F = W, 
the moment reference is = WL/10, and the angle reference is A = 1 deg. The velocity reference is 
V = 400 knots. The angular velocity reference is 2 = V/L (in deg/sec). The coefficient reference is 
C = 0.6 for wings and C = 0.1 for rotors. Altitude scale is H = 10000 ft. Acceleration scale is G = g 
(acceleration due to gravity). The range scale is X = 100 nm. These scaling variables are referred to in 
the subsections that follow, and in tables 5-1 to 5-4. 


5-1.2 Size Aircraft 


The sizing task determines the dimensions, power, and weight of a rotorcraft that can perform a 
specified set of design conditions and missions. The aircraft size is characterized by parameters such as 
design gross weight, weight empty, rotor radius, and engine power available. The relationships between 
dimensions, power, and weight generally require an iterative solution. From the design flight conditions 
and missions, the task can determine the total engine power or the rotor radius (or both power and radius 
can be fixed), as well as the design gross weight, maximum takeoff weight, drive system torque limit, 
and fuel tank capacity. For each propulsion group, the engine power or the rotor radius can be sized. 


A successive substitution method is used for the sizing iteration, with an input tolerance «. Relax- 
ation is applied to Pong or R, Tyet, Penrg, Wo, Wurro. Posiimit, Weuel—cap OF Efuet—cap, and Tyesign. Two 
successive substitution loops are used. The outer loop is an iteration on performance: engine power 
or rotor radius, jet thrust, charger power. The inner loop is an iteration on parameters: Wp, Warro, 
Postimits Weuel—cap OF Efuei—cap, aNd Taesign. Either loop can be absent, depending on the definition of the 
size task. Convergence is tested in terms of these parameters, and the aircraft weight empty Wz. The 
tolerance is 0.1 Pe for engine power and drive system limit; 0.01We for gross weight, maximum takeoff 
weight, fuel weight, jet thrust, and design rotor thrust; and 0.1Le for rotor radius. 


5-1.3 Mission 


Missions consist of a specified number of segments, for which time, distance, and fuel burn are 
evaluated. For calculated mission fuel weight, the fuel weight at takeoff is adjusted to equal the fuel 
required for the mission (burned plus reserve). For specified takeoff fuel weight with adjustable segments, 
the mission time or distance is adjusted so the fuel required for the mission (burned plus reserve) equals 
the takeoff fuel weight. The mission iteration is thus on fuel weight or energy. Range credit segments 
can also require an iteration. 


A successive substitution method is used if an iteration is required, with a tolerance « specified. 
The principal iteration variable is takeoff fuel weight, for which the tolerance is 0.01We. For calculated 
mission fuel weight, the relaxation is applied to the mission fuel value used to update the takeoff fuel 
weight. For specified takeoff fuel weight, the relationship is applied to the fuel weight increment used 
to adjust the mission segments. The tolerance for the distance flown in range credit segments is Xe. The 
relaxation is applied to the distance flown in the destination segments for range credit. 
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5-1.4 Maximum Gross Weight 


Flight conditions are specified for the sizing task and for the flight performance analysis. Mission 
takeoff conditions are specified for the sizing task and for the mission analysis. Optionally for flight 
conditions and mission takeoff, the gross weight can be maximized, such that the power required equals 
the power available, min(P..eG¢—Preqpq) = 0 (zero power margin, minimum over all propulsion groups); 
or such that the power required equals an input power, min((d+ fPavpa) — PreqpG) = 0 (minimum over 
all propulsion groups, with d an input power and / an input factor; this convention allows the power to 
be input directly, f = 0, or scaled with power available). Similarly, the gross weight can be maximized 
for zero jet thrust margin, or zero torque margin. 


The secant method or the method of false position is used to solve for the maximum gross weight. 
A tolerance ¢ and a perturbation A are specified. The variable is gross weight, with initial increment of 
WA, and tolerance of 0.01We. Note that the convergence test is applied to the magnitude of the gross 
weight increment. 


5-155 Maximum Effort 


The aircraft performance can be analyzed for the specified state or a maximum-effort performance 
can be identified. The secant method or the method of false position is used to solve for the maximum 
effort. The task of finding maximum endurance, range, or climb is usually solved using the golden- 
section or curve-fit method. A tolerance « and a perturbation A are specified. 


A quantity and variable are specified for the maximum-effort calculation. Tables 5-1 and 5-2 
summarize the available choices, with the tolerance and initial increment used for the variables. Note 
that the convergence test is applied to the magnitude of the variable increment. Optionally two quantity/ 
variable pairs can be specified, solved in nested iterations. The two variables must be unique. The two 
variables can maximize the same quantity (endurance, range, or climb). If the variable is velocity, first 
the velocity is found for the specified maximum effort; the performance is then evaluated at that velocity 
times an input factor. For endurance, range, or climb, the slope of the quantity to be maximized must be 
zero; hence in all cases the target is zero. The slope of the quantity is evaluated by first-order backward 
difference. For the range, first the variable is found such that V/w is maximized (slope zero), and then 
the variable is found such that V/w equals 99% of that maximum; for the latter the variable perturbation 
is increased by a factor of 4 to ensure that the solution is found on the correct side of the maximum. 


Table 5-1. Maximum-effort solution. 


maximum-effort variable initial increment tolerance 
horizontal velocity Va 0.1VA 0.1VeE 
vertical rate of climb Vz 0.1VA 0.1VeE 
aircraft velocity G (sideslip) 100AA 100 Ae 
altitude HA He 
aircraft angular rate 6 (pullup), a (turn) QA Qe 
aircraft linear acceleration Ay, dys Az GA Ge 
aircraft control angle 100 AA 100.Ae 
aircraft orientation 6 (pitch), ¢ (roll) 100AA 100 Ae 
propulsion group tip speed Veip VA Ve 


propulsion group engine speed Nspec 10QA 100€ 
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Table 5-2. Maximum-effort solution. 


maximum-effort quantity 


best endurance 

best range 

best climb or descent rate 
best climb or descent angle 
ceiling 

power limit 

torque limit 

thrust limit 

power, torque, thrust limit 
battery limit 

rotor stall 

wing stall 


maximum 1/w 

99% maximum V/w 

maximum V, or 1/P 

maximum V,/V or V/P 

maximum altitude 

power margin, min(Paveg — Preqpa) = 0 
torque margin, min(Qimit — Qreq) = 0 
thrust margin, min(Ta.7¢ — Treqsc) = 0 
power, torque, thrust margin 

power margin, min(Pnax — Eteaee |) =0 
thrust margin, (Cr/o)max — |Cr/a| = 0 
lift margin, Crmax — Cr =0 


high or low side, or 100% 


over all propulsion groups 
over all limits 

over all jet groups 

most restrictive 

over all fuel tanks 

for designated rotor 

for designated wing 


Table 5-3. Trim solution. 


trim quantity target tolerance 
aircraft total force x,y, 2 components 0 Fe 
aircraft total moment x, y, z components 0 Me 
aircraft load factor x,y, 2 components Flight State € 
propulsion group power Flight State Pe 
power margin Pavea — PreqPa Flight State Pe 
torque margin Ppsiimit — PreqPa Flight State Pe 
engine group power Flight State Pe 
power margin PaveG — Preqea Flight State Pe 
jet group thrust Flight State Fe 
thrust margin TaviG — TreqJG Flight State Fe 
charge group power Flight State Pe 
charge power margin §Payvcg — Preqoa Flight State Pe 
fuel tank energy flow Pe ee Flight State Pe 
battery power margin Phax — Raaers Flight State Pe 


rotor force 
rotor thrust 


lift, vertical, propulsive 
Cr/o 


Flight State, component schedule Fe 
Flight State, component schedule Ce 


rotor thrust margin (Cr/o)max — |Cr/o| Flight State Ce 
rotor flapping Bes Bs Flight State Ae 
rotor hub moment x (roll), y (pitch) Flight State Me 
rotor torque Flight State Me 


wing force lift Flight State, component schedule Fe 
wing lift coefficient Cr Flight State, component schedule Ce 
wing lift margin Crmax — Ch Flight State Ce 
tail force lift Flight State Fe 
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Table 5-4. Trim solution. 


trim variable perturbation 
aircraft control angle 100 AA 
aircraft orientation 6 (pitch), ¢ (roll) 100AA 
aircraft velocity V;, (horizontal velocity) VA 
aircraft velocity V, (vertical velocity) VA 
aircraft velocity 2 (sideslip) 100AA 
aircraft angular rate 6 (pullup), w (turn) QA 
propulsion group tip speed Viip 20VA 
propulsion group engine speed Nspec 1OQA 

5-1.6 Trim 


The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. A Newton—Raphson method is used for trim. The derivative matrix is obtained by 
numerical perturbation. A tolerance « and a perturbation A are specified. 


Different trim solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of 
a performance condition or mission segment. For each trim state, the trim quantities, trim variables, 
and targets are specified. Tables 5-3 and 5-4 summarize the available choices, with the tolerances and 
perturbations used. 


5-1.7_ Rotor Flap Equations 


Evaluating the rotor hub forces may require solution of the flap equations E(v) = 0. For tip- 
path plane command, the thrust and flapping are known, so v = (60.75 0. 9;)". For no-feathering plane 
command, the thrust and cyclic pitch are known, so v = (60.75 3-3)’. A Newton—Raphson solution 
method is used: from E(vn+1) = E(un) + (dE /dv)(Un+i — Un) = 0, the iterative solution is 


Unti = Un — C E(vn) 


where C = f(dE/dv)~', including the relaxation factor f. The derivative matrix for axial flow can be 
used. Alternatively, the derivative matrix dE /dv can be obtained by numerical perturbation. Convergence 
of the Newton—Raphson iteration is tested in terms of |E| < « for each equation, where « is an input 
tolerance. 


5-2 Theory 


The analysis uses several methods to solve nonlinear algebraic equations. Such equations may be 
written in two forms: (a) fixed point z = G(r), and (b) zero point f(a) = 0; where x, G,and f are vectors. 
The analysis provides operations that implement the function G or f. Solution procedures appropriate 
for the zero point form can be applied to equations in fixed point form, by defining f(x) = x — G(x). In 
this context, f can be considered the iteration error. 


Efficient and convergent methods are required to find the solution z = a of these equations. Note 
that f’(a) = 0 or G’(a) = 1 means that a is a higher-order root. For nonlinear problems, the method will 
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successive substitution iteration 
Save: Zojiq =z 
evaluate « 
relax: «= r+ (1—A)zZo1a 
test convergence: error = ||x — Xojal| < Atolerance x weight 


Figure 5-3. Outline of successive substitution method. 


be iterative: z,41 = F(x,,). The operation F depends on the solution method. The solution error is: 
Ent1 = A241 = F(a) — Flan) = (a - tn)F' (En) = nF" (a) 


Thus the iteration will converge if F' is not too sensitive to errors in x: |F’(a)| < 1 for scalar x. For 
x a vector, the criterion is that all the eigenvalues of the derivative matrix OF'/Ox have magnitude less 
than one. The equations in this section are generally written for scalar x; the extension to vector x 
is straightforward. Convergence is linear for F’ nonzero, quadratic for F’ = 0. Iterative methods 
have a relaxation factor (and other parameters) to improve convergence, and a tolerance to measure 
convergence. 


The following subsections describe the solution methods used for the various iterations, as shown 
in figure 5-2. 
5-2.1 Successive Substitution Method 


The successive substitution method (with relaxation) is an example of a fixed point solution. A 
direct iteration is simply x,+1 = G(x,,), but |G’| > 1 for many practical problems. A relaxed iteration 
uses F' = (1— A)a+ AG: 

Ung = (1—A)an + AG (An) = Ln — Af (Ln) 


with relaxation factor \. The convergence criterion is then 
|F"(a)| = |L-A+AG"| <1 


so a value of can be found to ensure convergence for any finite G’. Specifically, the iteration converges 
if the magnitude of \ is less than the magnitude of 2/(1 — G’) = 2/f’ (and \ has the same sign as 
1—G’ = f’). Quadratic convergence (F” = 0) is obtained with \ = 1/(1 — G’) = 1/f’. Over-relaxation 
(A > 1) can be used if |G’| < 1. Since the correct solution x = a is not known, convergence must be 
tested by comparing the values of two successive iterations: 


error = ||%n41 — y|| < tolerance 


where the error is some norm of the difference between iterations (typically absolute value for scalar x). 
Note that the effect of the relaxation factor is to reduce the difference between iterations: 


tpi ty = \(G(xn) — Di) 


Hence the convergence test is applied to (7,4; — x,)/, in order to maintain the definition of tolerance 
independent of relaxation. The process for the successive substitution method is shown in figure 5-3. 
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initialize 
evaluate h 
test convergence: error = |h; — Atargetj| < tolerance x weight ; 
initialize derivative matrix D to input matrix 
calculate gain matrix: C=\D"! 
iteration 
identify derivative matrix 
optional perturbation identification 
perturb each element of «x: 6a; =A x weight, 
evaluate h 
calculate D 
calculate gain matrix: C= D7! 
increment solution: d2 = —C(h— Ntarget) 
evaluate h 
test convergence: error = |h; — Atargetj| < tolerance x weight; 


Figure 5-4. Outline of Newton—Raphson method. 


5-2.2 Newton—Raphson Method 


The Newton—Raphson method (with relaxation and identification) is an example of a zero point 
solution. The Taylor series expansion of f(a) = 0 leads to the iteration operator F = x — f/f’: 


-1 


init —ta— [fF (en) 


which gives quadratic convergence. The behavior of this iteration depends on the accuracy of the 
derivative f’. Here it is assumed that the analysis can evaluate directly f, but not f’. It is necessary to 
evaluate f’ by numerical perturbation of f, and for efficiency the derivatives may not be evaluated for 
each x,. These approximations compromise the convergence of the method, so a relaxation factor is 
introduced to compensate. Hence a modified Newton—Raphson iteration is used, F = x — Cf: 


ni = on — Cf (x,) = an — AD" flen) 
where the derivative matrix D is an estimate of f’. The convergence criterion is then 
|F’(a)| = |1- Cf] =|L-AD“*f'| <1 


since f(a) = 0. The iteration converges if the magnitude of is less than the magnitude of 2D/f’ (and A 
has the same sign as D/f’). Quadratic convergence is obtained with \ = D/f’ (which would require 
to change during the iteration however). The Newton—Raphson method ideally uses the local derivative 
in the gain factor, C = 1/f’, so has quadratic convergence: 


i ies 
= f? =0 
since f(a) = 0 Cif f’ # 0 and f” is finite; if f’ = 0, then there is a multiple root, F’ = 1, and the 
convergence is only linear). A relaxation factor is still useful, since the convergence is only quadratic 
sufficiently close to the solution. A Newton—Raphson method has good convergence when = is suf- 
ficiently close to the solution, but frequently has difficulty converging elsewhere. Hence the initial 


F'(a) 
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initialize 
evaluate fo at Zo, fi at 2, =%+ Ag, fo at t%=27,+ Ax 
iteration 
calculate derivative f’ 
secant: from fp and f; 
false position: from fo, and f; or f. (opposite sign from fp) 
calculate gain: C=4/f' 
increment solution: 6%=—Cf 
shift: fe = fir fi = fo 
evaluate f 
test convergence 


Figure 5-5. Outline of secant method or method of false position. 


estimate xp that starts the iteration is an important parameter affecting convergence. Convergence of the 
solution for « may be tested in terms of the required value (zero) for /: 


error = || f|| < tolerance 


where the error is some norm of f (typically absolute value for scalar /). 


The derivative matrix D is obtained by an identification process. The perturbation identification 
can be performed at the beginning of the iteration, and optionally every Mpyp iterations thereafter. The 
derivative matrix is calculated from a one-step finite-difference expression (first order). Each element 
x, of the vector x is perturbed, one at a time, giving the i-th column of D: 


p=|-- st o]=[o ese aie) | 


Alternatively, a two-step finite-difference expression (second order) can be used: 


p=|-- rh w]=[. a ae | 


With this procedure, the accuracy of D (hence convergence) can be affected by both the magnitude and 
sign of the perturbation (only the magnitude for a two-step difference). 


The process for the Newton—Raphson method is shown in figure 5-4. A problem specified as 
h(x) = Rtarget becomes a zero point problem with f = h — htargee. A Successive substitution problem, 
x = G(x), becomes a zero point problem with f = x —G. At the beginning of the solution, x has an 
initial value. The perturbation identification can optionally never be performed (so an input matrix is 
required), be performed at the beginning of the iteration, or be performed at the beginning and every 
Mprp iterations thereafter. 


5-233 Secant Method 


The secant method (with relaxation) is developed from the Newton—Raphson method. The modified 
Newton-Raphson iteration is: 


Inti = In —Cf(Ln) = In — AD? f(@a) 
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initialize 
evaluate fp at x, fy at rm, =a%+Azr, fo at rg=4,+Ar 
bracket maximum: while not ff, > fo, fo 
if fe> fo, then v3 = %2+ (a2 —21)3 1,2,3 
if fo > far then v3 = Xo — (@1 — 20) 3,0,1 
iteration (search) 
if 2-%1> 1-0, then v3 = 21+ W (x2 — 21) 
if f;<f;, then 0,1,3 — 0,1,2 
if fs>fi, then 1,3,2 — 0,1,2 
Lt %1—-% >t%2—2,, then v3 = 21 — W(21 — 20) 
if fs< fir then 3,1,2 — 
if fs > fir then 0,3,1 — 
test convergence 


— 0,1,2 
— 0,1,2 


0,1,2 
0,1,2 


Figure 5-6. Outline of golden-section search. 


where the derivative matrix D is an estimate of f’. In the secant method, the derivative of f is evaluated 
numerically at each step: 


Je) _ Fai) 


Tn — Un-1 


f'(@n) = 
It can be shown that then the error reduces during the iteration according to: 


Jensal © 1/2 F"| len lena] = LF" /2F' 1 fen |? 


which is slower than the quadratic convergence of the Newton—Raphson method (c2), but still better than 
linear convergence. In practical problems, whether the iteration converges at all is often more important 
than the rate of convergence. Limiting the maximum amplitude of the derivative estimate may also be 
appropriate. Note that with f = x — G(x), the derivative f’ is dimensionless, so a universal limit (say 
maximum |f’| = 0.3) can be specified. A limit on the maximum increment of x (as a fraction of the x 
value) can also be imposed. The process for the secant method is shown in figure 5-5. 


5-2.4 Method of False Position 


The method of false position is a derivative of the secant method, based on calculating the derivative 
with values that bracket the solution. The iteration starts with values of 29 and x; such that f(a) and 
f (a1) have opposite signs. Then the derivative f’ and new estimate x,,41 are 


f(@n) — f(&r) 


f'n) = a 
wn Uk 


Tn+1 = Ln — DF (ii, 


using k = n—1 or k = n— 2 such that f(z,) and f(a;,) have opposite signs. The convergence is 
slower (roughly linear) than for the secant method, but by keeping the solution bracketed convergence 
is guaranteed. The process for the method of false position is shown in figure 5-5. 


5-2.5 Golden-Section Search 


The golden-section search method can be used to find the solution x that maximizes f(x). The 
problem of maximizing f(a) can be attacked by applying the secant method or method of false position to 
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initialize 
evaluate fo at x, f; at x4, =2)+Az, fo at x2 =27,+Azr 
bracket maximum: while not ff) > fo, fe 
if fo > for then v3 = 2+ (%2— 21)3 1,2, 
if fo > fer then v3 = Xo — (41 — 20)} 3,0, 
fmax = fi 
curve fit 
fmax = fir Tmax = 1 
evaluate f for r=%maxtnAr and r= %max —nAxr 
least-squared error solution for polynomial coefficients 
solve polynomial for x at peak f 


3 — 0,1,2 
1 — 0,1,2 


Figure 5-7. Outline of curve-fit method. 


the derivative f’() = 0, but that approach is often not satisfactory as it depends on numerical evaluation 
of the second derivative. The golden-section search method begins with a set of three values vp < 11 < X2 
and the corresponding functions fo, f1, f2. The x value is incremented until the maximum is bracketed, 
fi > fo, fo. Then a new value 3 is selected in the interval x to x2; fs; evaluated; and the new set of 
Xo < ©, < Xq determined such that the maximum is still bracketed. The new value 3 is a fraction 
W = (3— V5)/2 & 0.38197 from x, into the largest segment. The process for the golden-section search 


is shown in figure 5-6. 
5-2.6 Curve-Fit Method 


The curve-fit method can be used to find the solution x that maximizes f(z), by fitting the solution 
to a polynomial. If the function f is flat around the maximum and the inner loop tolerances are not tight 
enough, the golden-section search can become erratic, particularly for best range and best endurance 
calculations. Curve fitting the evaluated points and then solving the curve for the maximum has the 
potential to improve the behavior. The curve-fit method begins with a set of three values xo < x1 < x 
and the corresponding functions fo, 1, fo. The x value is incremented until the maximum is bracketed, 
fi > fo, fe, giving a course maximum fax at Umax. Next a set of x and f values are generated by 
incrementing x above and below zpax, until f < ret fmax is found (typically rg, = 0.98 for best range). 
This set of points is fit to the cubic polynomial f = c3z° + coz + cz +. co, 2 = @/@max — 1 (or toa 
quadradic polynomial). Let c” = (co c1 cz c3) and € = (1 zz? z*). Then the least-squared-error solution 


for the coefficients is = 
c= (X &e) 9 fiéi) 


where the sums are over the set of points to be fit. For a quadratic polynomial fit, the solution is then 


i i (1 —a/2cq@+V1—r V(er/2c2)? - cole) 
where r = 1 for the maximum, or r = 0.99 for 99% best range. For a cubic polynomial fit, the maximum 
is at 
1 
— C2 1 1 ane ~ Cl 1 i ge 
3¢3 C5 2c2 4 ¢ 


It is simplest to search the cubic for the peak (z where df /dz = 0), and then if necessary search for the 
99% range point (f = 0.99 fpeax) The process for the golden-section search is shown in figure 5-7. 


Chapter 6 


Cost 


Costs are estimated using statistical models based on historical aircraft price and maintenance 
cost data, with appropriate factors to account for technology impact and inflation. The aircraft purchase 
price (C'4c, in dollars) covers airframe, mission equipment package (MEP), and flight control electronics 
(FCE) costs. The direct operating cost (DOC, in cents per available seat mile (ASM)) is the sum of 
maintenance cost (Cymaint, in dollars per flight hour), flight crew salary and expenses, fuel and oil cost, 
depreciation, insurance cost, and finance cost. 


Inflation factors can be input, or internal factors used. Table 6-1 gives the internal inflation factors 
for DoD (ref. 1) and CPI (ref. 2). For years beyond the data in the table, optionally the inflation factor 
is extrapolated based on the last yearly increase. 


6-1 CTM Rotorcraft Cost Model 


The CTM rotorcraft cost model (refs. 3-6) gives an estimate of aircraft purchase price, maintenance 
cost, and direct operating cost. The model was developed for shaft-driven helicopters and turboprop 
aircraft. If the aircraft shaft power is zero, P/War = 0.25 is used in the equation for purchase price. 


6-1.1 Aircraft Purchase Price 


Aircraft purchase price is estimated from the statistical relationship of Harris and Scully (ref. 3, 
updated in 2001), based on a 1994 database of mostly civil aircraft (plus EH-101, UH-60L, CH-47D, CH- 
53E, and MV-22). The model starts with a function of aircraft weight and power; has several complexity 
factors; a factor for rotorcraft or turboprop aircraft; and a country or industry factor (specifically U.S. 
military). The model includes (as $/lb) separate calculations of a composite construction increment 
(increase or decrease), mission equipment package cost, and flight control electronics cost. The model 
accounts for inflation and includes an overall technology factor. With these equations, the purchase price 
is predicted within 20% for 96% of 128 rotorcraft (figs. 6-1 and 6-2), implying a standard deviation of 
10%. For the five military aircraft, price is predicted within +10% or less. 


The basic statistical relationship for airframe purchase price is: 
cap = 739.91 KerKenKicKr Wap (P/War)" Npinde 


with War = We+AW\i — Warp — Weor, including airframe kits AW,,; (the wing and wing extension 
kits, and optionally the folding kit). The configuration factor Koonag = KerKenKickr has the 
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factors: 
Ker = 1.0 for turbine aircraft 0.557 for piston aircraft 
Ken = 1.0 for multi-engine aircraft 0.736 for single-engine aircraft 
Kig= 1.0 for retractable landing gear 0.884 for fixed landing gear 
KR= 1.0 for single main-rotor 1.057 for twin main-rotors, 1.117 for four main-rotors 


The number of blades and the configuration factor are essentially measures of complexity. In particular, 
retractable/fixed landing gear is a surrogate for general complexity. The term Coomp = TcompWeomp 
accounts for additional costs for composite construction (negative for cost savings); Weomp is the com- 
posite structure weight, obtained as an input fraction of the component weight, with separate fractions 
for body, tail, pylon, and wing weight. The MEP and FCE costs are obtained from input cost-per-weight 
factors: Cupp = rmepWmep and Crop = rrceWrce. 


The statistical cost equation for c4r is based on 1994 dollars and current technology levels. In- 
cluding an inflation factor F; and technology factor y4r gives the purchase price C'4c: 


Cac = xaF(Ficar) + Coomp + Cure + Crocs 


In addition to technology, . accounts for calibration and industry factors; for example, y4r = 0.87 
for U.S. Military (ref. 3). This equation also estimates turboprop airliner purchase price by setting 
Nyotor = Nblade = 1 and using the additional factor 0.8754 (pressurized) or 0.7646 (unpressurized). The 
purchase price in $/lb or $/kg is 

rar = (X4F(Ficar))/War 

rac = Cac/(We + AW) 


for the airframe and the aircraft. Parameters are defined in table 6-2, including units as used in these 
equations. 


6-1.2. Maintenance Cost 


Total maintenance cost per hour (dollars per flight hour) is estimated from the statistical relationship 
of Harris and Scully (ref. 3, updated in 2001). The maintenance cost per hour is: 


Cmaint = 0.49885 Werte pee: 


This equation is based on 1994 dollars and current technology levels. Including an inflation factor F; 
and technology factor Ymaint gives the maintenance cost per flight hour Cyyaint: 


Cmaint = Xmaint (F;,Cmaint) 
Parameters are defined in table 6-2, including units as used in these equations. 
Alternatively, the maintenance cost Cmaing can be calculated from separate estimates of labor, parts 
(airframe, engine, and avionics), engine overhaul, and major periodic maintenance costs. The equations 


for these maintenance cost components are from Harris (ref. 6), based on a 2011 civil database. The 
contributions to the dollars per flight hour are: 


Ciabor = labor MMH/FH) 
Cparts = Mparts(Cac/10°)° 
.67 
Cengine = Me asisek™ 


Cmajor = Major (Cac/10°) 
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where rjabor is the maintenance labor rate (dollars per hour). The maintenance-man-hours per flight-hour 
is estimated from 
MMH/FH = MiaborW2® 


or specified directly. These equations are based on 2011 dollars and current technology levels. For 
current best practice (bottom of data), the constants are Miabor = 0.0017, Mparts = 34, Mengine = 1.45, 
Mmajor = 18; while for current average practice Miapor = 0.0027, Mparts = 56, Mengine = 1.74, Mmajor = 
28. Finally, the maintenance cost per flight hour is 


Cinaint = Neate ls (Cpants aa Cengine + Coiaior) + Clabor 
including an inflation factor F; and technology factor \maint- 


6-13 Direct Operating Cost 


Given specifics of the operation (including available block hours, non-flight time, spares fraction, 
and financial numbers), the direct operating cost is calculated for each mission. The direct operating 
cost includes maintenance, fuel, crew, depreciation, insurance, and finance costs. The contributions to 
the yearly operating cost are: 


Cn5= (Gruei(Weuel / Pfuel) + Gsnerey Ege) Naep 
Coreg — 2.84F;KerewWhiroB 


1+8 
Caep = Cac D ie 


Cins = 0.0056 Cac 
14+S52L41 31 
D 4 100 


Y) 


Cin = Cac 


There is a separate credit (Gacait, perhaps zero) for mission energy generation (Fue) < 0). The crew 
factor K.rew = 1 corresponds to low-cost, domestic airlines (1994 dollars). The fuel burn Wey<), block 
time Tiniss, and block range Riss are obtained for a designated mission. The number of departures per 
year is Naep = B/Tmiss. The flight time per trip is Tirip = Tmiss — Tr. The flight hours per year are 
Tr = TiripNaep. Alternatively, the sum of the crew, insurance, and depreciation costs can be estimated 
from the purchase price: 


Cerew + Caep + Cins = cai (175000 + 29.8(Cac/1000)) 


where Kai is a calibration factor (ref. 6). The yearly operating cost Cop and DOC (cents per available 
seat mile) are then: 
Cop = TrCmaint + Ciuel au Cerew + Caep + Cins ae Can 


DOC = 100 Cop/ASM 


where the available seat miles per year are ASM = 1.1508.NpassAmiss Vaep (range in nm). 
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Table 6-1. DoD and CPI inflation factors. 


inflation factors 


inflation factors 


inflation factors 


year DoD CPI year DoD CPI year DoD CPI 
1911 1951 17.02 17.54 1991 93.99 91.90 
1912 1952 16.26 17.88 1992 96.21 94.67 
1913 6.68 1953 16.31 18.02 1993 98.16 97.50 
1914 6.75 1954 16.02 18.15 1994 100.00 100.00 
1915 6.82 1955. 17.29 18.08 1995 101.70 102.83 
1916 7.35 1956 17.58 18.35 1996 103.18 105.87 
1917 8.64 1957 18.17 18.96 1997 104.32 108.30 
1918 10.19 1958 18.02 19.50 1998 105.40 109.99 
1919 11.67 1959 18.11 19.64 1999 106.81 112.42 
1920 13.50 1960 18.34 19.97 2000 108.39 116.19 
1921 12.08 1961 18.31 20.18 2001 109.92 119.50 
1922 11.34 1962 18.84 20.38 2002 111.62 121.39 
1923 11.54 1963 19.09 20.65 2003 113.95 124.16 
1924 11.54 1964 19.76 20.92 2004 116.92 127.46 
1925 11.81 1965 20.36 21.26 2005 120.10 131.78 
1926 11.94 1966 21.97 21.86 2006 123.06 136.03 
1927 11.74 1967 22.77 22.54 2007 125.56 139.91 
1928 11.54 1968 24.03 2348 2008 127.43 145.28 
1929 11.54 1969 25.10 24.76 2009 128.95 144.76 
1930 11.27 1970 25.76 26.18 2010 131.66 147.14 
1931 10.26 1971 27.24 27.33 2011 133.84 151.78 
1932 9.24 1972 28.98 28.21 2012 136.07. 154.92 
1933 8.77 1973 31.34 29.96 2013 138.34 157.19 
1934 9.04 1974 34.13 33.27 2014 139.54 159.74 
1935 9.24 1975 38.10 36.30 2015 141.61 159.93 
1936 9.38 1976 42.14 38.39 2016 144.03 161.95 
1937 9.72 1977 43.75 40.89 2017* 146.76 

1938 9.51 1978 47.82 43.99 2018* 149.63 

1939 9.38 1979 53.02 48.99 2019* = 152.63 

1940 9.45 1980 58.52 55.60 2020* 155.68 

1941 9.92 1981 63.80 61.34 2021* 158.79 

1942 11.00 1982 68.35 65.11 

1943 11.67 1983 71.92 67.21 

1944 11.88 1984 74.57 70.11 

1945 12.15 1985 76.86 72.60 

1946 13.16 1986 79.19 73.95 

1947 15.05 1987 81.87 76.65 

1948 16.26 1988 85.01 79.82 

1949 16.06 1989 88.19 83.67 

1950 15.37 = 16.26 1990 91.30 88.19 


* projected 
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Table 6-2. Cost model parameters. 


Cost 


parameter definition units 

We weight empty Ib 

Wwuro maximum takeoff weight lb 

Noblade number of blades per rotor 

P rated takeoff power (all engines) hp 

Wmep fixed useful load weight, mission equipment package lb or kg 
Wercr fixed useful load weight, flight control electronics Ib or kg 
T'MEP cost factor, mission equipment package $/Ib or $/kg 
TFCE cost factor, flight control electronics $/lb or $/kg 
Tcomp additional cost for composite construction $/lb or $/kg 
F, inflation factor, relative 1994 

Wruel mission fuel burned Ib or kg 
Tiss mission time hr 

Revise mission range nm 

Gruel fuel cost $/gallon or $/liter 
Genes energy cost $/MJ 
Geredit energy credit $/MJ 

B available block hours hr 

S spares per aircraft (fraction purchase price) 

D depreciation period yr 

V residual value (fraction) 

L loan period yr 

i interest rate % 

TNF non-flight time per trip hr 

Npass number of passengers 

Ptuel fuel density (weight per volume) Ib/gal or kg/liter 
Naep number of departures per year 

Kees crew factor 

Tr flight hours per year 


Cost 


predicted base price (1994$/lb) 
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Figure 6-1. Statistical estimation of rotorcraft purchase price ($/Ib). 
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Figure 6-2. Statistical estimation of rotorcraft purchase price ($M). 
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Chapter 7 


Emissions 


Evaluating the environmental impact of an aircraft begins with calculating the engine emissions for 
the missions flown. It is best to use metrics that account for all relevant aircraft emissions, although met- 
rics based on a single species can be useful. From the engine emissions, the atmospheric concentrations 
are evaluated, then radiative forcing (RF'). Radiative forcing is a measure of the amount of heat trapped 
in the atmosphere by a particular pollutant, and is expressed in terms of trapped energy per unit area 
(W/m?). Finally, climate changes and the resulting impacts and damages can be determined. The steps 
in this causal chain become increasingly important and increasingly uncertain. Any metric that is used 
to evaluate new aircraft concepts must balance uncertainty with relevance. The present environmental 
impact models were developed by Russell (ref. 1), based on the work of Dallara, Kroo, and Waitz (ref. 2). 


The important aircraft emission species are the direct greenhouse gas carbon dioxide (CO2), nitrogen 
oxides (NO,,), water vapor (H2O), aerosols of soot and sulphate (SO,), and aviation-induced cloudiness 
(AIC). Carbon dioxide has a long lifetime relative to chemical processes in the atmosphere, hence aviation 
COz2 impacts do not vary with altitude and can be calculated as for other sources. NO, emissions cause 
changes in RF indirectly through chemical processes in the atmosphere. Increases in NO, lead to 
increases in atmospheric ozone by a short lifetime process (O33), a warming effect, and over long time- 
scales reductions in the greenhouse gas methane (CH,), a cooling effect. The methane reduction has a 
secondary effect of reducing ozone (O3,), a cooling effect. Water vapor, short-lived ozone, soot, and 
sulfate aerosols have lifetimes much shorter than one year, hence have impacts for only a short time after 
emission. Aviation-induced cloudiness (AIC), including the effects of linear contrails and altered cirrus 
cloudiness, have a short-lived warming effect. Total radiative forcing from aircraft can be several times 
greater than forcing due to CO2 alone, depending on altitude and AIC conditions. The impact of NO, 
emissions is similar in magnitude to that of COz, but there is greater uncertainty in the NO, RF values. 
Estimates of the RF due to induced cirrus are particularly uncertain. The uncertainty of the models and 
parameters for the various emission species is discussed in reference 2. 


The environmental impact of the aircraft operation is estimated in terms of two metrics: emissions 
trading scheme (ETS) credits, and average temperature response (ATR). The impact of energy used is 
also modeled. 


7-1 Emissions Trading Scheme Credits 


The emissions trading scheme (ETS) is the European Union system to curb the effects of greenhouse 
gas emissions on global climate change, by limiting the amount of carbon dioxide that can be produced 
by large polluters such as energy and industrial installations. The ETS was extended to the aviation 
sector in early 2012. Under the ETS, each member nation has an emission cap that is used to allocate 
allowable carbon emissions to their industrial operators. Operators that do not use their entire allocation 


64 Emissions 


can sell their unused “carbon credits” on the open market, while operators exceeding their allocation 
must purchase credits on the market. The price of carbon credits has varied widely, ranging from below 
10 to above 30 Euro/ton CO2. The metric used here is the weight of CO2 produced: 


Wcoz = KegueiWourn a Kenergy Pourn 


per mission. Typically Kfuer = Elco, = 3.75 (1b/lb or kg/kg) and Kenergy = 0.14 (kg/MJ). Different 
aircraft designs or operations can be compared in terms of Wco,. Accounting for the influence on 
operating cost requires the price of carbon credits. 


Ktuer depends on the combustion process and the chemical composition of the fuel (ref. 3). For 
combustion of conventional jet fuel, Ayu.) = 3.16kg/kg = 74g/MJ = 266 g/kWh (using 42.8 MJ/kg). 
Accounting for emissions from production of the fuel (principally carbon dioxide, methane, and nitrogen 
oxides), gives an equivalent CO, value perhaps 20% larger: Kfuc) = 3.75 kg/kg = 88g¢/MJ = 315g/kWh. 
For combustion of alternative jet fuels, typically Ay... = 3.01 kg/kg = 70g/MJ = 263 g/kWh. Account- 
ing for biomass credit (CO2 absorbed during biomass growth), the equivalent CO2 value might be 50% 
lower than for conventional fuel (ref. 3). 


Kenergy depends on the energy source. Table 7-1 (from ref. 4) gives typical values of equivalent 
CO, for electricity from various sources. Worldwide average values for equivalent CO. range from 6 
to 1100 g/kWh. The current average for the United States is about Kenergy = 500 g/kWh = 139 g/MJ. 
Optionally there is no emissions credit for energy generation (Epumn < 0). 


Table 7-1. Electricity green-house-gas intensity (equivalent CO2, g/kWh). 


source median range 
coal 860 780-1100 
gas 500 400-600 
small wind turbine 35 20-50 
nuclear 22 10-30 
large wind turbine 20 15-25 
hydroelectric 18 10-20 


7-2 Average Temperature Response 


The average temperature response (ATR) quantifies the lifetime global mean temperature change 
caused by operation of an aircraft, as a measure of climate change (ref. 2). ATR can be used with a 
number of different climate models, but simple linear climate models are appropriate for the conceptual 
design of rotorcraft. While atmospheric processes are nonlinear, the globally averaged responses to 
small perturbations (in magnitude similar to commercial aircraft emissions) of CO, NO,, and AIC 
perturbations are nearly linear (ref. 2). The ATR metric is based on the radiative forcing (RF) generated 
by each emission species. Radiative forcing measures the net imbalance of incoming and outgoing 
energies in the Earth-atmosphere system caused by a perturbation. RF is an instantaneous measure 
that quantifies the change in energy that produces changes in climate properties, including temperature. 
Many climate change metrics, such as Global Warming Potentials, rely on RF’, but do not specifically 
target emissions due to aviation. The total RF for all emitted pollutants is used to calculate the global 
temperature response. The use of an altitude-sensitive climate model captures the effects of aircraft 
operating conditions. In addition, ATR includes parameters such as usage rates and operating lifetime 
of the aircraft to determine the total climate impact. 
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The average temperature response is calculated by integrating the temperature change during and 
after H years of sustained operation of an aircraft: 


aTR= + | AT y(t) w(t) dt 
H 0 


ATR has units of temperature. The metric can also be used in relative terms, by dividing by the value 
for a baseline design. AT7;(t) is the global mean temperature change resulting from the operation of the 
given design, where emissions are assumed to be constant for the first H years and zero thereafter. This 
temperature change is a function of the radiative forcing caused by the emission of a number of different 
pollutant species. There are multiple models available with varying levels of fidelity for calculating 
ATv7,. Here linear climate models and functions are used, based on reference 2. One limitation of this 
model is that the RF of NO, and AIC is based on data that only goes down to 17500 ft. Below this 
altitude the effects of NO, and AIC are assumed constant. 


There are climate effects from perturbations remaining in the Earth-atmosphere system after the 
aircraft operating lifetime has ended. Hence AT'y increases for time up to H, and thereafter decays, but 
is not zero. The weighting function w(t) allows discounting of temperature change effects in the years 
following H, so that long-term effects such as CO2 warming do not dominate ATR. The function 


1 t<H 
1 
w(t) = danea $nHe His t< tras 
0 ES stings 


has unit weighting during the operating lifetime, and exponential devaluation thereafter, in terms of the 
discount rate r (typically r = 2 to 5%). A rate of zero means that post-operation impacts are equally 
important compared with impacts during operating years; a rate of infinity means that post-operation 
impacts have no importance; and a positive, finite rate means that the temperature change each post- 
operation year is less important than the temperature change experienced the previous year (by the factor 


1/(1+r)). 


Also contributing to the ATR metric is aviation induced cloudiness (AIC), which includes both 
contrails and aviation-induced cirrus clouds. Following the methodology of reference 2, the impact of 
AIC is assumed to be a function of cruise altitude and distance, and does not account for changes in 
water vapor emissions or exhaust temperature or atmospheric conditions. The consequence of these 
assumptions is that for a given rotorcraft mission, the radiative forcing due to AIC may be greatly 
overestimated. Also, strategies are currently being developed to reduce the effects of AIC by rerouting 
around areas in the atmosphere prone to aircraft contrails, so future aircraft may have significantly 
reduced climate impacts due to AIC. Since there is a high degree of uncertainty in radiative forcing due 
to AIC, calculations of ATR should be made both with and without its effects. 


Design for minimum ATR depends on the time horizon, discount rate, operating altitude and speed, 
and the engine technology. If there is no discounting of long-term effects (r = 0), radiative forcing due 
to CO2 dominates the ATR, favoring a higher cruise altitude. When long term effects are included and 
engine technology for low NO, is assumed, ATR can be generally minimized by designing for low fuel 
burn. If only short-term impacts are considered (r = oo), then NO, emissions have a greater impact, 
and a lower cruise altitude results in decreased climate impact, despite increased fuel burn and CO2 
emissions. The inclusion of AIC in the metric calculations also has a large impact on the design, and 
favors a low cruise altitude. 
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7-2.1 Aircraft Mission 


ATR is calculated assuming constant emissions during the first H years of operation and zero 
emissions thereafter. For a single operating mission, AT? is the sum over all mission segments, times a 
utilization rate of U missions per year. The information for each mission segment includes: fuel burned 
Wourn, energy used Fpurn, altitude h, air distance flown d, engine fuel flow w, and operating condition 
(M, 6,6). 


7-2.2 Engine Emissions 


Engine emissions can be quantified in terms of an emissions index (EJ, lb/lb or kg/kg) that relates 
the amount of a pollutant species to the amount of fuel burned. For some emission species, such as CO 
and water vapor, the EJ is nearly constant, assuming ideal or near-ideal fuel combustion. For others, 
particularly NO,, the EJ varies widely throughout the operating range of the engine. The emission of 
species 7 is thus obtained from the fuel consumption summed over all mission segments: 


e= Ss EL;Wourn 


seg 


The time-varying annual emissions £ is found by summing over all operations conducted in a year. 
Assuming a single operating mission, £; = Ue;, where U is the aircraft utilization rate (number of 
missions per year). 


For each fuel, EJ is required for CO2, H2O0, SOx, soot, and NO... Optionally there is no emissions 
credit for energy generation (Eyumn < 0). 


7-23 Turboshaft Engine Emissions 


For carbon dioxide, water vapor, sulfates, and soot the emissions indices are assumed to be constant. 
The EI of CO2, H20, or SO, depends solely on the composition of the fuel. The EJ for soot can vary 
with engine operating condition, but because soot comprises a small fraction of total climate impacts 
(typically less than 5%), this index can also be assumed constant. The values used for the constant EJ 
emissions are given in table 7-2 (from ref. 2). 


Table 7-2. Emission indices for constant EJ species. 


species emission index EJ (1b/lb or kg/kg) 
jet fuel methane hydrogen 
CO, 3.16 2.75 0 
H,0 1.26 2.25 8.94 
SO. 2.0 x 10-4 
soot 4.0.x. 10-° 


The EI for oxides of nitrogen (including NO and NOz, collectively called NO,,) depends on operat- 
ing conditions, including engine throttle setting, Mach number, and altitude (temperature and pressure). 
Hence Eno, must be evaluated for each mission segment. Engines are required to comply with NO, 
emissions regulations during landing and takeoff. The International Civil Aviation Organization (ICAO) 
measures and publishes certification data relating fuel flow, thrust, and EIyo, at four sea-level static 
throttle settings that simulate taxi, takeoff, climb, and approach operating conditions. However, ICAO 
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does not measure NO,, at cruise conditions, because these emissions are not currently regulated. There- 
fore, a model is needed to compute EIyo, at specific flight conditions including cruise. Fuel flow 
correlation methods have been developed for this purpose. While there is a large amount of published 
turbofan NO, emissions data and established methods for estimating variation with altitude, there is 
little public information for turboshaft engines. Russell (ref. 1) developed a method to estimate E'Iyo, 
based on engine performance information from the NDARC engine models, ICAO turbofan emissions 
data, and the German Aerospace Center (DLR) fuel flow method described in reference 5. The DLR 
semi-empirical method models the relationship between engine throttle setting and EIyo, at varying 
ambient temperature and pressure conditions. The DLR method has been shown to predict EIyo,, to 
within approximately 10% of measurements at typical cruise conditions. 


The emission index for NO, is calculated from the fuel flow w as follows. The fuel flow is corrected 
to referred conditions at the inlet: wo. = w/5,;\/0;), where the temperature and pressure ratios are 


= (1 + 1M") 6 = (1+0.2M?) 6 


i= (1 2 1M") "= (1+02M?)** 5 


(for ratio of specific heats 7 = 1.4). The engine model gives the fuel flow w as a function of Preg = frPro 
at SLS static conditions, which can be interpolated to find fp such that w = weorr. The corrected emission 
index is scaled to SLS takeoff power, hence 


ElIxo, corr = Ke10 + Ken fp 


The constants depend on the engine design and technology. Typically 1000K gro = 3.6739 and 1000K en 
= 7.48 for a low-emissions engine (based on CF34); 1000Kg1o = 2.4392 and 1000K en = 23.26 for a 
high-emissions engine (based on HTF7000). Finally, the emission index is 


Elno, = EINo,corr976¢ Fx 
with the humidity correction factor Fy = exp ((6.29 — e~9-000143(h—12909)) /53 9) | altitude h in ft. 


There are two assumptions in this method. The first assumption is that the variation of EJno, for 
a turboshaft is the same as that of a turbofan engine. Since both are gas turbine engines, employing the 
same thermal cycle, this assumption should be valid. The second assumption is that the RPTEM engine 
model is producing variations in fuel flow with speed and altitude in a manner consistent with the DLR 
fuel flow method. Since both the fuel flow method and the engine model in NDARC are based on real 
engine data, this assumption should be valid as well. Two different engines are used as references. The 
GE CF34-3B and the Honeywell HTF7000 have fuel flows similar to what is calculated for a turboshaft 
engine. Both engines are relatively modern, high bypass ratio, small turbofans. The HTF7000 and CF34 
also represent the upper and lower bounds on NO,, emissions for this category of engine, so they should 
bracket the expected quantity of NO, emissions for a turboshaft engine. Compared to the differences 
between the E'Jno, values of the two reference engines, the speed and altitude corrections are relatively 
small. 


An alternative approach is to calculate the emission index for NO.. from the engine power required. 
Reference 6 gives the parametric relation 


0.5677 
Erée ) 


Elno, = KEtIs (Fe 
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with P,.q in hp, and 1000K 7; = 4 to 14, depending on the engine design and technology. 


With more than one turboshaft engine group using fuel from a tank, the emission index for a 
segment is weighted by the fuel flow, hence by the fuel burned: EIyo, = >> EI w/ > w (sum over 
engine groups). 


7-2.4 Energy Emissions 


The environmental impact of energy used is quantified in terms of constants (, kg/MJ) that relate 
the amount of a pollutant species to the amount of energy burned. These constants depend on the source 
of the energy, and are required for CO2, H2O, SOx., soot, and NO,. The emission of species i is thus 
obtained from the energy consumption summed over all mission segments: 


j= S- Ki Epurn 


seg 


The time-varying annual emissions are E; = Ue;, which is added to the engine emissions. In the climate 
model, the altitude corresponding to these emissions is zero. 


7-2.5 Climate Model and Radiative Forcing 


A climate model is required to determine the temperature change resulting from the emissions 
produced by an aircraft operation. The simplest approach (ref. 2) is to use a linear climate model, 
so the time-varying radiative forcing of each species is obtained from the emissions and a climate 
impulse response function. Although derived from the globally averaged results of some complex, 
three-dimensional, global climate model, a linear model simplifies the physics and chemistry of aircraft- 
induced climate change, and captures first-order effects. The climate model used, developed in reference 
2 specifically for aircraft operations, includes the altitude variation for NO, and AIC impacts. Different 
models are required for long-lived gases, short-lived pollutants, and AIC. Models for RF from all 
emissions except COz, which has a very long atmospheric lifetime, depend on the assumed geographical 
distribution of emissions. The models used are based on average impacts from fleetwide routing in 
a single year within the last decade, quantifying the average forcing caused by emissions spatially 
distributed according to routing similar to current traffic. 


For long-lived emission species i (COz, CH, O37), the radiative forcing RF; is obtained by 
integrating the product of the E; (kg/yr) and the impulse response G; (W/m?/kg): 


= 0S 5h) BL Woam + KiBbam) As f(GslO—)/As)ulr) ar 


seg 


=US > si(h)aiA:Xi(t) 


seg 
where a; = (EI;Woumn + KiEpumn), u(t) is the emission time history (unit amplitude), and for t > 0 
Gco,(t) = Aco, (1 " Dja=1%ej (ents fs 1)) 


Gon, (t) — Acu,e—/™ 
GGex (t) = Ads: aie 
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Exo, is used for CH4, O3,. The parameters are given in table 7-3. The forcing factors s;(h) are given 
as a function of altitude in table 7-4; s = 1 for carbon dioxide. 


For short-lived emission species (H2O, O35, soot, SO,), RF is assumed to be proportional to the 
emissions: 
RF; (t) = $j (h) (RF yet / Evet); E;(t) 


=U Se 8i(h) (BL. Wu + KiEbum) (RF ret / Eves); u(t) 


=USs;(h) h)a;A;X;(t) 


where A; = RF yor / Ever and X;(t) = u(t). EINo, is used for O35. The parameters (RF of / rep) are given 
in table 7-3. The forcing factor s = 1 except for O35, which is given in table 7-4. 


Aviation-induced cloudiness (AIC) effects are assumed to be proportional to the distance traveled: 


RFajo(t) = satc(h) fatc (RFret/Lret) ayo LO) 
=U S- saic( h)dfaic (RF ret /Lret) ayo U u(t) 


seg 


= ‘> saic(h)aatcAaicXaic(t) 
seg 
where L = U ee d is the stage length flown per year, aarc = d; Aatc = fatcRFret/Lre¢ and Xaic(t) = 
u(t). The parameter (RF; .¢/Lyep) 18 given in table 7-3, and the forcing factor sarc in table 7-4; farc is 
an input correction factor. 


These forcing factors (table 7-4) characterize globally and annually averaged RF's based on current 
flight routes. Forcing factors, particularly for AIC impacts, are expected to vary with time of day, season, 
and earth latitude, effects which are averaged in this model. 


The normalized RF for each species is based on the RF that would result from a doubling of carbon 
dioxide: REE F 
RF¥(t) = f, —*~ =U Ap Xe 
HOF ae a) * RF22c0. 6) 
for COz, CH4, O37, O35, H2O, soot, SO1,, and AIC. The efficacy factors f; are given in table 7-3; 
fco, = 1. From the total normalized RF and a climate impulse response function, the time-varying 


global mean temperature change is evaluated: 


T(t) = i Gr(t—7T) DU RF (7) dr 
=Dvyal Jari ge—s f Grlt-H/S)xlr)ar 


seg 


= LUD stad aes a5, SHO 


seg 


where 
Gr(t)=S (Stew + Stun) 


Tt1 Tt2 
The time constants in G'r describe the thermal response of the earth system to an energy perturbation, 
and S is the steady-state temperature change produced by a constant annual forcing of RFb,co,. The 
parameters are given in table 7-3. 
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The corresponding weight emitted for each species is W; = seg (LLiWourn + KiEpun) = >> 


ay 
per mission (W; = HU }”.., ai over the operating duration 17). 


seg 


7-2.6 ATR Evaluation 


The average temperature response (ATR) is calculated from AT = AT}, assuming constant emis- 
sions during the first H years of operation and zero emissions thereafter. Hence the shape function 
u(t) = 1 for 0 < t < H, and zero at other times. For a single operating mission, AT}; is the sum over all 
mission segments (each giving fuel and energy burned and distance traveled), with a utilization rate of 
U missions per year. The radiative forcing factors are: 


Xco,(t) = [ (1 + Lj Qe; (ert) - 1)) u(r) dr 
0 


t(1 — Dyaej) + DjQejTej (1 — e7/7*4) ta 
| HL = Serj) + Dy rej Teg (CO 73 — et 28) t>H 


t 
Xouu(t) = Xo (t) = fet u(r) dr 
0 


JT (1 —e7t/™) t<H 
| th, (aot = en t/t) t>H 


and X;(t) = u(t) for the other species. The temperature change factors Y;(t) = fi(Grlt —7)/S)Xj(r) dr 
are: 
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Then the average temperature response is 
1 tmax 
ATR = af AT (t) w(t) dt 
A Jo 


oe oe 
= > US 8i( AiR cos oe 7[% “(t)w(t) dt 


seg 


fi 
= = US si( Aa Faeco, SZ; 


seg 
= > ATR; 


Given H and r, Z; is evaluated by numerical integration. For the special cases of r = 0 (no discounting) 


and r = co (no effects beyond H): 
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and for the other species: 
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Since Lja.; 4 1, the radiative forcing for COz is finite at long times (Xco, — H(1— ja-;)), and CO2 
dominates the temperature response. It is necessary to introduce tmax So that Zco, (and ATR) is finite 
in the absence of discounting (r = 0). 
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Table 7-3. RF factor s for NO, impacts and AIC. 


altitude (ft) AIC CHy, O37 O35 

<17500 0.000 0.868 0.470 
17500 0.029 0.868 0.470 
19500 0.000 0.924 0.557 
21500 0.000 0.959 0.620 
23500 0.171 0.965 0.711 
25500 0.399 0.947 0.713 
27500 0.798 0.933 0.809 
29500 1.254 0.930 0.931 
31500 1.710 0.942 1.009 
33500 2.109 0.977 1.131 
35500 1.824 1.136 1.431 
37500 1.539 1.213 1.630 
39500 0.969 1.204 1.802 


41500 0.798 1.201 1.937 
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Table 7-4. Radiative forcing models. 


COz2 parameters 


Aco; 1.80 x 10715 (W/m?)/(kg CO2) 
Qel 0.259 

Qe2 0.338 

Qe3 0.186 

Tel 172.9 yr 

Te2 18.51 yr 

T 3 1.186 yr 

NO,, parameters 

AcH, —5.16 x 10718 (W/m?)/(kg NO.) 
Aosr —1.21 x 107-18 (W/m?)/(kg NO.) 
Ti. 12.0 yr 

fou, 1.18 

fos 1.37 

(RF vet / Exet) Os 1.01 x 1071! (W/m?)/(kg NO,) 
H20, SOz, soot, and AIC parameters 

f20 1.14 

fo. 0.9 

fsoot 0.7 

faic 0.59 

(RF vet / Evet)H.0 7.43 xX 190-15 (W/m?)/(kg H20) 
(RF ret /E vet) 804 —1.00 x 19—10 (W/m?)/(kg SOx) 
(RF vet / Eret) soot 5.00 x 10710 (W/m?)/(kg soot) 
(RF yet /Lret) AIC 2.21 x 1071? (W/m?)/nm 
Temperature change model parameters 

RF 2zc02 3.70 W/m? 

S 3.0 K 

on 0.595 

TH 8.4 yr 


Tt2 409.5 yr 


Chapter 8 


Aircraft 


The aircraft consists of a set of components, including rotors, wings, tails, fuselage, and propul- 
sion. For each component, attributes such as performance, drag, and weight can be calculated. The 
aircraft attributes are obtained from the sum of the component attributes. Description and analysis of 
conventional rotorcraft configurations is facilitated, while retaining the capability to model novel and 
advanced concepts. Specific rotorcraft configurations considered include: single-main-rotor and tail- 
rotor helicopter, tandem helicopter, coaxial helicopter, tiltrotor, compound helicopter, multicopter, and 
airplane. 


The following components form the aircraft: 


a) Systems: The systems component contains weight information (fixed useful load, vibration, contin- 
gency, and systems and equipment) for the aircraft. 


b) Fuselage: There is one fuselage for the aircraft. 
c) Landing Gear: There is one landing gear for the aircraft. 


d) Rotors: The aircraft can have one or more rotors, or no rotors. In addition to main-rotors, the 
component can model tail-rotors, propellers, proprotors, and ducted fans. 


e) Wings: The aircraft can have one or more wings, or no wings. 
f) Tails: The aircraft can have one or more horizontal or vertical tail surfaces, or no tails. 


g) Fuel Tanks: There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated 
with the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or 
energy. There can be one or more sizes of auxiliary fuel tanks. 


h) Propulsion Groups: The aircraft can have one or more propulsion groups, or none. Each propulsion 
group is a set of components (rotors) and engine groups, connected by a drive system. The components 
define the power required. The engine groups define the power available. 


i) Engine Groups: An engine group consists of one or more engines of a specific type. An engine group 
transfers power by shaft torque, so it is associated with a propulsion group. For each engine type an 
engine model is defined. The engine model describes a particular engine, used in one or more engine 
groups. 


j) Jet Groups: The aircraft can have one or more jet groups, or none. A jet group produces a force on 
the aircraft. A jet model describes a particular jet, used in one or more jet groups. 


k) Charge Groups: The aircraft can have one or more charge groups, or none. A charge group generates 
energy for the aircraft. A charge model describes a particular charger, used in one or more charge groups. 


76 Aircraft 
8-1 Loading 


The aircraft disk loading is the ratio of the design gross weight and a reference rotor area: DL = 
Wp/Arer. The reference area is a sum of specified fractions of the rotor areas, Areg = >> f4A (typically 
the projected area of the lifting rotors). The disk loading of a rotor is the ratio of a specified fraction of 
the design gross weight and the rotor area: 

T _ fwWo __fw_ Wo 

A A A/Ayet Aret 

where probably 5°..;,, fw = 1, and the lifting rotors are all rotors not designated antitorque or auxiliary- 
thrust. If there are N lifting rotors of the same area, with no overlap, then f4 = 1, Arp = NA, 
fw = A/Aret = 1/N, and (DL),otor = DL. For rotors designated antitorque or auxiliary-thrust, the disk 
loading is calculated from the design rotor thrust: (DL),otor = Tuesign/A. 


(DL) rotor — 


For coaxial rotors, the default reference area is the area of one rotor: f4 = 4/2, Ares = A, fw = 1, 
and (DL),otor = 1/2DL. For tandem rotors, the default reference area is the projected area: Ayer = 
(2 — m)A, where mA is the overlap area (m = 0 for no overlap, m = 1 for coaxial). Then f4 = 22m, 
fw = 4, and (DL) yotor = 2-™ DL. Optionally, the reference area for tandem rotors can be total rotor 


area instead: Ayer = 2A. 


The aircraft wing loading is the ratio of the design gross weight and a reference wing area: WL = 
Wp/Sree. The reference area is a sum of the wing areas, S,.¢ = )> S. The wing loading of an individual 
wing is the ratio of a specified fraction of the design gross weight and the wing area: 

W  fwWo _ fw Wo 
S S S/Sret Sret 
fw = 1. If there are N wings of the same area, then fw = S/Srep = 1/N, and 


(WL) wing = 


where probably 5> 
(WL) wing = WL. 


wing 


The aircraft power loading is the ratio of the design gross weight and the total installed takeoff 
power: W/P = Wp/ >> Neng Peng, where the sum is over all engine groups. 


8-2 Controls 


A set of aircraft controls c4c are defined, and these aircraft controls are connected to the component 
controls. The connection to the component control c is typically of the form c = ST’cac + co, where T 
is an input matrix and co the component control for zero aircraft control. The connection (matrix T) is 
defined for a specified number of control system states (allowing change of control configuration with 
flight state). The factor S' is available for internal scaling of the matrix. The control state and initial 
control values are specified for each flight state. Figure 8-1 illustrates the control relationships. 


Typical (default) aircraft controls are the pilot’s controls: collective stick, lateral and longitudinal 
cyclic sticks, pedal, and tilt. Units and sign convention of the pilot’s controls are contained in the matrix 
T. For the single-main-rotor and tail-rotor configuration, it is often convenient for the collective and 
cyclic stick motion to equal the collective and cyclic pitch input of the main-rotor, and the pedal motion to 
equal the collective pitch input of the tail-rotor. The aircraft controls should be scaled to approximately 
the same amplitude, by appropriate definition of the matrix T and scale factor S. 


These aircraft controls are available for trim of the aircraft. Any aircraft controls not selected for 
trim will remain fixed at the values specified for the flight state. Thus by defining additional aircraft 
controls, component controls can be specified as required for a flight state. 
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Figure 8-1. Aircraft and component controls. 


Each aircraft control variable c4c can be zero, constant, or a function of flight speed (piecewise 
linear input). The flight state input can override this value of the aircraft control. The input value is an 
initial value if the control is a trim variable. 


Each component control variable co (value for zero aircraft control) can be zero, constant, or a 
function of flight speed (piecewise linear input). Optionally the use of co can be suppressed for a flight 
state. The component control from aircraft control (Tc,4c) is a fixed value, or a function of speed, or a 
linear function of another control (perhaps a trim variable). 
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The tilt control variable aj); is intended for nacelle tilt angle or conversion control, particularly for 
tiltrotors. The convention is ayii, = 0 for cruise, and aii, = 90 deg for helicopter mode. If ai, exists as 
a control, it can be zero, constant, or a function of flight speed (piecewise linear input). 


An optional control conversion schedule is defined in terms of conversion speeds: hover and 
helicopter mode for speeds below Vonover, cruise mode for speeds above Vecruise, and conversion mode 
between. The nacelle angle is a;i, = 90 in helicopter mode, a; = 0 in airplane mode, and it varies 
linearly with speed in conversion mode. The tip speed is Vijp—nover In helicopter and conversion mode, 
and Viip—cruise in airplane mode. Control states and drive system states are defined for helicopter, cruise, 
and conversion mode flight. The flight state specifies the nacelle tilt angle, tip speeds, control state, 
and drive system state, including the option to obtain any or all of these quantities from the conversion 
schedule. 


The flight speed used for control scheduling is usually the calibrated airspeed (CAS), hence variation 
with dynamic pressure. Velocity schedules are used for conversion, controls and motion, rotor tip speed, 
landing gear retraction, trim targets, and drive system ratings. Optionally these velocity schedules use 
indicated airspeed V,,q, calibrated airspeed V..1, or true airspeed V. 


The control matrices T’ can be defined based on the configuration. Let caco, Cace, CACs» CACp be 
the pilot’s controls (collective, lateral cyclic, longitudinal cyclic, and pedal). For the helicopter, the first 
rotor is the main-rotor and the second rotor is the tail-rotor; then 


TMcoll | 1 0 O 0 | CACO 
Tyna | __ |909 -r OO CACec 
TMing 0 0 —l 0 CACs 
TT coll 0 0 0 -r CACp 
where r is the main-rotor direction of rotation (r = 1 for counter-clockwise rotation, r = —1 for clockwise 


rotation). For the tandem configuration, the first rotor is the front rotor and the second rotor is the rear 
rotor; then 


TP coll 1 oO -1 0 CACO 
Triat |) __ |9 -rr O | —rr CACe 
TReoll 1 0 1 0 CACs 
TRiat 0 -rr O- TR CACp 
For the coaxial configuration: 
Ti coll 1 0 0 Ty 
Tat 0 -r, O O CACO 
Ting | _ | 0 0 -l1 0 CACe 
Tcoll 1 0 0 re CACs 
Talat 0 -rg2 O O CACp 
ius 0 0 -1 0 


For the tiltrotor, the first rotor is the right rotor and the second rotor is the left rotor; then 


TReoll 1 -l 0 0 

Ties O20 Se 14 os 

Treght 1 1 0 0 

Thing. |e (0! 0. 2h, veh | | Ae 
Bs OQ: <1. G: @ ae 
jee 0 0 1 0 ne 
oe 0 0 0 1 
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with cyclic stick and pedal connected to rotor controls only for helicopter mode. For the multicopter 
configuration: 


Ticoll = CACO — CACc Sin Yi + CACs COS Wi + CACpTi 


where w; is the angle of the 7-th rotor, measured clockwise from the forward longitudinal axis. Alternative 
multicopter control strategies use rotor rotational speed instead of collective, or cyclic for yaw control. 


The sign conventions for the pilot’s controls are collective stick positive up, lateral cyclic stick 
positive right, longitudinal cyclic stick positive forward, and pedal positive nose right. The rotor controls 
are a positive Fourier series, with azimuth measured in the direction of rotation. 


8-3 Trim 


The aircraft trim operation solves for the controls and motion that produce equilibrium in the 
specified flight state. In steady flight (including hover, level flight, climb and descent, and turns), 
equilibrium implies zero net force and moment on the aircraft. In general, there can be additional 
quantities that at equilibrium must equal target values. In practice, the trim solution can deal with a 
subset of these quantities. Usually it is at least necessary to achieve equilibrium in the aircraft lift and 
drag forces, as well as in yaw moment for torque balance. The basic purpose of the trim solution is to 
determine the component states, including aircraft drag and rotor thrust, sufficient to evaluate the aircraft 
performance. 


Different trim solution definitions are required for various flight states. Therefore one or more 
trim states are defined for the analysis, and the appropriate trim state selected for each flight state of a 
performance condition or mission segment. For each trim state, the trim quantities, trim variables, and 
targets are specified. The available trim quantities include: 


aircraft total force and moment; aircraft load factor; 

propulsion group power; 

power margin Pa,p¢ — Preqpa; torque margin Posimit — PreqPas 
engine group power; power margin Payeg — PreqBGs 

jet group thrust; thrust margin T,,3¢ — Treqsa 

charge group power; charge power margin Payog — PreqcG3 

fuel tank energy flow ohare battery power margin, Prax — LBbagels 
rotor force (lift, vertical, or propulsive); 

rotor thrust C/o; rotor thrust margin (Cr/o)max — |Cr/a|; 

rotor flapping 3., 3,; rotor hub moment, roll and pitch; rotor torque; 
wing force; wing lift coefficient C,; wing lift margin Crmax — Cz; 
tail force. 


Targets for aircraft total force and total moment (including inertial loads in turns) are always zero. The 
available trim variables include: 


aircraft controls; 

aircraft orientation, 0 (pitch), ¢ (roll); 

aircraft horizontal velocity V;,; 

aircraft vertical rate of climb V.; aircraft sideslip angle; 
aircraft angular rate, 6 (pullup), w (turn); 

propulsion group tip speed or engine speed. 
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Figure 8-2. Aircraft geometry. 


The aircraft orientation variables are the Euler angles of the body axes relative to inertial axes. The 
aircraft controls (appropriately scaled) are connected to the component controls. 


A Newton-Raphson method is used for trim. The derivative matrix is obtained by numerical 
perturbation. A tolerance « and a perturbation A are specified. 


8-4 Geometry 


The aircraft coordinate system has the x-axis forward, y-axis to the right, and z-axis down, measured 
from the center of gravity (fig. 8-2). These aircraft axes are body axes (a is not aligned with the wind), 
the orientation determined by the convention used for the input geometry. The center of gravity is the 
appropriate origin for describing the motion of the aircraft, and summing the forces and moments acting 
on the aircraft. 


Layout of the geometry is typically in terms of station line (SL, positive aft), buttline (BL, positive 
right), and waterline (WL, positive up), measured relative to some arbitrary origin (fig. 8-2). The x-y-z 
axes are parallel to the SL-BL-WL directions. One or more locations are defined for each component 
of the aircraft. Each component will at least have a location that is the point where component forces 
and moments act on the aircraft. Each location is input in fixed or scaled form. The fixed form input 
is SL/BL/WL (dimensional). The scaled form input is «/Z (positive aft), y/LZ (positive right), and 
z/L (positive up), based on a reference length L, from a reference point. The reference length is the 
rotor radius or wing span of a designated component, or the fuselage length. The reference point can 
optionally be input, or the location (hub) of a designated rotor, or the location (center of action) of a 
designated wing component, or the location (center of action) of the fuselage, or the location of the 
center of gravity. Fixed input can be used for the entire aircraft, or just for certain components. 


From this fixed or scaled input and the current aircraft size, the actual geometry (x, y, z) can be 
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calculated for each location. There are also options to calculate geometry from other parameters (such 
as tiltrotor span from rotor radius and clearance). This calculated geometry has the sign convention of 
the aircraft axes (x positive forward, y positive right, z positive down), but has the origin at the reference 
point (which may or may not be the center of gravity). All input uses the same sign convention; all 
internal calculations use the same sign conventions. Table 8-1 summarizes the conventions. 


The location of the aircraft center of gravity is specified for a baseline configuration. With tilting 
rotors, this location is in helicopter mode. For each flight state the aircraft center of gravity is calculated, 
from the baseline location plus any shift due to nacelle tilt, plus an input center-of-gravity increment. 
Alternatively, the aircraft center-of-gravity location for the flight state can be input. Any change of the 
center-of-gravity position with fuel burn during a mission is not automatically calculated, but could be 
accounted for using the flight state input. 


The aircraft operating length and width are calculated from the component positions and dimensions: 
Csotal = Umax — Umin 2Nd Wtotal = Ymax — Ymin, Where the maximum and minimum dimensions are for the 
fuselage and all rotors, wings, and tails. The corresponding footprint area is then Stotai = CrotalWtotal- 


Table 8-1. Geometry conventions. 


layout scaled input calculated motion and loads 
origin arbitrary reference point reference point center of gravity 
x SL (+ aft) x/L (+ aft) x (+ forward) x (+ forward) 
y BL (+4 right) y/L (+ right) y (+ right) y (+ right) 
z WL (+ up) z/L (+ up) z (+ down) z (+ down) 


8-5 Aircraft Motion 


The aircraft velocity and orientation are defined by the following parameters: flight speed V; turn 
rate; orientation of the body frame relative to inertial axes (Euler angles); and orientation of the velocity 
frame relative to inertial axes (flight path angles). Aircraft conventions are followed for the direction 
and orientation of axes: the z-axis is down, the x-axis forward, and the y-axis to the right; and a yaw- 
pitch-roll sequence is used for the Euler angles. However, the airframe axes are body axes (fixed to the 
airframe, regardless of the flight direction) rather than wind axes (which have the z-axis in the direction 
of the flight speed). The orientation of the body frame F relative to inertial axes I is defined by yaw, 
pitch, and roll Euler angles, which are rotations about the z, y, and x axes, respectively: 


ch = Xr Yor Lor 


So yaw is positive to the right, pitch is positive nose up, and roll is positive to the right. The flight path 
is specified by the velocity V, in the positive x-axis direction of the velocity axes. The orientation of the 
velocity axes V relative to inertial axes I is defined by yaw (sideslip) and pitch (climb) angles: 


Ce = Yo, Lay Loop 


Sideslip is positive for the aircraft moving to the right, and climb is positive for the aircraft moving up. 
Then 
CSO OS Xen oe 
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In straight flight, all these angles and matrices are constant. In turning flight at a constant yaw rate, the 
yaw angle is Wp = w rt; the turn radius is Rr = V;,/ wr; and the nominal bank angle and load factor are 
tandp = Vn?-1l= w rVi/g. Then the forward, sideward, and climb velocities are: 


V; = V cos Oy cos py = Vn cos Wy 
V, = V cos Oy sinwy = Vz, sin wy 
V.. = V sin Oy = Va tan Oy 


where V;, = V cos 6y is the horizontal velocity component. The velocity components in airframe axes are 


vic = vF!/F = CFV (V 00)? (aircraft velocity relative to the air). The calibrated airspeed is calculated 


from the true airspeed V: 


_ [5((1 +0.2M?)7/2 — 1) +1] 
Veal = val 0.2M265 


2/7 


1 3 
~VvVo |1+=(1-6)M? + —-(1- 106 + 967) M* 
8 640 
where o = p/po is the density ratio, 6 = p/po is the pressure ratio, and M is the Mach number. The 
indicated airspeed Ving is obtained from calibrated airspeed using a specified conversion table. The 
aircraft angular velocity is 


op 1 0 —sin Op op 
wig =whl/F = R Or | = | 0 cos¢@r singrcosér Op 
Wr 0 -singr cos@rcosbp Wp 


For steady state flight, Op = d r=0; w Fr 1S nonzero in a turn. 


Accelerated flight is also considered, in terms of linear acceleration a4, = 6"!/" = gny and pitch 
rate 07. The nominal pullup load factor is n = 1+ OrVp /g. For accelerated flight, the instantaneous 
equilibrium of the forces and moments on the aircraft is evaluated, for specified acceleration and angular 
velocity; the equations of motion are not integrated to define a maneuver. Note that the fuselage and 
wing aerodynamic models do not include all roll and yaw moment terms needed for general unsteady 
flight (notably derivatives L,,, Lp, Ly, Nu, Np, Nr). 


The aircraft pitch and roll angles are available for trim of the aircraft. Any motion not selected for 
trim will remain fixed at the values specified for the flight state. The pitch and roll angles each can be 
zero, constant, or a function of flight speed (piecewise linear input). The flight state input can override 
this value of the aircraft motion. The input value is an initial value if the motion is a trim variable. 


The aircraft never-exceed speed Vyg (knots TAS) can be specified by a combination of tabular, 
stall, compressibility, and Mach number limits. The tabular limit Vyg; is a function of density altitude 
hq and weight ratio ry = Wo/Wp, and perhaps temperature 7 (°C). The stall limit is evaluated for 
each rotor from the steady or transient or equation definition of the rotor thrust capability, (Cr/o) max 
as a function of advance ratio 4. Given C/o, the steady or transient function is interpolated to ju; or 
the equation (Cr/o) max = Ko — Kip? is solved for p = J (Ko —|Cr/o|)/y; then Vnrs = uVtip. The 
compressibility limit, typically obtained from flight test, is the indicated airspeed (knots) as a function 
of density altitude hg, temperature 7 (°C), main rotor tip speed Vii», and weight ratio rw = We/Wo: 


Vuze = Cy — Coha + C37 — CaMtip — Corw 


The Mach number limit is evaluated for each rotor from a specified advancing tip Mach number: 
Vnrm = Matcs — Viip. The aircraft never-exceed speed is the minimum of the active limits: Vyz = 
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min(Vnet, Vnes,; VNEc, VNeEm). Finally, minimum and maximum speeds can be specified, so Vyz = 
max(Viin, MiN(Vinax, VNE)); Where Vinin and Vinax are each the minimum of true airspeed and indicated 
airspeed values (expressed as true airspeed). 


8-6 Loads and Performance 


For each component, the power required and the net forces and moments acting on the aircraft can 
be calculated. The aerodynamic forces F and moments M are typically calculated in wind axes and then 
resolved into body axes (x, y, z), relative to the origin of the body axes (the aircraft center of gravity). 
The power and loads of all components are summed to obtain the aircraft power and loads. Typically 
the trim solution drives the net forces and moments on the aircraft to zero. 


The aircraft equations of motion, in body axes F with origin at the aircraft center of gravity, are the 
equations of force and moment equilibrium: 


m(oPl/F 4 REE yPI/F) = FF 4 pF 


grav 
PRP’ Earp e grr ag 


where m = W/g is the aircraft mass; the gravitational force is Ff, = mC*!g' = mCf!(00g)"; and 
the moment of inertia matrix is 


For steady flight, o7/" = oF!/F =0,and w¥!/F = R(00 wr)" is nonzero only in turns. For accelerated 
flight, o?//" can be nonzero, and w*!/? = R(O je wr)". The equations of motion are thus 


mao + Ohovgc) = FF + Te 
Gacl waco = MP 
The body axis load factor is n = (CP! g! — (a4 +@4ov'c))/g. The ai term is absent for steady flight. 
The forces and moments are the sum of loads from all components of the aircraft: 


= Fee + ee rotor +50 FE wing ah > Fea a hen + peas engines +So RE jet 7 +50 FS charge 
= Mine ay So ME rotor +S¢ Ming + +S>mM i + Meek + So ME engines +o Miz yet 1 +S>mM enaine 


Forces and moments in inertial axes are also of interest (F! = C!" FF and M! = C!¥ M*),. A particular 
component can have more than one source of loads; for example, the rotor component produces hub 
forces and moments, but also includes hub and pylon drag. The equations of motion are Ey = FY’ + 
BE Fe =O and BM a ME cc 0), 


grav inertial ~~ inertial 


The component power required P.omp is evaluated for all components (rotors, motors, and com- 
pressors) of the propulsion group. The total power required for the propulsion group P,cqpqg is obtained 
by adding the transmission losses and accessory power. The power required for the propulsion group 
must be distributed to the engine groups. The fuel flow is calculated from the engine power, jet thrust, 
charger power, and equipment power required. The total fuel flow is the sum from all components of 
the aircraft: w= D7 Wreqag + > WreqsG + >> WreqcG + Weq: 


8-7 Aerodynamics 


Each component has a position 2” in aircraft axes F, relative to the reference point; and orientation 
of component axes B relative to aircraft axes given by the rotation matrix C?”’. It is expected that the 
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component axes are (roughly) « forward and z down (or in negative lift direction). The aerodynamic 
model must be consistent with the convention for component orientation. Acting at the component 
are interference velocities vé, (velocity of air, in F axes), from all other components. Then the total 


component velocity relative to the air is 


F 


of svg +O oAz - ut 


int 
where Az! = z¥ — 2f). Then v? = C?!'y" is the velocity in component axes. The aerodynamic 
environment is defined in the component axes: velocity magnitude v = |v?|,dynamic pressure g = 1/2pv", 
angle of attack a, and sideslip angle 6. The angle of attack and sideslip angle provide the transformation 


between airframe axes and velocity axes: 
CPt = ¥,2 5 


This is the conventional aircraft definition, corresponding to yaw-then-pitch of the airframe axes relative 
to the velocity vector. By definition, the velocity is along the x-axis in the A axes, v? = C?4(v00)?; 
from which the angle of attack and sideslip in terms of the components of v® are obtained: 


a = tan! vB /vP 

6 =sin7* vz /|v?| 
This definition is not well behaved for v? = 0 (it gives a = 90sign(v?)), so for sideward flight a 
pitch-then-yaw definition can be useful: C?4 = Z_,Y,. Then 

a = sin! v2 /|\v? | 

B= tan! v2 /vP 
which gives 3 = 90sign(v??) for v? = 0. 


The component aerodynamic model may include coefficient values for sideward flight, but not have 
equations for a continuous variation of the coefficients with sideslip angle. For such cases, sideward 
flight is defined as || = 80 to 100 degrees. 


From v, q, a, and 3, the aerodynamic model calculates the component force and moment, in wind 
axes acting at z?: 


—D M, 
cal ee M4=| M, 
—L M, 


where D, Y ,and L are the drag, side force, and lift; M/,, M,,and M, are the roll, pitch, and yaw moments. 
The aerodynamic loads in aircraft axes acting at the center of gravity are then: 


FF = CrECBAPA 
MF =CF8CBAMA +4 AzF FF 


where Az” = z* — zi’. In hover and low speed, the download is calculated: FJ = k"(C'!'F*), the 
downward component of the aerodynamic force in inertial axes. Download can be expressed as a fraction 
of the total rotor vertical force or as a fraction of gross weight. The aerodynamic model also calculates 
the interference velocities caused by this component at all other components: vf, = C’? v2,. 


int 
Equations for the aerodynamics models are defined for all angles in radians. Input values of angles 
are, however, in degrees. 
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The aircraft neutral point is calculated from the airframe aerodynamics with all controls set to zero. 
The neutral point is here defined as the longitudinal position about which the derivative of the pitch 
moment with lift is zero. Hence SLng = SLeg -AM/AL, with the change in lift and moment calculated 
from the loads at angles of attack of 0 and 5 deg. 


8-8 Compressible Aerodynamics 


The aerodynamic coefficients of lifting surfaces (wing and empennage) can be corrected for com- 
pressibility effects. Based on Prandtl-Glauert, the incompressible lift-curve slope is multiplied by the 
factor 


1 

————- M < Maiv 
rl : 

1—-M 

Maiy < M < Maiy + -1 
Fo= (1 — Mai) 1—- Mi, 
1—-M M — Mai — 1 
+ g Maiy+.1<M<1 
(1— May) /1- Mz, | 1— May — 

1. M>1 


Typically the lift-divergence Mach number Mai, ~ 0.75, about 0.1 less than the drag-divergence Mach 
number. A compressible drag increment is modeled following ref. 1 (fig. 6): 


Cox CAs (6.52 +2824 + 28702°) 


where x = (M/M.,. — 0.7) (with M/M_, restricted to the range 0.7 to 1.1) and Cp... & 0.0011 is the drag 
increment at M = M_... The critical Mach number depends on the lift coefficient: 


Ma Mi Mia (0.03C, + 0.1902 + 0.78C3) 
with typically M..9 © 0.74, Mec & 0.31, and Cy restricted to the range 0 to 1. 


8-9 Trailing-Edge Flaps 


The lifting surfaces have controls in the form of trailing-edge flaps: flap, flaperon, and aileron for 
wings; elevator or rudder for tails. The aerodynamic loads generated by flap deflection 6; (radians) are 
estimated based on two-dimensional aerodynamic data (as summarized in refs. 2 and 3). Let 0¢ = cy/c 
be the ratio of the flap chord to the wing chord. The lift coefficient is ce = cya(a + Td¢), Where 
n = 0.85 — 0.436, is an empirical correction for viscous effects (ref. 2, eq. 3.54 and fig. 3.36). Thin 


airfoil theory gives 
6, — sin Of n 
poi se (sin ¢5)) 


Tv 


with 67 = cos~!(2¢¢ — 1) (ref. 2, eq. 3.56 and fig. 3.35; ref. 3, eq. 5.40). The last expression is an 
approximation that is a good fit to the thin airfoil theory result for n = 1/2, and a good approximation 
including the effects of real flow for n = 2/3 (ref. 3, fig. 5.18); the last expression with n = 2/3 is used 
here. The increase of maximum lift coefficient caused by flap deflection is less than the increase in lift 
coefficient, so the stall angle of attack is decreased. Approximately 


Acemax Rs, 2 3 
Rat (1 = by) (1+ by — 5G + 36) 
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(ref. 2, fig. 3.37). Thin airfoil theory gives the moment coefficient increment about the quarter chord: 


Aem = —0.85 (a = ¢y) sin 8) 5, = —0.85 (( — ¢s)24/(1— lp )ey) op 


(ref. 2,eq. 3.57; ref. 3, eq. 5.41); with the factor of 0.85 accounting for real flow effects (ref. 3, fig. 5.19). 
The drag increment is estimated using 


Sy. 
ACp = 0.9 05° — sin? dy 
for slotted flaps (ref. 2, eq. 3.51). In summary, the section load increments are: 
Ace = Cla Leno 


ACemax = Xf Ace 
Acm = cf My dz 
Cc 


The decrease in angle of attack for maximum lift is 


AGmnax _ Acg = Acemax = (1 Xf) Ace 


Cla Cha 


The coefficients 
np = 0.85 — 0.43|5 | = no — mds 


Lp= 7 (sin(3 ¢,))"” 


Xp = (1— ly) (1 + Ly — 565 + 363) 


1 

My = —0.85 — ((1- €)24/(1 - ep)er) 
e 

Dy = 0.9 £47" 


follow from these equations. 


For three-dimensional aerodynamic loads, these two-dimensional coefficients are corrected by 
using the three-dimensional lift-curve slope, and multiplying by the ratio of flap span to wing span by /b. 
Then the wing load increments caused by flap deflection, in terms of coefficients based on the wing area, 


are: 5 
AC, = a: CraLyny os 
S AC imax = Xf AC, 
ACu = —£ My és 
Wee Gee Rape Sta ye 


Cre 
ACp = a Dy; sin? Of 


where S/S is the ratio of flap area to wing area. 
8-10 Drag 


Each component can contribute drag to the aircraft. A fixed drag can be specified as a drag area 
D/q; or the drag can be scaled, specified as a drag coefficient Cp based on an appropriate area S. There 
may also be other ways to define a scaled drag value. For fixed drag, the coefficient is Cp = (D/q)/S 
(the aerodynamic model is formulated in terms of drag coefficient). For scaled drag, the drag area 
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is D/q = SCp. For all components, the drag (D/q)comp OF Crpcomp is defined for forward flight or 
cruise; typically this is the minimum drag value. For some components, the vertical drag ((.D/q)vcomp OF 
Cpvcomp) Or sideward drag ((.D/q)scomp OF Cpscomp) is defined. For some components, the aerodynamic 
model includes drag due to lift, angle of attack, or stall. 


Table 8-2 summarizes the component contributions to drag, and the corresponding reference areas. 
If no reference area is indicated, then the input is only drag area D/g. An appropriate drag reference 
area is defined for each component, and either input or calculated. Wetted area is calculated for each 
component, even if it is not the reference area. The component wetted areas are summed to obtain the 
aircraft wetted area. Some of the weight models also require the wetted area. The component drag 
contributions must be consistent. In particular, a rotor with a spinner (such as on a tiltrotor aircraft) 
would likely not have hub drag. The pylon is the rotor support and the nacelle is the engine support. The 
drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor shaft axes; with non-tilting engines it would use the nacelle 
drag as well. 


Table 8-2. Component contributions to drag. 


component drag contribution reference area 


fuselage 


fuselage 

fuselage vertical 
fittings and fixtures 
rotor-body interference 
contingency (aircraft) 


fuselage wetted area 
fuselage projected area 
fuselage wetted area 
fuselage wetted area 


payload increment (flight state) — 


landing gear landing gear _ 


rotor disk area 
duct wetted area 
pylon wetted area 
spinner wetted area 


rotor hub, hub vertical 
duct, duct vertical 
pylon, pylon vertical 
spinner 


wing wing, wing vertical 
wing-body interference 


wing planform area 
wing planform area 


tail tail, tail vertical 


fuel tank 


tail planform area 


auxiliary tank (flight state) — 


engine nacelle, nacelle vertical nacelle wetted area 
momentum drag — 

jet nacelle, nacelle vertical nacelle wetted area 
momentum drag — 

charger nacelle, nacelle vertical nacelle wetted area 


momentum drag — 


Optionally the aircraft drag can be fixed. The quantity specified is the sum (over all components) 
of the drag area D/g (minimum drag, excluding drag due to lift and angle of attack), without accounting 
for interference effects on dynamic pressure. The input parameter can be D/q; or the drag can be scaled, 
specified as a drag coefficient based on the rotor disk area, so D/q = AretCp (where Are¢ is the reference 
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rotor disk area); or the drag can be estimated based on the gross weight, D/q¢ = k(Warro/1000)?/° 
(where Wyyrro is the maximum takeoff gross weight; units of k are ft?/k-lb?/> or m?/Mg?/*). Based 
on historical data, the drag coefficient Cp = 0.02 for old helicopters, Cp = 0.008 for current low-drag 
helicopters. Based on historical data, & = 9 for old helicopters, & = 2.5 for current low-drag helicopters, 
k = 1.6 for current tiltrotors, and & = 1.4 for turboprop aircraft (English units). If the aircraft drag is 
input, then the fuselage contingency drag is adjusted so the total aircraft D/q equals the input value. 


Optionally the aircraft vertical drag (download fraction) can be fixed. The quantity specified is 
the sum over all components of the vertical drag area (D/q)yv. The input parameter can be (D/q)v, or 
k = (D/q)v /Aret (where A,o¢ is reference rotor disk area). Approximating the dynamic pressure in the 
wake as q = '/p(2up,)? = T/Arer, the download fraction is DL/T = q(D/q)v/T = k. If the aircraft 
vertical drag is input, then the fuselage contingency vertical drag is adjusted so the total aircraft (D/q)v 
equals the input value. 


The nominal drag areas of the components and the aircraft are part of the aircraft description and 
are used when the aircraft drag is fixed. The nominal drag area is calculated for low-speed helicopter 
flight, for high-speed cruise flight, and for vertical flight. An incidence angle i is specified for the 
rotors, wings, and nacelles, to be used solely to calculate the nominal helicopter and vertical drag areas. 
The convention is that i = 0 if the component does not tilt. Table 8-3 summarizes the contributions 
to the nominal drag areas, with D for the drag in normal flow and Dy for the drag in vertical flow. 
While vertical drag parameters are part of the aerodynamic model for the hub, duct, pylon, and nacelle, 
aerodynamic interference at the rotor and at the propulsion components is not considered, so these terms 
do not contribute to download. In the context of download, only the fuselage, wing, tail, and contingency 
contribute to the nominal vertical drag. 


From the input and the current aircraft size, the drag areas D/gq and coefficients Cp are calculated. 
The aerodynamic analysis is usually in terms of coefficients. If the aircraft drag is fixed for the aircraft 
model, then the fuselage contingency drag is set: 


(D/@) cont = (D/d)fixea = S"(D/@) comp 


and similarly for fixed vertical drag. Note that this adjustment ignores changes caused by interference 
in the dynamic pressure and the velocity direction, which will affect the actual component drag. 


The component aerodynamic model calculates the drag, typically from a drag coefficient Cp, a 
reference area, and the air velocity of the component. The drag force is then D = $7 qcompSref Cp, Where 
the dynamic pressure gcomp includes interference. From the aerodynamic forces and moments in wind 
axes, the total force and moment in body axes (F*” and M*) are calculated. For reference, the aircraft 
total drag and total drag area are 


Dse= ef Fis 
(D/q)ac = Dac/@ 


where the aircraft velocity (without interference) gives the direction eg = —v‘{/|v4¢| and dynamic 
pressure g = ‘Ap|v4,|?; and FX, is the component aerodynamic force. An overall skin friction 


drag coefficient is then Cp ac = (D/@) Aacwet/Sac, based on the aircraft wetted area Sac = Y> Swet 
and excluding drag terms not associated with skin friction (specifically landing gear, rotor hub, and 
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contingency drag). 


Table 8-3. Component contributions to nominal drag area. 


component drag contribution cruise helicopter vertical 
fuselage fuselage D D Dy 
fittings and fixtures D D D 
rotor-body int D D D 
landing gear landing gear D D 0 
retractable 0 D 0 
rotor hub D Dcos?i+Dysin?i 0 
duct D Dcos?i+ Dysin?i 0 
pylon D Dcos?i+ Dysin?i 0 
spinner D D 0 
wing wing D Dcos?i+ Dysin?i  Dsin? i+ Dy cos?i 
wing-body int D D D 
tail horizontal tail D D Dy cos? 
tail vertical tail D D Dy sin” 
engine nacelle D Dcos?i+ Dysin?i 0 
jet nacelle D Dcos?i+Dysin?i 0 
charger nacelle D Dcos?i+Dysin?i 0 
contingency D D Dy 


8-11 Performance Metrics 


The following performance metrics are calculated for the aircraft. The aircraft hover figure of merit 
is M = W\/W/2pAyer/P. The aircraft effective drag is D. = P/V, hence the effective lift-to-drag ratio 
is L/D. = WV/P. For these metrics, the aircraft power is the sum of the engine group power, jet group 
propulsive power, and charge group power: P = Preq + VTjct + Penrg. The aircraft power loading is 
W/P (1b/hp or kg/kW). Isolated rotor performance metrics are described in Chapter 12. 


8-12 Weights 


The design gross weight Wp is a principal parameter defining the aircraft, either input or determined 
by the sizing task from designated design conditions and missions. Typically Wp is the takeoff weight 
for the primary design mission. The design gross weight is used by the analysis to calculate the rotor disk 
loading and blade loading, wing loading, power loading, and thrust loading; to obtain aircraft moments 
of inertia from the radii of gyration; for tolerance and perturbation scales of the solution procedures; 
optionally to define structural design gross weight and maximum takeoff weight; and optionally to 
specify the gross weight for missions and flight conditions. 


The aircraft weight statement defines the empty weight, fixed useful load, and operating weight 
for the design configuration. The aircraft weight statement is the sum of the weight statements for all 
the aircraft components, the component weight determined by input or by parametric calculations with 
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technology factors. The definitions of the weight terms are as follows: 


gross weight We = We + Wut = Wo + Woay + Wruet 
operating weight Wo = We+Wrut 
useful load Wu = Wrut + Wpay + Weuel 


where Wz is the weight empty; Wruz the fixed useful load; W,., the payload weight; and Weuei the 
usable fuel weight. Aircraft weight definitions are given in SAWE RP7D (ref. 4), including: 


Payload is any item which is being transported and is directly related to the purpose 
of the flight as opposed to items that are necessary for the flight operation. Payload 
can include, but is not limited to, passengers, cargo, passenger baggage, ammo, 
internal and external stores, and fuel which is to be delivered to another aircraft or 
site. Payload may or may not be expended in flight. 


Operating weight is the sum of aircraft weight empty and operating items. Operating 
weight is equivalent to takeoff gross weight less usable fuel, payload, and any item 
to be expended in flight. 


Weight empty is an engineering term which is defined as the weight of the complete 
aircraft as defined in the aircraft specifications, dry, clean, and empty except for 
fluids in closed systems such as a hydraulic system. 


The weight empty consists of structure, propulsion group, systems and equipment, vibration, and con- 
tingency weights. The weight empty W< can be calculated, or input, or scaled with design gross weight: 
We = dwe+ fweWp. Fixed or scaled weight empty is implemented by adjusting the contingency 
weight so Wz equals the required value. If the design gross weight is input, then the payload or fuel 
weight must be fallout. 


The structural design gross weight Wsp and maximum takeoff weight Wy;ro can be input, or 
specified as an increment d plus a fraction f of a weight W: 


dspaw + fspawWp 
Wsp = dspaw + fspawW = § dspaw + fspaw(Wp — Weaei + ftuc!Wetuel—cap) 
dspaw + fspawWmro 


dwutro + fwmTroWp 
Wurto = dwuto + fwmTroW = § dwmto + fwmto(Wp — Wruei + Wruel—cap) 
dwuto + fwmtoWsp 


This convention allows the weights to be input directly (f = 0), or scaled with a design weight. For 
Wsp, W is the design gross weight Wp, or Wp adjusted for a specified fuel state (input fraction of fuel 
capacity), or the maximum takeoff weight Wyro. Alternatively, Wsp can be calculated as the gross 
weight at a designated sizing flight condition. The structural design gross weight is used in the weight 
estimation. For Wiyro, W is the design gross weight Wp, or Wp adjusted for maximum fuel capacity, 
or the structural design gross weight Wsp. Alternatively, Wyy70 can be calculated as the maximum 
gross weight possible at a designated sizing flight condition. The maximum takeoff weight is used in 
the cost model, in the scaled aircraft and hub drag, and in the weight estimation. 


The design ultimate load factor n,.., at the structural design gross weight Wsp is specified, in 
particular for use in the component weight estimates. The structural design gross weight Wsp and 
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design ultimate load factor nz, are used for the fuselage, rotor, and wing weight estimations. The 
maximum takeoff weight Wy;ro is used for the cost and drag (scaled aircraft and hub), and for the 
weights (system, fuselage, landing gear, and engine group). 


The gross weight Wg is specified for each flight condition and mission, perhaps in terms of the 
design gross weight Wp. For a each flight state, the fixed useful load may be different from the design 
configuration because of changes in auxiliary fuel tank weight, or kit weights, or increments in crew or 
equipment weights. Thus the fixed useful load weight is calculated for the flight state; and from it the 
useful load weight and operating weight are calculated. The gross weight, payload weight, and usable 
fuel weight (in standard and auxiliary tanks) complete the weight information for the flight state. 


For each weight group, fixed (input) weights can be specified; or weight increments dW added to 
the results of the parametric weight model. The parametric weight model includes technology factors 
x. Thus typically a component or element weight is obtained from W = yWioae + dW. Weight of 
individual elements in a group can be fixed by using dW and setting the corresponding technology factor 
x = 0. With x # 0, the increment dW can account for something not included in the parametric model. 


For scaled weights of all components, the AFDD weight models are implemented. The user can 
incorporate custom weight models as well. 


The operating weight is composed of scaled and fixed weights, so the design gross weight can be 
written Wp = Wo + Woay + Weuet = Worixea + Woscated + Wray + Winer. The growth factor is the change 
in gross weight due to a change in payload: 


OWp 1 OWoscaled ae OWruel ie (“pests Sr OWp 


OWsg. > Wig OW dWp OWp } OWoay 
~14 je a wa OWp = 1 
Wp Wp OW pay 1- POscaled = fuel 


in terms of the weight fractions 6 = W/Wp. 


The aircraft operating weight can be divided into core vehicle weight and military load. The core 
vehicle weight is the weight in minimum airworthy state, with the aircraft capable of normal flight 
throughout the envelope, but not mission capable. Military load is the sum of fixed useful load and 
military features in weight empty. Thus 


weight empty = core vehicle weight + military features 
military load = fixed useful load + military features in weight empty 


operating weight = We + Wry = core vehicle weight + military load 


In terms of the weight breakdown used here, military features in weight empty consist of folding weight 
(wing, rotor, tail, fuselage terms), crashworthiness weight (fuselage, landing gear terms), marinization 
weight (fuselage), rotor brake (drive system), avionics group (mission equipment), armament group, 
furnishings and equipment group, anti-icing group (including electrical group term), and load and 
handling group. 


8-13 Weight Statement 


Aircraft weight information is stored in a data structure that follows SAWE RP8A Group Weight 
Statement format (ref. 5), as outlined in figure 8-3. The asterisks designate extensions of RP8A for 
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the purposes of this analysis. Typically only the lowest elements of the hierarchy are specified; higher 
elements are obtained by summation. Fixed (input) weight elements are identified in the data structure. 
A weight statement data structure exists for each component. The aircraft weight statement is the sum 
of the structures from all components. 
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Aircraft 


WEIGHT EMPTY 
STRUCTURE 
wing group 
basic structure 
secondary structure 
fairings (*), fittings (*), fold/tilt (*) 
control surfaces 
rotor group 
blade assembly 
hub & hinge 
basic (*), fairing/spinner (*), blade fold (*), shaft (*) 
rotor support structure (*), duct (*) 
empennage group 
horizontal tail (*) 
basic (*), fold (*) 
vertical tail (*) 
basic (*), fold (*) 
tail rotor (*) 
blades, hub & hinge, rotor supports, rotor/fan duct 
fuselage group 
basic (*) 
wing & rotor fold/retraction (*) 
tail fold/tilt *) 
marinization (*) 
pressurization (*) 
crashworthiness (*) 
alighting gear group 
basic (*), retraction (*), crashworthiness (*) 
engine section or nacelle group 
engine support (*), engine cowling (*), pylon support (*) 
air induction group 
PROPULSION GROUP 
engine system 
engine 
exhaust system 
accessories (*) 
propeller/fan installation 


blades (*), hub & hinge (*), rotor supports (*), rotor/fan duct (*) 


fuel system 
tanks and support 
plumbing 

drive system 
gear boxes 
transmission drive 
rotor shaft 
rotor brake (*) 
clutch (*) 
gas drive 


Figure 8-3a. Weight statement (* indicates extension of RP8A). 
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SYSTEMS AND EQUIPMENT 
flight controls group 
cockpit controls 
automatic flight control system 
system controls 
fixed wing systems 
non-boosted (*), boost mechanisms (*) 
rotary wing systems 
non-boosted (*), boost mechanisms (*), boosted (*) 
conversion systems 
non-boosted (*), boost mechanisms (*) 
auxiliary power group 
instruments group 
hydraulic group 
fixed wing (*), rotary wing (*), conversion (*) 
equipment (*) 
pneumatic group 
electrical group 
aircraft (*), anti-icing (*) 
avionics group (mission equipment) 
armament group 
armament provisions (*), armor (*) 
furnishings & equipment group 
environmental control group 
anti-icing group 
load & handling group 
VIBRATION (*) 
CONTINGENCY 
FIXED USEFUL LOAD 
crew 
fluids (oil, unusable fuel) (*) 
auxiliary fuel tanks 
other fixed useful load (*) 
equipment increment (*) 
folding kit (*) 
wing extension kit (*) 
wing kit (*) 
other kit (*) 
PAYLOAD 
USABLE FUEL 
standard tanks (*) 
auxiliary tanks (*) 


OPERATING WEIGHT = weight empty + fixed useful load 
USEFUL LOAD = fixed useful load + payload + usable fuel 


GROSS WEIGHT = weight empty + useful load 
GROSS WEIGHT = operating weight + payload + usable fuel 


Figure 8-3b. Weight statement (* indicates extension of RP8A). 
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Chapter 9 


Systems 


The systems component contains weight information (fixed useful load, vibration, contingency, 
and systems and equipment). 


9-1 Weights 


The weight empty consists of structure, propulsion group, systems and equipment, vibration, and 
contingency weights. The vibration control weight can be input, or specified as a fraction of weight 
empty: Wyin = fvin We. The contingency weight can be input, or specified as a fraction of weight empty: 
Weont = fcont We. However, if the weight empty is input, then the contingency weight is adjusted so 
Wr equals the required value. The weights of all components are evaluated and summed, producing the 
aircraft weight empty less vibration and contingency weight, Wx. Then: 


a) Fixed or scaled weight empty: W,i, input or Wyin = frinWe, Went = We — 
(Wx + Wyvip). 

b) Both fractional: We = Wx/(1— froin — feont), Woib = fuinWe, Weont = feont We. 
c) Only vibration weight fractional: Woon; input, We = (Wx + Weont)/(1 — friv), 
Win = frinWe. 

d) Only contingency weight fractional: W,;, input, We = (Wx + Wyin)/(1 — feont), 
Weont = feontWe. 

e) Both input: W,;, and Weont input, We = Wx + Won + Weont- 


Finally, the operating weight Wo = Wr + Wry is recalculated. 


Systems and equipment includes the following fixed (input) weights: auxiliary power group, in- 
struments group, pneumatic group, electrical group (aircraft), avionics group (mission equipment), 
armament group (armor and armament provisions), furnishings and equipment group, environmental 
control group, and load and handling group. Systems and equipment includes the following scaled 
weights: flight controls group, hydraulic group, electrical group (anti-icing), and anti-icing group. 


Flight controls group includes the following fixed (input) weights: cockpit controls and automatic 
flight control system. Flight controls group includes the following scaled weights: fixed wing systems, 
rotary wing systems, and conversion or thrust vectoring systems. Rotary wing flight control weights can 
be calculated for the entire aircraft (using rotor parameters such as chord and tip speed for a designated 
rotor), an approach that is consistent with parametric weight equations developed for conventional two- 
rotor configurations. Alternatively, rotary wing flight control weights can be calculated separately for 
each rotor and then summed. The fixed wing flight controls and the conversion controls can be absent. 


The fixed useful load Wry consists of crew (Werew), trapped fluids (oil and unusable fuel, Wrap), 
auxiliary fuel tanks (Wauxtank), equipment increment, kits (folding, wing, wing extension, other), and 
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other fixed useful load (Wrutother). Werew, Wtrap, and Wru other are input. For a each flight state, the 
fixed useful load may be different from the design configuration because of changes in auxiliary fuel 
tank weight, kit weight, and crew or equpment weight increments. 


Folding weights can be calculated in several weight groups, including wing, rotor, empennage, and 
fuselage. These weights are the total weights for folding and the impact of folding on the group. A 
fraction ffoidxit of these weights can be in a kit, hence optionally removable. Thus, of the total folding 
weight, the fraction ffoidkit iS a kit weight in the fixed useful load of the weight statement, while the 
remainder is kept in the component group weight. 


9-2 Detailed Weight Definition 


Figure 9-1 presents a more detailed description of the weights for the systems and equipment, and 
the useful load. The input information for a group can be just the total weight (AW in the following 
equations), or can include all the terms. 


The electrical group consists of power supply, power conversion, power distribution and controls, 
lights and signal devices, and equipment supports; plus a term associated with the anti-icing group. The 
total weight is 


Welectrical = Welect aircraft + Wdielect 
Welect aircraft — Wsupply + Weonv + Waistrib + Wiights + Wsupport a AW electrical 


The avionics group consists of equipment and installation; here the equipment weights include installa- 
tion. The equipment items are communications, navigation, identification, control and display, aircraft 
survivability, and mission system equipment; plus armament electronics. The total weight is 


WmEQ => Weom aE Whav co Wident a W aisplay t Wsurvive a Wrission a AWmre co Warm elect 


The armament group consists of armament provisions (gun provisions, turret systems, expendable 
weapons provisions) and armor. Armament electronics weight Warm elect (Such as targeting, sights, 
radar) is part of the avionics group. 


Warm prov — Weun + Wurret a Wexpend oP AWarm prov 


Warmor —= Varmor floor Scabin floor + Uarmor wall Scabin wall + Uarmor crew_Verew seat + AW armor 


Here Uarmor foor» Uarmor wall are the armor weights per surface area; Scabin foor ANd Seabin wa are the 
cabin floor and wall areas; Uarmor crew 18 the armor weight per crew; and Nerew seat 1s number of crew 
seats. 


The furnishings and equipment group consists of accommodation for personnel, miscellaneous 
equipment, furnishings, and emergency equipment. Accommodation for personnel consists of seats, 
miscellaneous accommodation (including galleys, toilets), and the oxygen system. Miscellaneous equip- 
ment includes cockpit displays. Furnishings includes floor covering, trim, partitions, crash padding, and 
acoustic and thermal insulation; but excludes vibration absorbers. Emergency equipment consists of fire 
detection and extinguishing, and other emergency equipment (including first aid, survival kit, and life 
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raft). The total weight is 


Wearnish = Waccom a Wise as Wearn a Wemerg a AWeurnish 


Waccom —= (Useat crew + Vaccom crew + Vox eraw,) Nexew seat 
+ (Useat pass a Uaccom pass at Uox pass) Vpass seat 

Wearn = Wrrim + Uinsulation cabin 

Wemerg = Ware + Wother 
Here Uzz crews Unz pass are the weights per crew and passenger; Nerew seat» Npass seat are the number of 
crew and passenger seats; Uinsulation 18 the acoustic and thermal insulation weight per area; and S.apin iS 
the total cabin surface area. The load and handling group consists of aircraft handling and load handling 
(cargo handling, hoist, external load provisions). The total weight is 

Wioad — Woaircraft + Weargo at: AWoad 


Weargo = Unandling Scabin floor + Whoist + Wet prov 


Here Ujandiing 18 the cargo handling weight per cabin floor area, and S.abin door is the cabin floor area. 


The crew weight is 
Werew = UcrewNerew + AWerew 


Here Ucrew is the weight per crew, and N.rew is the number of crew. A crew weight increment for a 
flight condition or mission is given by dNerew and dWerew. Other fixed useful load consists of various 
categories, such as baggage, gun installations, weapons provisions, aircraft survivability equipment 
(chaff, flares), survival kits, life rafts, and oxygen. 


An equipment increment can be defined for a flight condition or mission, in terms of O6Nerew seat» 


5 Npass seat > and SWequip: 


Wequip inc — Ucrew seat inc db Nerew seat + Upass seat inc 5. Npass seat + dWequip 


The default weights per crew and passenger seats are Ucrew seat inc = Useat crew t Uaccom crew + Uox crew + 


Uarmor crew and Upass seat inc — Useat pass = Uaccom pass - Uox pass > 


The payload consists of passengers or troops, cargo (internal and external), ammunition, and 
weapons: 


W payload => Upass-Npass + Weargo + Wert load + Wammo + W weapons an AW payload 


Here Up, ass is the weight per passenger, and Nass is the number of passengers. A payload increment is 
defined by AW payload. For fallout payload, the value of AW payload 18 adjusted. 
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WEIGHT EMPTY 
SYSTEMS AND EQUIPMENT 
electrical group 
aircraft 
power supply 
power conversion 
power distribution and controls 
lights and signal devices 
equipment supports 
anti-icing 
avionics group (mission equipment) 
equipment 
installation 
armament group 
armament provisions 
armor 
furnishings & equipment group 
accommodation for personnel 
seats 
miscellaneous accommodation 
oxygen system 
miscellaneous equipment 
furnishings 
emergency equipment 
fire detection and extinguishing 


other emergency equipment 
load & handling group 
aircraft handling 
load handling 
USEFUL LOAD 
FIXED USEFUL LOAD 
crew 
other fixed useful load 
various categories 
equipment increment 
PAYLOAD 
passengers/troops 
cargo 
ammunition 
weapons 


Figure 9-1. Details of weight descriptions (based on RP8A). 
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Chapter 10 


Fuselage 


There is one fuselage component for the aircraft. 


10-1 Geometry 


The fuselage length /,,, can be input or calculated. The calculated length depends on the longitudinal 
positions of all components. Let tx and @pin be the maximum (forward) and minimum (aft) position 
of all rotors, wings, and tails. Then the calculated fuselage length is 


leus = Erieee + (Bria _ Lmin) + Last 


The nose length ¢,,s¢ (distance forward of hub) and aft length @,., (distance aft of hub) are input, or 
calculated as nose = fnosel and lar, = farL. Typically far, = 0 or negative for the main-rotor and 
tail-rotor configuration, and fs, = 0.75 for the coaxial configuration. The fuselage width we,, is input. 
The reference length L is the rotor radius or wing span of a designated component, or the input fuselage 
length. 


The fuselage wetted area Sy.¢ (reference area for drag coefficients) and projected area S},0; (ref- 
erence area for vertical drag) are input (excluding or including the tail boom terms); or calculated from 
the nose length: 

Swet = fwet (2Lnosettus + 2lnoseWtus + 2htusWtus) + ChoomL 


Sproj a fproj (€noseWfus) er WboomL 


using input fuselage height h¢,,, and factors fy, and fproj; or calculated from the fuselage length: 


Swet = fwet (2lushtus oe 2lfusWius + 2hfusWeus) + Crooml 

Sproj <=: fproj (€fusWtus) or WboomL 
Using the nose length and the tail boom area is probably best for a single-main-rotor and tail-rotor 
helicopter. Here Cycom is the effective tail boom circumference (boom wetted area divided by reference 


length), and wyoom is the effective tail boom width (boom vertical area divided by reference length). 
Alternatively, the wetted area and projected area can be estimated based on the gross weight: 


Swet = kwet (Wp /1000)?/8 
Sproj = kproj(Wp/1000)”/ 
where Wp is the design gross weight; units of k are ft?/k-Ib?/* or m?/Mg?/?. 


Cabin areas are required for weight estimates: total cabin surface area S.apin for acoustic and 
thermal insulation weight (furnishings and equipment group); cabin floor area Sabin goor for armor and 
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cargo handling weights; and cabin wall area Scabin wai for armor weight. These areas are input, or 
calculated from the fuselage dimensions: 


Scabin = feabin (2lushtus + 2leusWeus) 
Scabin floor — faoor (CeusWeus) 
Scabin wall = fwall (2ltusetus) 


with typically f ~ 0.6. 


The fuselage contribution to the aircraft operating length is zpus + fret ltus (forward) and xs,; — (1 — 
fret) Ltus (aft). Here frer is the position of the fuselage aerodynamic reference location aft of the nose, as 
a fraction of the fuselage length. If the fuselage length is input, then fr is input; if the fuselage length 
is calculated, then frer = (max + lnose — tus)/Etus: 


10-2 Control and Loads 


The fuselage has a position z*, where the aerodynamic forces act; and the component axes are 
aligned with the aircraft axes, C?” = I. The fuselage has no control variables. 


10-3 Aerodynamics 


The aerodynamic velocity of the fuselage relative to the air, including interference, is calculated in 
component axes, v?. The angle of attack aus, sideslip angle 3, (nence C?“), and dynamic pressure q 
are calculated from v®. The reference area for the fuselage forward flight drag is the fuselage wetted area 
Swet, Which is input or calculated as described previously. The reference area for the fuselage vertical 


drag is the fuselage projected area S,,..;, which is input or calculated as described previously. 


10-3.1 Drag 


The drag area or drag coefficient is defined for forward flight, vertical flight, and sideward flight. 
In addition, the forward flight drag area or drag coefficient is defined for fixtures and fittings, and for 
rotor-body interference. The effective angle of attack is a. = Qfus — @pmin, Where Apmin is the angle 
of minimum drag; in reverse flow (|a.| > 90), ae — a. — 180signa,. For angles of attack less than a 
transition angle q,, the drag coefficient equals the forward flight (minimum) drag C'pp, plus an angle of 
attack term. Thus if Ja.| < a; 
Cp = Co (1+ Kalae|™*) 


and otherwise 
Cpt = Coo (1 + Kala;|*4) 


- Sproj a ( ™ [Qe| — a 
Cp = Cpt + (= Cpv Cox) sin (5 ee, 
and similarly for the transition of payload drag (D/q)pay and contingency drag (D/q)con:. Optionally 
there might be no angle-of-attack variation at low angles (4 = 0), or quadratic variation (Xq = 2). With 
an input transition angle, there will be a jump in the slope of the drag coefficient at a;. For a smooth 
transition, the transition angle that matches slopes as well as coefficients is found by solving 


2Xq Xa Xq-1 (Sproj /Swet)Cpv 2 Cpo i 
(= _ 1) en = XQ + enn 0 
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This calculation of the transition angle is only implemented with quadratic variation, for which 


ee (Sproj/Swet)Cpv — Coo 
a oa a ( * i) e KaCpo 


with a = (4/7) —1; a; is however required to be between 15 and 45 deg. For sideward flight (v? = 0) the 
drag is obtained using ¢, = tan~'(—v?/v?) to interpolate between sideward and vertical coefficients: 


S i 
Cp = Cps cos? by + ah Cpy sin? dy 
wet 


Then the drag force is 


D = qSwer (Co + Coe + Cow) + 4((D/dpay + (D/A) cont) 


including drag coefficient for fixtures and fittings Cpg_ and rotor-body interference Cp, (summed over 
all rotors); drag area of the payload (specified for flight state); and contingency drag area. 


10-3.2 Lift and Pitch Moment 


The fuselage lift and pitch moment are defined in fixed form (L/q and M/gq), or scaled form (Cz, 
and Cy,, based on the fuselage wetted area and fuselage length). The effective angle of attack is 
Qe = Afus — Az1, Where a, is the angle of zero lift; in reverse flow (|a.| > 90), ~ — a — 180signa,. Let 
Qmax be the angle-of-attack increment (above or below zero lift angle) for maximum lift. If |a.| < @max 


Cr = CraQe 

Cm = Cuo + CMae 
and otherwise 

1/2 —|ael 
1/2 — |Qmax| 
1/2 — |oe| 

1/2 — |Qmax| 
for zero lift and moment at 90 deg angle of attack. In sideward flight, these coefficients are zero. Then 
L = qSwerCy, and M = qSwetltusC uw are the lift and pitch moment. 


Cr = CraQmaxSignd@e ( 


Cm = (Cuo + CuaQmaxSignae) ( 


10-3.3 Side Force and Yaw Moment 


The fuselage side force and yaw moment are defined in fixed form (Y/q and N/gq), or scaled form 
(Cy and Cy, based on the fuselage wetted area and fuselage length). The effective sideslip angle is 
Be = Brus — Bzy, where G.,, is the angle of zero side force; in reverse flow (|8.| > 90), Be — Be—180signf,. 
Let Bmax be the sideslip angle increment (above or below zero side force angle) for maximum side force. 
If [Bel < Bmax 
Cy = CygBe 
Cy = Cno + CngPe 


and otherwise 


Cy = Cy gBmaxSign Be (=P) 
Cy = (Cno + CnpGmaxsignGe) ae 
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for zero side force and yaw moment at 90 deg sideslip angle. Then Y = ¢Sye¢Cy and N = qSwetltusCn 
are the side force and yaw moment. The roll moment is zero. 


10-4 Weights 


The fuselage group consists of the basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. 


Chapter 11 


Landing Gear 


There is one landing gear component for the aircraft. The landing gear can be located on the body 
or on the wing. The landing gear can be fixed or retractable; a gear retraction speed is specified (CAS), 
or the landing gear state can be specified in the flight state. 


11-1 Geometry 


The landing gear has a position z’’, where the aerodynamic forces act. The component axes are 
aligned with the aircraft axes, C?” = I. The landing gear has no control variables. The height of the 
bottom of the landing gear above ground level, hrc, is specified in the flight state. The landing gear 
position z” is a distance dzg above the bottom of the gear. 


11-1.1 Drag 


The drag area is specified for landing gear extended, (D/q)rc. The velocity relative to the air at 
z® gives the drag direction eg = —v*'/|v*'| and dynamic pressure g = !/29\v" |? (no interference). Then 


F® = eaq(D/q)te@ 
is the total drag force. 
11-2 Weights 


The alighting gear group consists of basic structure, retraction, and crashworthiness structure. 
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Chapter 12 
Rotor 


The aircraft can have one or more rotors, or no rotors. In addition to main-rotors, the rotor component 
can model tail-rotors, propellers, proprotors, ducted fans, thrust vectoring rotors, and auxiliary-thrust 
rotors. The principal configuration designation (main-rotor, tail-rotor, or propeller) is identified for 
each rotor component, and in particular determines where the weights are put in the weight statement 
(summarized in table 12-1). Each configuration can possibly have a separate performance or weight 
model, which is separately specified. Antitorque rotors and auxiliary-thrust rotors can be identified, for 
special sizing options. Other configuration features are variable diameter and ducted fan, and reaction 
drive. 


Multi-rotor systems (such as coaxial or tandem configuration) are modeled as a set of separate rotors, 
in order to accommodate the description of the position, orientation, controls, and loads. Optionally 
the location of the center of the rotor system can be specified and the rotor locations calculated based 
on input separation parameters. The performance calculation for twin and multiple rotor systems can 
include the mutual influence of the induced velocity on the power. 


The main-rotor size is defined by the radius R or disk loading W/A, thrust-weighted solidity o, 
hover tip speed V;;,, and blade loading Cw/o = W/ pAVii7- With more than one main-rotor, the disk 
loading and blade loading are obtained from an input fraction of design gross weight, W = fwWp. The 
air density p for Cy//o is obtained from a specified takeoff condition. If the rotor radius is fixed for 
the sizing task, three of (R or W/A), Cw/o, Viip, and o are input, and the other parameters are derived. 
Optionally the radius can be calculated from a specified ratio to the radius of another rotor. If the sizing 
task determines the rotor radius (R and W/A), then two of Cw/o, Viip, and o are input, and the other 
parameter is derived. The radius can be sized for just a subset of the rotors, with fixed radius for the 


others. 


For antitorque and auxiliary-thrust rotors, three of (R or W/A), Cw/o, Viip, and o are input, and 
the other parameters are derived. Optionally the radius can be calculated from a specified ratio to the 
radius of another rotor. The disk loading and blade loading are based on fT, where f is an input factor 
and T is the maximum thrust from designated design conditions. Optionally the tail-rotor radius can be 
scaled with the main-rotor radius: R = f Ry,(0.1348 + 0.0071W/A), where f is an input factor and the 
units of disk loading W/A are lb/ft”. Figure 12-1 shows the basis for this scaling. 


Table 12-1. Principal configuration designation. 


configuration weight statement weight model performance model 
main-rotor rotor group rotor rotor 
tail-rotor empennage group tail-rotor rotor 


propeller propulsion group rotor, aux thrust rotor 
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Figure 12-1. Tail-rotor radius scaling. 


12-1 Drive System 


The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or 
variable-speed transmission. Each drive system state corresponds to a set of gear ratios. 


For the primary rotor, a reference tip speed Vi;p_,e¢ 18 defined for each drive system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing 
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states 
are kept constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, 
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear 
ratio is calculated (r = Qaep/OQprim, 2 = Veip—ret/R). For the engine group, either the gear ratio is 
specified (for each drive system state) or the gear ratio is calculated from the specification engine 
turbine speed Qs,ec = (27/60) Nspec and the reference tip speed of the primary rotor (7 = Qgpec/OQprims 
Qprim = Viip—ret/R). The latter option means the specification engine turbine speed N,,,.. corresponds 
to Viip—ret for all drive system states. To determine the gear ratios, the reference tip speed and radius are 
used, corresponding to hover. 
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The flight state specifies the tip speed of the primary rotor and the drive system state, for each 
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (Oprim = Viip/R); 
from the gear ratios, the rotational speed of dependent rotors (Qaep = rQprim) and the engine groups 
(N = (60/27) rengQprim) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
(Viip = QaepR) is obtained. The flight state specification of the tip speed can be an input value, the 
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 


A designated drive system state can have a variable speed (variable gear ratio) transmission, by 
introducing a factor f,ear on the gear ratio when the speeds of the dependent rotors and engines are 
evaluated. The factor fear is a component control, which can be connected to an aircraft control and 
thus set for each flight state. 


An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below Vonover, cruise mode for speeds above Vocruise, and conversion mode for speeds between 
Vonover 8nd Voeruise. The tip speed is Viip—hover in helicopter and conversion mode, and Viijp—cruise iN 
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The 
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state, including the 
option to obtain any or all of these quantities from the conversion schedule. 


Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative, drive system limit conditions, and a function of flight speed (piecewise 
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally 
the tip speed can be calculated from p = V/Viip, 80 Viip = V/p; or from May = Mtip\/(1 + bs)? + 2, So 
Vip = V/(csMazr)? — V2 — V. Optionally the tip speed can be the minimum of the input value or that for 
Mat- 


The sizing task might change the hover tip speed (reference tip speed for drive system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
Nspec- In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 


An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors) 
is a control variable of the propulsion group. 


12-2 Geometry 


The rotor rotation direction is described by the parameter r: r = 1 for counter-clockwise rotation 
and r = —1 for clockwise rotation (as viewed from the positive thrust side of the rotor). 


The rotor solidity and blade mean chord are related by o = Nc/7R; usually thrust-weighted values 
are used, but geometric values are also required by the analysis. The mean chord is the average of 
the chord over the rotor blade span, from root cutout to tip. The thrust-weighted chord is the average 
of the chord over the rotor blade span r, from root cutout to tip, weighted by r?. A general blade 
chord distribution is specified as c(1r) = Creré(r), Where Cyer is the thrust-weighted chord. Linear taper is 
specified in terms of a taper ratio t = ctip/Croot, Or in terms of the ratio of thrust-weighted and geometric 
chords, f = 01/09 = c.75r/C.5or- 
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The rotor hub is at position z/',,. Optionally, a component of the position can be calculated, 
superseding the location input. The calculated geometry depends on the configuration. For a coaxial 
rotor, the rotor separation is s = |k7O°¥(zf., — zf,5)/(2R)| (fraction rotor diameter), or the hub 
locations are calculated from the input separation s, and the input location midway between the hubs: 


0 
F _ iF 1 nFrs 
Zhub — “center = C 0 
sR 


For a tandem rotor, the rotor longitudinal overlap is o = A¢/(2R) = 1— ¢/(2R) (fraction rotor diameter), 
or the hub locations are calculated from the input overlap o, and the input location midway between the 
hubs: 


Zhub = Xcenter = Ri | 0) 


For a tail-rotor, the longitudinal position can be calculated from the main-rotor radius R, tail-rotor radius 
R,,, and tail-rotor/main-rotor clearance d;,.: 


Lhubtr = Lhubmr — (Rin + dtr + Rty) 


For a multicopter, the longitudinal and lateral position can be calculated from the rotor radius R, the 
scaled arm length ¢; of the -th rotor, and the angle ¢); (measured clockwise from the forward longitudinal 
axis): 

Lhub = Xcenter + Re; cos Wi 

Yhub = Yeenter + Re; sin Vi 


For a tiltrotor, the lateral position can be calculated from the rotor radius R (cruise value for variable- 
diameter rotor), fuselage/rotor clearance dr,,, and fuselage width wrs: 


Yhnub = = (fR + dtus a oweus) 


with the pivot, pylon, and nacelle center-of-gravity lateral positions adjusted to keep the same relative 
position to the hub. The calculated clearance between the rotor and fuselage is dps = |Ynun|—(R+ t/owrus). 
Alternatively, for a tiltrotor the lateral position can be calculated from the wing span, ynup = + 5/2, so 
the rotors are at the wing tips, or from a designated wing panel edge, ynub = £ 7p(b/2). 


For twin rotors (tandem, side-by-side, or coaxial), the overlap is o = Aé/(2R) = 1 — €/(2R) 
(fraction of diameter; 0 for no overlap and 1 for coaxial), where the hub-to-hub separation is @ = 
[(@hub1 — Chub2)? + (Ynub1 — Ynub2)?]!/? (€ = 2R for no overlap and ¢ = 0 for coaxial). The overlap area 
is mA, with A the area of one rotor disk and 


ine [cos™'(¢/2R) ~ (¢/2R) /T— (CARP 


The vertical separation is s = |Znub1 — Zhub2|/(2R). 


The reference areas for the component drag coefficients are the rotor disk area A = 7R? (for hub 
drag), pylon wetted area S‘,,1.,, duct wetted area 2Sq,,-;, and spinner wetted area S,,i,. The pylon wetted 
area is input, or calculated from the drive system (gear box and rotor shaft) weight, or from the drive 
system plus engine system (engine, exhaust, and accessories) weight: 


Spylon = k(w/Neotor) 
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where w = Woprs Or w = Waors + > Was and the units of k are ft?/Ib/ or m?/kg?/3. The pylon area 
is included in the aircraft wetted area if the pylon drag coefficient is nonzero. The duct wetted area is 
twice the duct area Sauct. The duct area is input, or calculated from the rotor circumference and the duct 
length Cguct = KR: 


Sauct = (27 R)lauct 


The spinner wetted area is input, or calculated from the spinner frontal area: 
Sspin = k(r Ron) 


where Rspin is the spinner radius, which is specified as a fraction of the rotor radius. 


The rotor contribution to the aircraft operating length and width is calculated from the locus of 
the rotor disk: zaisk = Znub + RC*’* (cos w siny 0)". The longitudinal distance from the hub position is 
Ax = R(acosw+bsiny), so the maximum distance is Ax = +RVa? + b2. The lateral distance from the 
hub position is Ay = R(ccos + dsinw), so the maximum distance is Ay = +RVc? + d?. 


12-3 Control and Loads 


The rotor controls consist of collective, lateral cyclic, longitudinal cyclic, and perhaps shaft inci- 
dence (tilt) and cant angles. Rotor cyclic control can be defined in terms of tip-path plane or no-feathering 
plane command. The collective control variable is the rotor thrust amplitude or the collective pitch angle. 


The relationship between tip-path plane tilt and hub moment is M = £1,0?(v? — 1)8 = Ki, 
where NV is the number of blades, © the rotor speed, and v the dimensionless fundamental flap frequency. 
The flap moment of inertia J, is obtained from the Lock number: + = pacR*/I,, for seal level standard 
(SLS) density p, lift-curve slope a = 5.7, and thrust-weighted chord (or from the blade weight, or from 
an autorotation index). The flap frequency and Lock number are specified for hover radius and rotational 
speed. The flap frequency and hub stiffness are required for the radius and rotational speed of the flight 
state. For a hingeless rotor, the blade flap spring is Kpap = [,0?(v? — 1), obtained from the hover 
quantities; then Knuy = 4 Kap and 
Kftap 


For an articulated rotor, the hinge offset is e = Ra/(1+ 2x), 2 = 3(v* —1) from the hover quantities; then 


e/R 
1l—e/R 


3 
2 

=] _ 
V 5 


and Knup = RPO? (v? —1), using J, from y (and scaled with R for a variable diameter rotor) and 2 for 
the flight state. 


Optionally the rotor can have a variable diameter. The rotor diameter is treated as a control, allowing 
it to be connected to an aircraft control and thus set for each flight state. The basic variation can be 
specified based on the conversion schedule, or input as a function of flight speed (piecewise linear input). 
For the conversion schedule, the rotor radius is Rnover for speeds below Vonover, Reruise = f Rhover for 
speeds above Vocruise, and linear with flight speed in conversion mode. During the diameter change, the 
chord, chord radial distribution, and blade weight are assumed fixed; hence solidity scales as o ~ 1/R, 
blade flap moment of inertia as J, ~ R?, and Lock number as y ~ R?. 
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12-3.1 Control Variables 


The collective control variable is direct command of rotor thrust magnitude T or Cr/o (in shaft 
axes), from which the collective pitch angle can be calculated; or rotor collective pitch angle 0.75, from 
which the thrust and inflow can be calculated. 


Shaft tilt control variables are incidence (tilt) and cant angles, acting at a pivot location. 


Tip-path plane command is direct control of the tip-path plane tilt, hence tilt of the thrust vector. 
This control mode requires calculation of rotor cyclic pitch angles from the flapping. The control 
variables are longitudinal tilt G. (positive forward) and lateral tilt G, (positive toward retreating side). 
Alternatively, the cyclic control can be specified in terms of hub moment or lift offset, if the blade 
flap frequency is greater than 1/rev. The relationship between tip-path plane tilt and hub moment is 
M = Knyuw/, and between moment and lift offset is M = o(T'R). Thus the flapping is 


(6) =a (2h) = ee (5) 
Be} Kw \-My/) — Knuw \—ey 


for hub moment command or lift offset command, respectively. 


No-feathering plane command is control of rotor cyclic pitch angles, usually producing tilt of the 
thrust vector. This control mode requires calculation of rotor tip-path plane tilt from the cyclic control, 
including the influence of inflow. The control variables are longitudinal cyclic pitch angle 0, (positive 
aft) and lateral cyclic pitch angle @, (positive toward retreating side). 


12-3.2 Aircraft Controls 


Each control can be connected to the aircraft controls c4c: c = co + ST cc, with co zero, constant, or 
a function of flight speed (piecewise linear input). The factor S can be introduced to automatically scale 
the collective matrix: S = a/6 = 1/60 if the collective control variable is Cr/o; S = Vip Ablade(a/ 6) 
if the collective control variable is rotor thrust T; S = 1 if the collective control variable is pitch angle 
90.75. For cyclic matrices, S = 1 with no-feathering plane command, and S = —1 for tip-path plane 
command. 


12-3.3. Rotor Axes and Shaft Tilt 


The rotor hub is at position z/,,, where the rotor forces and moments act; the orientation of the rotor 
shaft axes relative to the aircraft axes is given by the rotation matrix C°"’. The pivot is at position ae 
The hub or shaft axes S have origin at the hub node; the z-axis is the shaft, positive in the positive thrust 
direction; and the x-axis downstream or up. The rotor orientation is specified by selecting a nominal 
direction in body axes (positive or negative x-, y-, or z-axis) for the positive thrust direction; the other 
two axes are then the axes of control. For a main-rotor, the nominal direction would be the negative 
z-axis; for a tail-rotor, it would be the lateral axis (ry-axis, depending on the direction of rotation of 
the main-rotor); and for a propeller, the nominal direction would be the positive z-axis. This selection 
defines a rotation matrix W from F to S axes. The hub and pivot axes have a fixed orientation relative 
to the body axes: 

hub incidence and cant: CHF = U5. Vi, 
pivot dihedral, pitch, and sweep: GPP a XG Vo Pus 
where U and V depend on the nominal direction, as described in table 12-2. The shaft control consists 
of incidence and cant about the pivot axes, from reference angles i,.¢ and Crer: 


Ceoont = Uirines Ve~cret 
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For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention aii, = 0 for 
cruise, and aii, = 90 deg for helicopter mode. The rotor shaft incidence angle is then connected to 
ai, by defining the matrix T; appropriately. For the locations and orientation input in helicopter mode, 
iret = 90. Thus the orientation of the shaft axes relative to the body axes is: 


CSF = WCEP CFP Coon Cr” 


or just C°” = WC" with no shaft control. From the pivot location z¥.., and the hub location for the 
reference shaft control z/",,,,, the hub location in general is 


TS Na Behe FP PF)\T (VF F 
Zhub — “pivot at: (C CoontC ) (Ziubo = Zivot) 


Similarly, the pylon location and nacelle center-of-gravity location can be calculated for given shaft 
control. The shift in the aircraft center of gravity produced by nacelle tilt is 


W (28, a 6) = Wareveenae : es) = Wael? Cla 22) (ca . ) 


cg nacO Zpivot 


where W is the gross weight and Winove the weight moved. Table 12-2 summarizes the geometry options. 


Table 12-2. Rotor shaft axes. 


nominal thrust incidence cant 
2° -axis x-axis Ww + for T +forT Uo, V¢, 
main-rotor —zF up —azF aft Yio aft right YoX¢ 
other ZF down —a¥ aft 2180 aft right Y_o9X_¢ 
propeller gP forward —z* up Yoo up right YoZy 
other —a? aft —zF up ZisoY—90 up right Y_oZ_¢4 
tail-rotor (r = 1) ye right —aF aft Zis0X—99 aft up ZoX—¢ 
tail-rotor (r = —1) —y? left —aF aft Z180X90 aft up Z_9X¢ 
-1 0 O 0 0 -l 
Yiso0 = 0 1 0 Z180Y_—90 = 0 —1 0 
0 O -l —-1 0 0 
-l1 0 0 -1 0 0 
2180 = 0 —1 0 2130 —90 = 0 0 1 
0 0 1 0 1 0 
0 0 -1 -1 0 0 
Yoo=|]0 1 O ZisoX90 = | 0 0 -l 
1 0 0O 0 -l 0O 


12-3.4 Hub Loads 


The rotor controls give the thrust magnitude and the tip-path plane tilt angles 6, and 6,, either 
directly or from the collective and cyclic pitch. The forces acting on the hub are the thrust T, drag H, 
and side force Y (positive in z-, x-, y-axis directions, respectively). The hub pitch and roll moments are 


112 Rotor 


proportional to the flap angles. The hub torque is obtained from the shaft power Prag, and rotor speed 
Q. The force and moment acting on the hub, in shaft axes, are then: 


ee! 


M, Knub (rBs) 
M°=| My, | = | Kaw (-6) 
—rQ —1 Pyrat /Q 


The force includes a term proportional to the rotor thrust and an input blockage factor fg = AT/T > 0. 
This term accounts for blockage or download, as an alternative to including the drag of the fuselage 
or a lifting surface in the aircraft trim. For example, fg can model the tail-rotor blockage caused by 
operation near the vertical tail. The rotor loads in aircraft axes acting at the center of gravity are then: 


FF = CFS Fs 
MF =CFSMS + AzF FF 
Fe 


F_ F 
where Az” = 244 — Zeg- 


The wind axis lift L and drag X are calculated from the net rotor hub force F and the rotor velocity 
v". The velocity relative to the air gives the propulsive force direction e, = v" /|v"| (no interference) 


and the velocity magnitude V = |v"'|. The drag and lift components of the force are X = Sener and 
L = |(I—epe} )F "|, respectively. Thus XV = —(v")?F*¥ and L? = |F"|? —|X|?. The rotor contribution 
to vertical force is the z-axis component of the force in inertial axes, Fy = —k? OC!" FF. 


12-3.5 Download 


Rotor-induced download on the airframe can be modeled in several ways. The first approach is 
to calculate the aerodynamic force on components (fuselage, wings, and tails), produced by the rotor 
wake-induced interference velocity. Optionally the aircraft vertical drag (D/q)v can be fixed. Aircraft 
trim increases the rotor thrust to counter the download force. 


The second approach is to introduce a blockage factor fg = AT/T > 0 to produce an additional 
force fT on the rotor hub, opposing the rotor thrust. Again, aircraft trim increases the rotor thrust to 
counter the blockage force. 


The third approach is to use a download factor fox, = 1/(1 — AT/T) > 1 and evaluate the rotor 
induced and profile power at the increased thrust T fp,. The download will not be reflected in the rotor 
thrust that trims the aircraft, but rather in higher rotor power for a given thrust. 


The blockage factor and download factor for hover, out of ground effect are given by B = AT/T 
and DL = AT/T, respectively. These values are reduced with forward speed and in ground effect: 
fe =Bfifz, for =1/(1—- DL f,f.), where 


fu = (1—m)(1— aprm) 
fe=(1-¢@7)(1—bp1¢") 


with m = p/upr and ¢ = (z4/D)pzr/(z,/D). The blockage and download are zero for wp > pz or 
2q/D < (%g/D)pu. 
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12-4 Aerodynamics 


The rotor velocity relative to the air is vu” = vi, +04.Az* in aircraft axes. The velocities in shaft 
axes are 


Ss SEF nee S SF OF ne 
ve =CPv =ORI rhy wr =O wag HQ] dy 
Lz TAz 


where QR is the rotor tip speed. The advance ratio py, inflow ratio \, and shaft angle of attack a are 


defined as 
w= [E+ Wy 


A= AG F+ Mz 

a = tan! (2/1) 
The blade velocity relative to the air has the maximum amplitude (advancing tip velocity) of fa: = 
J+ pw)? + pe , from which the advancing tip Mach number is Ma: = Mtiptat, using the tip Mach 
number Mii, = (QR)/c;. The rotor thrust coefficient is defined as Cp = T/pA(QR)*. The dimensionless 
ideal induced velocity 4; is calculated from pu, 4,, and Cy; then the dimensional velocity is v; = OR X,;. 
The ideal induced power is then Piaea1 = Tv;. Note that for these inflow velocities, the subscript “1” 
denotes “ideal.” 


12-4.1 Ideal Inflow 


The ideal wake-induced velocity is obtained from Glauert’s momentum theory: 
_ Cr _ s\2 
aT NT 
where \ = \; + wz, A? = |Cr|/2 (Az is always positive), and s = sign Cr. This expression is generalized 
to 


a 


Ai = Ans F(u/An, Sz /An) 


If ys is zero, the equation for A; can be solved analytically. Otherwise, for non-axial flow, the equation 
is written as follows: 


Using \ instead of \; as the independent variable simplifies implementation of the ducted fan model. A 
Newton-Raphson solution for gives: 


eS s\z 
DF 
pera ae 
pre = oe n Lz an 


TX An/ OS) 
A relaxation factor of f = 0.5 is used to improve convergence. Three or four iterations are usually 
sufficient, using 

sd? 
V (san + pz)? + pe 
to start the solution. To eliminate the singularity of the momentum theory result at ideal autorotation, 
the expression 


~N 


+ pz 


0.37312 + 0.5982 
2 
h 


N= bz 0.991 
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is used when 
1.5? + (2s, + 3Arn)? < AP 


The equation \ = uz(ap2 — bAZ + cu?)/AZ is an approximation for the induced power measured in the 
turbulent-wake and vortex-ring states. Matching this equation to the axial-flow momentum theory result 
at, = —2A, and pp, = —Ap, gives a = V/5/6 = 0.3726780 and b = (4\/5 — 3)/6 = 0.9907120. Then 
matching to the forward-flight momentum theory result at (4 = A;,, uz = —1.5A),) gives c = 0.5980197. 
For axial flow (j: = 0) the solution is: 


[lz Hz \? 
ots (=) + d2 —Xn < Spbz 
0.3732 
X=. ae, | x3 eS 0.991 2 ese, 
h 


2 
We s (=) Ae S[bz < —2Ap 
Note that \; and v; are the ideal induced velocities; additional factors are required for the wake-induced 
velocity or induced power calculations. 


12-4.1.1 Ducted Fan 


Rotor momentum theory can be extended to the case of a ducted fan. Consider a rotor system with 
disk area A, operating at speed V, with an angle a between V and the disk plane. The induced velocity 
at the rotor disk is v, and in the far wake w = fwv. The far wake area is A,, = A/f,. The axial velocity 
at the fan is fy.V-., with fy. accounting for acceleration or deceleration through the duct. The edgewise 
velocity at the fan is fy.Vz, with fy. = 1.0 for wing-like behavior, or fy, = 0 for tube-like behavior of 
the flow. The total thrust (rotor plus duct) is T, and the rotor thrust is Tyotor = frT. For this model, the 
duct aerodynamics are defined by the thrust ratio fr or far wake area ratio f,, plus the fan velocity ratio 
fv. The mass flux through the rotor disk is m1 = pAU = pA..U, where U and U,, are respectively the 
total velocity magnitudes at the fan and in the far wake: 


U? = (fv2V cosa)? + (fyzV sina + v)? 
U2, = (Vcosa)? + (Vsina+w)? 
Mass conservation (f.4 = A/Asx = U/U) relates f4 and fw. Momentum and energy conservation give 
T = rhw = pAUsw/fa = pAU fw 
P= srinw (2V sina+w)=T (Vsinat+ =) 


With these expressions, the span of the lifting system in forward flight is assumed equal to the rotor 
diameter 2R. Next it is required that the power equals the rotor induced and parasite loss: 


P = Trotor(fv-V sna+v) =Tfr(fv-zV sina +t v) 


In axial flow, this result can be derived from Bernoulli’s equation for the pressure in the wake. In 
forward flight, any induced drag on the duct is being neglected. From these two expressions for power, 
V.+ fwv/2 = fr(fv-Vz + v) is obtained, relating fr and fy. With no duct (fr = fve = fvz = 1), the 
far wake velocity is always w = 2v, hence fw = 2. With an ideal duct (f4 = fve = fvz = 1), the far 
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wake velocity is fw = 1. In hover (with or without a duct), fw = fa = 2fr,and v = \/2/fwun. The 
rotor ideal induced power is Pigeal = Tw/2 = fpTv, introducing the duct factor fp = fw/2. 


For a ducted fan, the thrust Cy is calculated from the total load (rotor plus duct). To define the duct 
effectiveness, either the thrust ratio fr = Tyotor/T or the far wake area ratio f4 = A/A,. is specified (and 
the fan velocity ratio fy). The wake-induced velocity is obtained from the momentum theory result for 
a ducted fan: \% = (fwAi/2)/(fver)? + (fvztz + ri)?. If the thrust ratio fr is specified, this can be 
written 


sXj,/ ir Mz 
V(fvzlte +)? + (fven)? Sr 
In this form, A; can be determined using the free-rotor expressions given previously: replacing \?, u-, 
pw, and \ with \?/ fr, u:/fr, fven, and fy. + ;, respectively. Then from \; the velocity and area 
ratios are obtained: 


fuze +X = 


fw =2 (4 (1 privy) 


7 


ve i 2+ (ue + Fw? 
(fvet)? + (fvzbe + ag)? 


If instead the area ratio f4 is specified, it is simplest to first solve for the far wake velocity fy A;: 
s\z2fa 
V (He + fw ri)? +? 


In this form, fw A; can be determined using the free-rotor expressions given previously: replacing A? 
and \ with A?2f4 and uw. + fwA;:, respectively. The induced velocity is 


Hz + fwr = + bz 


1 
(fv cle z di)? = fe [We an (Me ae fw%)?| = (fveH)* 


The velocity ratio is fw = (fwi)/ri, and 


<= Mz + fwri/2 


Ir - fvzltz + ri 


is the thrust ratio. However, physical problems and convergence difficulties are encountered with this 
approach in descent, if an arbitrary value of fr is permitted. From the expression for fr, fr should 
approach 1/ fy, at high rates of climb or descent. To avoid problems with an arbitrary value of fy, it is 
assumed that the input value of fr defines the velocity ratio fw = 2fr in descent. So in descent ju, is 
not replaced by p./fr. 


12-4.1.2 Ground Effect 


The wake-induced velocity is reduced when the rotor disk is in the proximity of the ground plane. 
Ground effect in hover can be described in terms of the figure of merit M = (T?/?/,/2pA)/P as a function 
of scaled rotor height above the ground, z,/D = z,/2R. Usually the test data are given as the ratio of 
the thrust to OGE thrust, for constant power: T/Ts, = (M/M..)?/? = ky > 1. The effect on power at 
constant thrust is then P = P,, f,, where fy = Kg! * < 1. Ground effect is generally negligible at heights 
above z,/D = 1.5 and at forward speeds above pz = 3An. 


The ground plane is assumed to be perpendicular to the inertial frame z-axis. The ground normal 
(directed downward) is kf’ = C''k in airframe axes, or k? = C°'K" in rotor shaft axes. The height 
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of the landing gear above ground level, ha, is specified in the flight state. The height of the rotor hub 
above ground level is then 


Zq = hig — (KF)? (ay — zie) + die 
where z/‘, is the position of the landing gear in the airframe, and dzc is the distance from the bottom of 
the gear to the location zz¢. From the velocity 


[a 
v= —T [by 
—X 


the angle « between the ground normal and the rotor wake is evaluated: cos ¢ = (k?)'v*/|v®| (€ = 0 for 
hover, « = 90 deg in forward flight). Note that if the rotor shaft is vertical, then cos € = A/./ 2 + A? (see 
ref. 1). The expressions for ground effect in hover are generalized to forward flight by using (z,/ cos €) 
in place of z,. No ground effect correction is applied if the wake is directed upward (cos € < 0), or if 
z/cose > 1.5D. From z,/D cose, the ground effect factor f, = Kg?! * is calculated. Then 


(Ai)ice = fy (Ai)ocE 
is the effective ideal induced velocity. 


Several empirical ground effect models are implemented: from Cheeseman and Bennett (ref. 1, 
basic model and using blade-element (BE) theory to incorporate influence of thrust), from Law (ref. 2), 
from Hayden (ref. 3), a curve fit of the interpolation from Zbrozek (ref. 4), and from University of 
Maryland (ref. 5): 


3/2 
E _ a Cheeseman and Bennett 
oar; 1 =a)2 
c + 1.5 Cp acm Cheeseman and Bennett (BE) 
1.0991 — 0.1042/(z_/D) a — 
oe 1+ (Cr/c) (0.2894 — 0.3913/(z,/D)) 
‘is 
0.03794 ]~! 
.9926 + ————. Hayd 
0 9926 ne ayden 
0.0544 ve 
roi + : Zbrozek 


(2g/R) /Cr/o 
[0.146 + 2.090 (34) — 2.068 ()” + 0.932 (32)° — 0.157 (#)"] University of Maryland 


These equations break down at small height above the ground, and so are restricted to z,/D > 0.15; 
however, the database for ground effect extends only to about z/D = 0.3, except for the Maryland data, 
which goes to z/D = 0.1. Also, fy < 1 is required. Figure 12-2 shows T/T. = kg = es as a function 
of z/R for these models (C/o = 0.05, 0.10, 0.15), compared with test data from several sources. 


Alternatively, a table can be specified for either k, = T/T. or fy = P/Pso., as a function of Cr/o 
and h/D = z,/2R; or as a function of Cr/o, h/D, and Mtip. 


The influence of the ground on tiltrotor power required is stronger than for an isolated rotor. This 
further reduction of power is probably due to a reduction of wing and fuselage download when operating 
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Figure 12-2. Ground effect models (hover). 


near the ground. For quad tiltrotors, an upload on the airframe has been measured at low heights. These 
effects can be modeled by using an effective distance above the ground: z. = C,z,, with typically 
C, = 0.5 for a tiltrotor. 


12-4.1.3 Inflow Gradient 


As a simple approximation to nonuniform induced velocity distribution, a linear variation over the 
disk is used: AX = Azrcosy + Ayrsiny. There are contributions to AX from forward flight and from 
hub moments, which influence the relationship between flapping and cyclic. The linear inflow variation 
caused by forward flight is AA; = A;(Kzr cosy + Kyrsinw), where \; is the mean inflow. Typically x, 
is positive, and roughly | at high speed, and «,, is smaller in magnitude and negative. Both «, and Ky 
must be zero in hover. Based on references 6-9, the following models are considered: 


: 157 157 Lb 
Coleman and Feingold: Ko = feo tanx/2 = fr 
. ‘ Fo35 x/ a Tt 
Kyo = —fy2u 


White and Blake: Keo = feV2sin y = <a 
OTN ON AeA area 


Ky = —2 fy 
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where tany = |A|/y is the wake angle. Extending these results to include sideward velocity gives 
Ke = (Kaofle + Kyofly)/p and Ky = (—Keofly + Kyofte)/p. For flexibility, the empirical factors f, and f, 
have been introduced (values of 1.0 give the baseline model). There is also an inflow variation produced 
by any net aerodynamic moment on the rotor disk, which can be evaluated using a differential form of 
momentum theory: 


fim 
Jere 


including empirical factor f,,,. Note that the denominator of the hub moment term is zero for a hovering 


AAm = (—2C yr cos + 2Cyarsiny) = Armrcos wv + Aymrsin wy 


rotor at zero thrust; so this inflow contribution should not be used for cases of low speed and low thrust. 


12-4.2 Rotor Forces 


When direct control of the rotor thrust magnitude is used, the rotor collective pitch angle 69.75 must 
be calculated from the thrust Cr/o. If the commanded variable is the collective pitch angle, then it is 
necessary to calculate the rotor thrust, resulting in more computation, particularly since all quantities 
depending on the thrust (inflow, induced power factor, and mean drag coefficient) are also unknown. 
There may be flight states where the commanded thrust can not be produced by the rotor, even with 
stall neglected in the section aerodynamics. This condition manifests as an inability to solve for the 
collective pitch given the thrust. In this circumstance the trim method can be changed so the required 
or specified thrust is an achievable value, or commanded collective pitch control can be used. 


Cyclic control consists of tip-path plane command, requiring calculation of the rotor cyclic pitch 
angles from the flapping; or no-feathering plane command, requiring calculation of the tip-path plane tilt 
from the cyclic control angles. The longitudinal tip-path plane tilt is G, (positive forward) and the lateral 
tilt is 6, (positive toward retreating side). The longitudinal cyclic pitch angle is 0, (positive aft), and the 
lateral cyclic pitch angle is 0, (positive toward retreating side). Tip-path plane command is appropriate 
for main-rotors. For rotors with no cyclic pitch, no-feathering plane command must be used. 


The forces acting on the hub are the thrust 7’, drag H, and side force Y (positive in z-, x-, y- 
axis directions, respectively). The aerodynamic analysis is conducted for a clockwise rotating rotor, 
with appropriate sign changes for lateral velocity, flapping, and force. The analysis is conducted in 
dimensionless form, based on the actual radius and rotational speed of the flight state. The inplane hub 
forces are produced by tilt of the thrust vector with the tip-path plane, plus forces in the tip-path plane, 
and profile terms (produced by the blade drag coefficient). The orientation of the tip-path axes relative 
to the shaft axes is then C?° = X,,Y_g,. Then 


Cy 0 Cutpp CHo 
Cy = OsP 0 + rCytpp + rCyo 
Cf Cr /CSP 0 0 


The inplane forces relative to the tip-path plane can be neglected, or calculated by blade element theory. 
Note that with thrust and tip-path plane command and Cyitpp and Cytpp neglected, it is not necessary to 
solve for the rotor collective and cyclic pitch angles. In general the inplane forces relative to the tip-path 
plane are not zero, and may be significant, as for a rotor with large flap stiffness. Figures 12-3a and b 
show, respectively, the tip-path plane tilt and thrust vector tilt with cyclic pitch control (no-feathering 
plane tilt), as functions of flap stiffness (frequency), for several rotor thrust values. The difference 
between tip-path plane tilt (fig. 12-3a) and thrust vector tilt (fig. 12-3b) is caused by tilt of the thrust 
vector relative to the tip-path plane. 
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The profile inplane forces can be obtained from simplified equations, or calculated by blade element 
theory. The simplified method uses: 


Cu oO o Ma / L 
aC mean Ll" 
(ee) ge qu 
where the mean drag coefficient camean is from the profile power calculation. The function Fy ac- 


counts for the increase of the blade section velocity with rotor edgewise and axial speed: Cy, = 
J $ocaU (r sin + p)dr = f Soca(uy + uz + u,)'/?(r sin b + w)dr; so (from ref. 10) 


1 20 1 
Fy ieee ((r + psin )? + (uweos p)? + p2) 7 (rsin wy + pu) dr dy 
0 Jo 


13, V*-1 3 v1l4+V2+4+1 
~VJ/14+V? =<. 2+ =? ) In | ——_—— 
+ (su+ qh ( a) a (ve + qh aa V 


with V? = p? + p?. 
12-4.3 Blade Element Theory 


Blade element theory is the basis for the solution for the collective and cyclic pitch angles (or thrust 
and flap angles) and evaluation of the rotor inplane hub forces. The section aerodynamics are described 
by lift varying linearly with angle of attack, ce = cyqa (no stall), and a constant mean drag coefficient 
Cdmean (from the profile power calculation). The analysis is conducted in dimensionless form (based on 
density p, rotor rotational speed ©, and blade radius R of the flight state). So in the following o, v, and 
+ are for the actual p,Q, and R; and a = 5.7 is the lift-curve slope used in the Lock number y. The blade 
section aerodynamic environment is described by the three components of velocity, from which the yaw 
and inflow angles are obtained, and then the angle of attack: 

UF = ut. + us 
up =T +t py, sin W + py cos p 
; cos A = U/y/ut, + u% + uz, 
UR = [be COS YW — fly Sin W ; 


j = 4 
up =A+7r(B4+ dz sin — dy, cosy) + urGZ @ tan up/ur 


a=0-¢ 


In reverse flow (Ja| > 90), a — a — 180signa, and then ce = cea still (airfoil tables are not used). The 
blade pitch consists of collective, cyclic, twist, and pitch-flap coupling terms. The flap motion is rigid 
rotation about a hinge with no offset, and only coning and once-per-revolution terms are considered: 


0 = 60.75 + Ow + 8-cosw + O,siny — KpB 
B= Bo + B. cosy + B,sin py 


where Kp = tands. The twist is measured relative to 0.75R; 0:0. = O,(r — 0.75) for linear twist. The 
mean inflow is Ay = «Aj, using the induced velocity factor « from the induced power model. The inflow 
includes gradients caused by edgewise flight and hub moments: 


A= Mz + A0(1 + Ker cosy + Kyrsiny) + ArAn 


ths 
Vie +? 


= pz +AQ(1 4+ Ker cosy + Kyr sin wy) + (—2C yr cos + 2C yar sin) 


120 


TPP tilt / cyclic magnitude 


thrust tilt / cyclic magnitude 


1 
10 E SK  *saseesus Cy/o=0.14 

09 Ac: Cy/o=0.10 

Pe ~. Cr/o= 0.06 

ae Sy Cy/o= 0.02 

a Ss 

0.4 ahs. 

03 — 

02 eee 
0.1 


flap frequency v (per-rev) 


Figure 12-3a. Tip-path plane tilt with cyclic pitch. 
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Figure 12-3b. Thrust vector tilt with cyclic pitch. 
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2_4 2_ 4 
“| “—~ (r8-cos + By sinh) = Kin 


Au ( fr val 
Jiztr 8 } 4/8 7/8 
The constant K,,, is associated with a lift-deficiency function: 
1 1 
1+ Km - 1+ fmoa/ (8\/p? + 2) 
The blade chord is c(r) = creré(r), where cep is the thrust-weighted chord (chord at 0.75R for linear 


taper). Yawed flow effects increase the section drag coefficient, hence cq = Camean/ cos A. The section 
forces in velocity axes and shaft axes are 


From the hub moments 


the inflow gradient is 


(r8.cosw + rf, sin w) 


C= 


1 1 

L= 5 PU cee F,=Lcos¢— Dsing = 3 PU clceur — cqup) 
1 1 

D= 5 PU cca F, = Lsin¢d+ Dcoosd = PU c(ceup + caur) 
1 1 

R= 5 PU cer = DtanA F, = —-@6F,+R=—-6F, + 5 PU ccaun 


These equations for the section environment and section forces are applicable to high inflow (large ju,), 
sideward flight (1), and reverse flow (ur < 0). The total forces on the rotor hub are 


T=N f Fear 
H=N | F, sin w + F;. cos W dr 
Y=N f —Fycosy + Fesinddr 


with an average over the rotor azimuth implied, along with the integration over the radius. Lift forces 
are integrated from the root cutout r,..¢ to the tip loss factor B. Drag forces are integrated from the root 
cutout to the tip. 


2 


In coefficient form (forces divided by pAV;;,,) the rotor thrust and inplane forces are: 


a a 1 
Cr= o fF. dr = 5 U (cour — cqup) 
i, ae PS 1 
Cy = of F, sin + F, cos w dr = 3 U (coup + caur) 
x x a ~ 1, 
Cy = of —F,cosw + F, sin w dr F, = —BF, + 3 Ucaur 


(and the sign of Cy is changed for a clockwise rotating rotor). The terms AF, = F, B and AF, = _F, B 
produce tilt of the thrust vector with the tip-path plane (Cy = —Cy, and Cy = —Cr/,), which 
are accounted for directly. The section drag coefficient cg produces the profile inplane forces. The 
approximation up © ju, is consistent with the simplified method (using the function F7), hence 


Fis _ 5Uocaur CHo = o | Re sin + ae cos w dr = Ff cvoca(rsin ate Lx) dr 


a 1 “A oe 
Fro = 3 Uocaur Cyo = of —F,, cosw + F,,sinw dr = aS i. CUpca(r cos p+ ply) dr 
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where U? = u4 + 2, and cq = Camean/cos A. Using blade element theory to evaluate Cy, and Cy. 
accounts for the planform (é) and root cutout. Using the function Fy, implies a rectangular blade and no 
root cutout (plus at most a 1% error approximating the exact integration). The remaining terms in the 
section forces produce the inplane loads relative to the tip-path plane: 


a ae ae 1 are 
Foi = Fy 20 Pyo = 5 U ce(up > ur) ae geal = Uo /U )ur + upp) 
ex x = Aa 1 

Fyi = r+ P28 — Fro — 5 Uea(1 — Uo/U ur 


CHtpp = a | FP, sin) + Fy; cos dr 
Cytpp = of -F cos) + Fj sin w dr 


(including small profile terms from Up 4 U). 


Evaluating these inplane forces requires the collective and cyclic pitch angles and the flapping 
motion. The thrust equation must be solved for the rotor collective pitch or the rotor thrust. The 
relationship between cyclic pitch and flapping is defined by the rotor flap dynamics. The flap motion is 
rigid rotation about a central hinge, with a flap frequency v > 1 for articulated or hingeless rotors. The 
flapping equation of motion is 


B+v?B + 2a, sin + 2dz cos = 2 [ Prar+ (v? —1)Bp 


including precone angle ,; the Lock number y = pac;erR*/I,. This equation is solved for the mean 
(coning) and 1/rev (tip-path plane tilt) flap motion: 


- 2 [ Prar +(7 — 1), 
2 2cos w 20» 
ee) t | 2 2 [Ber ee (son) 4 
with an average over the rotor azimuth implied. The solution for the coning is largely decoupled by 
introducing the thrust: 


ve Bo = ~ — + ( 8-18 +2 f P(r—3/4) dr 
A separate flap frequency 1 is used for coning, in order to model teetering and gimballed rotors. For 
an articulated rotor, 3, = 0 should be used. 


The thrust and flapping equations of motion that must be solved are: 


= f Rar- 


c\_ 8 fa 2. cos w Se at Be 16 ( de 
(4 Porte one) “aie (ae) 5 (as) 
The solution v such that E(v) = 0 is required. The variables are v = (00.75 0.95)" for thrust and tip-path 


plane command; v = (60.75 3c 3;)7 for thrust and no-feathering plane command; v = (C'r/c 6.45)? for 
collective pitch and tip-path plane command; v = (C/o 3, 3,)7 for collective pitch and no-feathering 


Rotor 123 


plane command. Note that since cy = cy, is used (no stall), these equations are linear in 6. However, 
if OT /000.75 is small, the solution may not produce a reasonable collective for commanded thrust. A 
Newton-Raphson solution method is used: from F(vn41) = E(vn) + (dE /dv)(vn41 — Un) = 0, the 
iterative solution is 

Unt1 = Un — C E(vn) 


where C = f(dE/dv)~', including the relaxation factor f. The derivative matrix dE/dv is obtained by 
numerical perturbation. Convergence of the Newton—Raphson iteration is tested in terms of || < ¢ for 
each equation, where « is an input tolerance. 


12-5 Power 


The rotor power consists of induced, profile, parasite, and adjustment terms: P = P;+ Po+P,4+ Py. 
The parasite power (including climb/descent power for the aircraft) is obtained from the wind axis drag 
force: P, =—-XV =(v")TF*, 


The induced power is calculated from the ideal power: P; = &Piaeal = KfpTVideal. The empirical 
factor « accounts for the effects of nonuniform inflow, non-ideal span loading, tip losses, swirl, blockage, 
and other phenomena that increase the induced power losses (« > 1). For a ducted fan, fn = fw/2 is 
introduced. The induced power at zero thrust is zero in this model (or accounted for as a profile power 
increment). If « is deduced from an independent calculation of induced power, nonzero P; at low thrust 
will be reflected in large « values. 


The profile power is calculated from a mean blade drag coefficient: P, = pA(QR)3Cp., Cro = 
(o/8)CameanF'p. The function F’p( 11, 1.) accounts for the increase of the blade section velocity with rotor 
edgewise and axial speed: Cp, = [ $0cqU?dr = f $oca(u + uz + ud)°/7dr; so (from ref. 10) 


3/2 


27 1 
Fr =45- | i: ((r + wsinh)” + (ues)? + wz)" dr dy 


5 3 g447V244V4 9 yt 
~J/14+V2(1+=V? ‘ 
( >” "Se Gqayae  i6Thv 


v14+V2+1 
V 


as a ee l 
+ (Sut + Sud + 7gH n 


with V? = pi? + 2. This expression is exact when p: = 0, and fp ~ 4V® for large V. 


Two performance methods are implemented, the energy method and the table method. The induced 
power factor and mean blade drag coefficient are obtained from equations with the energy method, or 
from tables with the table method. Optionally « and camean can be specified for each flight state, 
superseding the performance method values. 


Rotor power adjustments (P,,) are associated with wing interference, propulsive force efficiency, 
and climb efficiency. 


12-5.1 Energy Performance Method 


12-5.1.1 Induced Power 


The induced power is calculated from the ideal power: P; = &Pigeal = KfpT Viaeal. Reference values 
of « are specified for hover, axial cruise (propeller), and edgewise cruise (helicopter): Khovers Kprop, and 
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Figure 12-4. Induced power factor for rotor in hover. 


Kedge. Two models are implemented: constant model and standard model. The constant model uses 
K = Khover lf pp = Uz = 03 OF K = Kprop if |u| < 0.1]u2|; OF K = Keage Otherwise. 


The standard model calculates an axial flow factor Kaxiai frOM Knovers Kelimb, ANd Kprop. Let A = 
Cr/o — (Cr/c)ina. For hover and low-speed axial climb, including a variation with thrust, the inflow 
factor is 


2 
Kh = Khover + kniAn + kn2|An|*"? + (Kelimb 3 Khover ) 7 tan! [(((yel/An) /Maxiat) 


where |u-|/An = Maxial is the midpoint of the transition between hover and climb, and X,xia) is large 
for a fast transition. Figure 12-4 illustrates « in hover (with a minimum value). Figure 12-5 shows the 
behavior of this function for a helicopter in climb (Xaxiai = 0.65). A polynomial describes the variation 
with axial velocity, scaled so K = Kp, at uw, = 0 and &K = ky at pz = zprop. Including variations with 
thrust and shaft angle: 


Ky = Kprop + kp1Ap + Fip2|Ap|*?? + Fives |? 
Kaxial = Kh + kar|te| a S(ka2p2 + kas |z|**) 


where S = (Kp — (Kn + kaifzprop))/(Ka2H2prop + ka3|Hzprop|*?); S = 0 if kaz = ka3 = 0 (not scaled); and 
Kaxial = Kn If ftzprop = 0. A polynomial describes the variation with edgewise advance ratio, scaled so 
K = Kaxial at pp = 0 and & = ke at [4 = fledge. Thus the induced power factor is 


Ke = fafos(Kedge + kt1At + ke2|Az|**?) 
K = Kaxial + Kerf oe S(keop? + healt) 


where S = (Ke — (Kaxial + Kei fedge))/(ke2beage + koa |thetiee|**)5 S =0if keg = ke3 = 0 (not scaled); and 
K = Kaxial if Ueage = 0. The function f, = 1—keafs, accounts for the influence of angle of attack (u_/) 
or rotor drag (Cx). The function fog = 1 — ko1(1 — e~*e?°*) accounts for the influence of lift offset, 
0, = 1M,/TR = (Kuw/TR)G;. Figure 12-6 illustrates « in edgewise flight. Minimum and maximum 
values of the induced power factor, kKmin aNd Kmax, are also specified. 
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Figure 12-5. Induced power factor for rotor in axial flight. 
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Figure 12-6. Induced power factor for rotor in edgewise flight. 


12-5.1.2 Profile Power 


The profile power is calculated from a mean blade drag coefficient: Cp, = (0 /8)cameanF'p. Since the 
blade mean lift coefficient is ce = 6C r/c, the drag coefficient is estimated as a function of blade loading 
Cr/c (using thrust-weighted solidity). With separate estimates of the basic, stall, and compressibility 
drag, the mean drag coefficient is: 


Cdmean = xS (Cdbasic + Castall + Cdcomp ) 


where y is a technology factor. The factor S = (Rerer/Re)*®* accounts for Reynolds number effects 
on the drag coefficient; typically Xp. = 0.2 for a turbulent boundary layer. Re is based on the thrust- 
weighted chord, 0.75V4;,, and the flight state; Re,.¢ corresponds to the input cy information. The following 
models are implemented for the basic drag: 
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a) Array model: The basic drag capasic iS input as a function of C'r/o; the array is linearly interpolated. 


b) Equation model: The basic drag capasic 18 a quadratic function of C/o, plus an additional term 
allowing faster growth at high (sub-stall) angles of attack. Let A = |Cr/o — (Cr/o)pmin|, where 
(Cr/o) pmin Corresponds to the minimum drag and A,., = |Cr/o| — (Cr/o)sep. Values of the basic 
drag equation are specified for helicopter (hover and edgewise) and propeller (axial climb and cruise) 
operation: 

Can = donet + diner + doneA? + deepAXeer 


sep 


Cap = Aoprop + AipropA + depropA? + deep AZeeP a dpe pta|u|*?* 


The separation term is present only if A,., > 0. The helicopter and propeller values are interpolated as 
a function of p.: 


2 
Cdbasic = Cah + (Cap — Cah) — tan7*(|j2|/An) + dpi t+ dpouX! + dirpz + deo|pz|** 


So |z|/An = 1 is the midpoint of the transition. The last terms are the effect of edgewise and axial flow. 


The stall drag increment represents the rise of profile power caused by the occurrence of significant 
stall on the rotor disk. Let A, = |Cr/o| — (fs/fafor)(Cr/o)s (f; is an input factor). The function 
fa = 1— ds au, accounts for the influence of angle of attack (4,/) or rotor drag (Cx). The function 
for = 1—do1(1 — e~ 2°) accounts for the influence of lift offset, 0, = rM,/TR = (Kyup/TR)G;. Then 
Castall = ds, AX*1 + dsg AX? (zero if A, < 0). The blade loading at which the stall affects the entire rotor 
power, (Cr/c),, is an input function of the velocity ratio V = \/p? + 2. 


The compressibility drag increment depends on the advancing tip Mach number M,,, and the tip 
airfoil thickness-to-chord ratio r. The following models are implemented: 


a) Drag divergence model: Let AM = M,4 — Maa, where Maga is the drag divergence Mach number of 
the tip section. Then the compressibility increment in the mean drag coefficient is 


Cdcomp = dim AM - dima A\M*™ 


(ref. 11). Maa is a function of the advancing tip lift coefficient, cg 99). The advancing tip lift is estimated 
from a(1,90) = (9.75 + 0.250, + 45 — (A— Be)/(1+ 4) = 1.6(1 — 2.97 + 2.21?) (6Cr/oa) + 0.256; (zero 
above js = 0.6). Then the Korn expression (ref. 12) gives Maa for small lift coefficient: 


Maa = KA — K|ce| -T= Maao a K|ce| 


where Mgao is the drag divergence Mach number at zero lift, and typically « = 0.16. 


b) Similarity model: From transonic small-disturbance theory (refs. 13-14), the scaled wave drag must 
be a function only of K, = (M2, — 1)/[M2,7r(1 + y)]?/3. An approximation for the wave drag increment 
is 


5/3 5/3 


T T 
Aca = 1/3 D(ki) = 


[Mz.(1 + 7)] [Mz.(1 + y)]*/8 
(constant for A, > —0.2). Integration of Acg over the rotor disk gives the compressibility increment in 
the profile power. Following Harris, the resulting compressibility increment in the mean drag coefficient 
is approximately: 


1.774(Ky + 1.674)°/? 


Cdcomp = 1.52 f (Ay a 1)7((1 zm wT pP(1 ae yy? 


including the input correction factor f; cacomp 18 zero for kK, < —1, and constant for AK, > —0.2. 
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Figure 12-7. Stall function. 
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Figure 12-8. Mean drag coefficient for rotor in hover. 


c) Tip Mach number model: From the tip Mach number and thrust coefficient: 
ACP. = Amt (Miip — Mtip ee a (Cr = Crimi)?” = dmt (Mtip ref — Miip ee (Cr _ Crimi)” 


and then cgcomp = ACpo/((o/8)Fp). The compressibility increment is zero if Mtip < Mbip mit OF 
Cr < Criimit- Mtip reg 18 the tip Mach number corresponding to the basic profile power model. 


Figure 12-7 shows typical stall functions (Cr/o), for two rotors with different stall characteristics, 
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Figure 12-9b. Mean drag coefficient for rotor in forward flight, low-stall. 


designated high-stall and low-stall, resulting from design features such as different airfoils, Figure 12-7 
also shows, for reference, typical helicopter rotor steady and transient load limits. Figure 12-8 illustrates 
the mean drag coefficient in hover, showing cq, with and without the separation term, and the total for 
the high-stall and low-stall cases. Figure 12-9 illustrates the mean drag coefficient in forward flight, 
showing the compressibility term cgcomp, and the growth in profile power with C;/o and pas the stall 
drag increment increases. 
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Rotor thrust capability (Cr/o)max aS a function of advance ratio ,, can be specified for steady and 
transient operation. Alternatively, the thrust limit can be obtained from an equation: 


(Cr/0) max — Ko a Kye 


For example, (C/o) max = 0.17 — 0.25: corresponds to the steady limit, and (Cr/o) max = 0.20 —0.25p? 
corresponds to the transient limit. One of these limits can be used to calculate the aircraft never-exceed 
speed. The rotor thrust margin (C'r/c) max — |Cr/a| is available for the maximum effort or trim solution. 


12-5.1.3 Twin and Multiple Rotors 


For twin rotors, the induced power is determined by the induced velocity of the rotor system, not 
the individual rotors. The induced power is still obtained using P; = & Pideat = &fpT Videa for each rotor, 
but the ideal induced velocity is calculated for an equivalent thrust Cr, based on the thrust and geometry 
of both rotors. The profile power calculation is not changed for twin rotors. 


In hover, the twin rotor induced velocity is v; = Ktwin/Z'/2pAp, from the total thrust T and the 
projected disk area A, = (2 —_m)A. The overlap fraction m is calculated from the rotor hub separation 
é. A correction factor for the twin rotor ideal power is also included. For a coaxial rotor, typically 
Ktwin & 0.90. So the ideal inflow is calculated for Cr. = (Cri + Cr2)/(2—m). 


In forward flight, the induced velocity v; = KtiwinT'/20AV is calculated from the equivalent thrust 
Te = £17, +. 22T2, which gives vu; = Ktiwin(@101 + %2v2) = Ktwin(@1T1/2pAV + 22T2/2pAV). The induced 
velocity of a coaxial rotor is vu; = KtwinT'/(20AV), from the total thrust T and a span of 2R. The 
ideal inflow is thus calculated for Crp. = Cr, + Cr. The correction factor for ideal induced power 
(biplane effect) is kiwin & 0.88 to 0.81 for rotor separations of 0.06D to 0.12D. The induced velocity 
of side-by-side rotors is vu; = KtwinT’/(2pA-V), from the total thrust T and a span of 2R + é, hence 
A. = A(1+¢/2R)?. The ideal inflow is thus calculated for Cr. = (Cri + Cr2)/(1 + €/2R)?. If there 
is no overlap (¢ > 2R), it is assumed that there is no performance impact of interference between the 
rotors. The induced velocity of tandem rotors is ur = Ktwin(Tr/(2pAV) + eRTr/(2pAV)) for the front 
rotor and vr = Kiwin(Tr/(2pAV) + rT /(2pAV)) for the rear rotor. For large separation, rp ~ 0 and 
up & 2; for the coaxial limit xp = xr = 1 is appropriate. Here xe = m and xp = 2 — mis used. 


In summary, the model for twin rotor ideal induced velocity uses Cp. = x Cr, + v2C'r2 and the 
correction factor Kiwin. In hover, x; = 1/(2— m); in forward flight of coaxial and tandem rotors, x, = 1 
for this rotor and x, = m or xf = 2 — m for the other rotor; in forward flight of side-by-side rotors, 
rp =1/(1+0/2R)? (vw = 1/2 if there is no overlap, 0/2R > 1). The transition between hover and forward 
flight is accomplished using 

x pp + rnCrF 
P+ Oe 


with typically C' = 1 to 4. This transition is applied to x for both rotors, and to Ktwin. 


With a coaxial rotor in hover, the lower rotor acts in the contracted wake of the upper rotor. 
Momentum theory gives the ideal induced power for coaxial rotors with large vertical separation (ref. 15): 
Py, = Tyvu, v2 = T,,/2pA for the upper rotor; and Pp = (a@s/./7)Trve, v7 = Te/2pA for the lower rotor. 


Here 7 = T;/T,,; & is the average of the disk loading weighted by the induced velocity, hence a measure 
of nonuniform loading on the lower rotor (@ = 1.05 to 1.10 typically); and the momentum theory solution 


1S 
a 1 
7 = 33, (vi +4(1+7)2ar — 1) 
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The optimum solution for equal power of the upper and lower rotors is @s7 = 1, giving tT = T;/T, = 2/3. 
Hence for the coaxial rotor in hover the ideal induced velocity is calculated from Cr. = Cr, for the 
upper rotor and from Cr. = (@s/./T)?C7~ for the lower rotor, with Kiwin = 1. Thus 2, = 1/(2—m) = 1/2 
and the input hover kiwin is not used, unless the coaxial rotor is modeled as a tandem rotor with zero 
longitudinal separation. 


For multiple rotors, the model for ideal induced velocity is extended to use Cre = > &nCrn (Sum 
over all rotors, scaled with square of tip speed), and the correction factor «twin. The thrust factors x, are 
input for hover and forward flight. 


12-5.2 Table Performance Method 


The induced power is calculated from the ideal power: P; = KPiaeat = KfpT Vide. The induced 
power factor « is obtained from an input table (linearly interpolated) that can be a function of up to three 
independent variables. Optionally « from the equations can be retained as an increment to the table 
value. 


The profile power is calculated from a mean blade drag coefficient: P, = pA(QR)?Cp, = 
pA(QR)3 ¢Cameanf’p. The mean drag coefficient camean, or alternatively Cameanf'p = 8Cp./c, 18 ob- 
tained from an input table (linearly interpolated) that can be a function of up to three independent 


variables. Optionally camean from the equations can be retained as an increment to the table value. 


The independent variables can be velocity magnitude V/V;;,, horizontal velocity V;,/Viip, edgewise 
advance ratio j. (hub plane or tip-path plane), axial velocity ratio j., (hub plane or tip-path plane), shaft 
angle of attack a = tan~'(y-/) (hub plane or tip-path plane), blade loading Cy/c, lift offset ,,/TR, 
tip Mach number M;,, or advancing tip Mach number M,;. The thrust value used in the table can 
include download. The thrust value used in the table can include ground effect (thrust divided by «,), 
or the power result from the table can include ground effect (power multiplied by f,). 


12-5.3 Power Adjustments 


Rotor power adjustments are associated with wing interference (P,,), propulsive force efficiency 
(P.), and climb efficiency (P,). 


The interference power can be produced by interactions from the wing. The component of the 
wing interference velocity v , parallel to the rotor force vector F” (velocity roughly normal to the rotor 
disk) produces a power change P,, © vi.,F. The component of the interference velocity perpendicular 
to the rotor force vector (velocity roughly in the plane of the rotor disk) produces interference through 
the swirl, hence P,, « (V/OQR)|vina||£’|. Thus the interference power is calculated from 


V 
Py = —Kintntnal + Kinyo (Ivinall 1)? — (OB aF? 


Separate interference factors K;,; are used for the two terms. Kjn¢, is negative for favorable interference. 


An effect of propulsive force on the rotor induced and profile power can be included in terms of an 


efficiency 77: 
Px=VAD (- a 1) 
n 


where AD = q(D/q—(D/q)rer), and the reference propulsive force (D/q)rer corresponds to the baseline 
profile and induced power models. In terms of the rotor wind axis forces, the propulsive force is here 
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D = —-X (or D = —X cosa, — Lsina, in climb, tana, = V./V),). The efficiency is a function of rotor 
speed and blade loading, (Cr /o,V/Viip). This increment is intended for use with the table model for 
the reference propulsive force. 


The main rotor propulsive power P, = —XV includes the climb power P. = WeV., and the influence 
of climb on the induced power is contained in vigea; and the appropriate terms of «. Alternatively, the 
influence of climb on induced and profile power can be obtained from an efficiency factor faim, as a 
function of V./up: P — Pever = WoVefaimp- In high speed flight, climb or descent does not change the 
induced velocity much, so the net change in induced power due to climb would be WeV.( felimp — 1). 
In low speed flight or axial climb, the induced velocity is influenced by climb rate. Let the difference 
between the ideal induced velocity and the level flight induced velocity be videal — Vievel = Unx. Then 
the net change in power due to climb is P, = WeV.(feimb — 1) — kT upz. In axial climb 


Videal — Vievel = —Ve/2 + 4/(Ve/2)? + vz — un = Un (-Ve/on2 + Vf (Ve/vn2)? +1—- 1) = Une 


In forward flight, vjeye1 is evaluated as for videa, but with 4, = 0. With multiple main rotors, P, for each 
rotor is obtained from We /Nyotor. This climb power increment is intended for use with the table model 
for level flight power. 


12-6 Power Required and Reaction Drive 


The total rotor power required is P.eqg = P; + P, + Py + Pz. In most helicopter designs the power 
is delivered to the rotor by a mechanical drive, through the rotor shaft torque. Such designs require a 
transmission and a means for balancing the main-rotor torque. The shaft power is Pshart = Preq, Which 
contributes to the propulsion group power required, P,.gpq, and produces a torque on the aircraft. 


An alternative is to supply the power by a jet reaction drive of the rotor, using cold or hot air 
ejected out of the blade tips or trailing edges. Helicopters have also been designed with ram jets on the 
blade tips, or with jet flaps on the blade trailing edges that use compressed air generated in the fuselage. 
Since there is no torque reaction between the helicopter and rotor (except for the small bearing friction), 
no transmission or antitorque device is required, resulting in a considerable weight saving. With a jet 
reaction drive, the propulsion system is potentially lighter and simpler, although the aerodynamic and 
thermal efficiency are lower. The helicopter must still have a mechanism for yaw control. With reaction 
drive the shaft power is Pshatt = Preq — Preact, Where the reaction power P,cact contributes to the engine 
group or jet group power required. The reaction drive produces a force Fea, on the rotor blades at 
effective radial station ryeact, $0 Preact = QTreactFreact.- Momentum balance gives the total force 


f= > [tha (Vieact ~ Onea)eg a mV ex| 


where e,, and e, are unit vectors perpendicular to the blade and in the free stream direction; and the 
sum is over all blades. The average force in the nonrotating frame is the drag of the inlet momentum 
(™MreactV), Which is accounted for in the engine group or jet group model. The mean in the rotating 
frame gives the total jet force required 


Freact = iisaact| Veetes al Ores) 


The engine group or jet group performance includes the blade duct and nozzle, perhaps even with tip 
burning. Optionally the reaction power can be set equal to the rotor power required (Preact = Preq), SO 
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Psnaft = 0. If the reaction drive is turned off (Preact = 0 and Freact = 0), then the rotor must be trimmed 
such that Preq = 0. 


12-7 Performance Metrics 


Several performance metrics are calculated for each rotor. The induced power factor is & = P;/Piaeai- 
The rotor mean drag coefficient is cg = (8C p./o)/Fp, using the function F(z, 4.) given previously. The 
rotor effective lift-to-drag ratio is a measure of the induced and profile power: L/D. = VL/(P; + P.). 
The hover figure of merit is M = T’fpv/P. The propeller propulsive efficiency is 7 = P,/P = —XV/P. 
These two metrics can be combined as a momentum efficiency: mom = T(V + w/2)/P, where w/2 = 
fwo/2 = fov. 


12-8 Interference 


The rotor can produce aerodynamic interference velocities at the other components (fuselage, wings, 
and tails). The induced velocity at the rotor disk is «v;, acting opposite the thrust (z-axis of tip-path 
plane axes). So vf, = —k?xv;, and vi, = C’P uf. The total velocity of the rotor disk relative to the 
air consists of the aircraft velocity and the induced velocity from this rotor: vf\,,, = v" — v4. The 
direction of the wake axis is thus ef = —C?PF vf) ../|uf,,,| (for zero total velocity, ef) = —k?P is used). 
The angle of the wake axis from the thrust axis is x = cos~! |(k”)7e%}|. 


The interference velocity vé, at each component is proportional to the induced velocity vf, (hence 
is in the same direction), with factors accounting for the stage of wake development and the position of 
the component relative to the rotor wake. The far wake velocity is w = fyv;, and the contracted wake 
area is A, = tR? = A/f,. The solution for the ideal inflow gives fy and f,4. For an open rotor, fw = 2. 
For a ducted rotor, the inflow and wake depend on the wake area ratio f,4, or on the ratio of the rotor 
thrust to total thrust: fr = Tyotor/T. The corresponding velocity and area ratios at an arbitrary point on 
the wake axis are f,, and f,, related by 


fs bl? + (Me + fwdi)? 
“ (fvep)? a (fv zbte + ri)? 


Vortex theory for hover gives the variation of the induced velocity with distance z below the rotor disk: 


v = v(0) (: + —— 
1+ (z/R)? 


With this equation the velocity varies from zero far above the disk to v = 2v(0) far below the disk. To 
use this expression in edgewise flow and for ducted rotors, the distance z/R is replaced by ¢.,,,/tR, where 
Gw 1s the distance along the wake axis, and the parameter ¢ is introduced to adjust the rate of change (¢ 
small for faster transition to far wake limit). Hence the velocity inside the wake is f.,,v;, where 


pus V1+ (Gw/th)? 7 
w— IWsze = 
1+ (fy — 1) —weit# CyS0 


1+ (Gw/th)? 


and the contracted radius is R, = R/V fa- 
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The wake is a skewed cylinder, starting at the rotor disk and with the axis oriented by e/,. The 
interference velocity is required at the position 24 on a component. Whether this point is inside or 
outside the wake cylinder is determined by finding its distance from the wake axis, in a plane parallel to 
the rotor disk. The position relative to the rotor hub is €2 = C?' (zi — zf.,,); the corresponding point on 


the wake axis is £4’ = e/°¢,,. Requiring ££ and ¢/) have the same z value in the tip-path plane axes gives 


c, = (PIPOPFGE — aa) 
(RP Tek 


from which f., fw, fa, and R, are evaluated. The distance r from the wake axis is then 
r? = ((i?)7(€B — €4))” + (9?) (EB - 4) 


The transition from full velocity inside the wake to zero velocity outside the wake is accomplished in 
the distance sR, using 


1 r<R. 
fr=< 1—-(r—R,)/(sRe) 
0 r>(1+s)R. 


(s = 0 for an abrupt transition, s large for always in wake). 


The interference velocity at the component (at z/,) is calculated from the induced velocity vf, 
the factors fw f, accounting for axial development of the wake velocity, the factor f, accounting for 
immersion in the wake, and an input empirical factor Kins: 


F F 
Vint = Kint fwhetrfe Vind 


An additional factor f; for twin rotors is included. Optionally the development along the wake axis 
can be a step function (fw f. = 0, 1, fw above the rotor, on the rotor disk, and below the rotor disk, 
respectively); nominal (¢ = 1); or use an input rate parameter ¢. Optionally the wake immersion can use 
the contracted radius R. or the uncontracted radius R; can be a step function (s = 0, so f, = 1 and 0 
inside and outside the wake boundary); can be always immersed (s = 00 so f, = 1 always); or can use 
an input transition distance s. Optionally the interference factor Ky; can be reduced from an input value 
at low speed to zero at high speed, with linear variation over a specified speed range. 


To account for the extent of the wing or tail area immersed in the rotor wake, the interference 
velocity is calculated at several points along the span and averaged. The increment in position is 
Azl = C¥(0 Ay)", Ay = (b/2)(—1 + (2i — 1)/N) for i = 1 to N; where b is the wing span. The 
average interference is calculated separately for each wing panel (left and right), by interpolating the 
interference velocity at N points along the wing to N/2 points along the panel span. 


For twin main-rotors (tandem, side-by-side, or coaxial), the performance may be calculated for 
the rotor system, but the interference velocity is still calculated separately for each rotor, based on 
its disk loading. At the component, the velocities from all rotors are summed, and the total used to 
calculate the angle of attack and dynamic pressure. This sum must give the interference velocity of 
the twin rotor system, which requires the correction factor f;. Consider differential momentum theory 
to estimate the induced velocity of twin rotors in hover. For the first rotor, the thrust and area in the 
non-overlap region are (1 —m)T, and (1—m) A, hence the induced velocity is v1 = K/T,/2pA; similarly 
v2 = k\/T2/2pA. In the overlap region the thrust and area are mT, + mT» and mA, hence the induced 
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velocity is Um = K\/(T; + T2)/2pA. So for equal thrust, the velocity in the overlap region (everywhere 
for the coaxial configuration) is /2 larger. The factor Kr is introduced to adjust the overlap velocity: 
Um = K(Kr/V2)\/(T1 + T2)/2pA. The interference velocities are calculated separately for the two 
rotors, with the correction factor fy: Uinta = fr6-/T1/2pA and vintg = fek/T2/2pA. The sum vinti + Vint2 
must take the required value. Below the non-overlap region, the component is in the wake of only one 
of the rotors, so the interference velocity from the other rotor is zero, and thus /; = 1. Below the overlap 
region, the component is in the wake of both rotors, and the sum of the interference velocities equals v,,, 
if 


Kr/V2 
VT + 72 
where 7,, = T,,/(T, + T2) is the thrust ratio. For equal thrusts, f,, = Kr/2; or fin = 1/V2 for the 
nominal velocity. The expression f, = f;; cos? y+sin? y gives the required correction factor, with f, = 1 
in edgewise flight. Optionally the correction for twin rotors can be omitted (f; = 1); nominal (Kr = V2); 
or use an input velocity factor in the overlap region (Kr). 


Sin = 


12-9 Drag 


The rotor component includes drag forces acting on the hub and spinner (at zf',,) and on the pylon 
(at Pees): The component drag contributions must be consistent. In particular, a rotor with a spinner 
(such as on a tiltrotor aircraft) would likely not have hub drag. The pylon is the rotor support and the 
nacelle is the engine support. The drag model for a tiltrotor aircraft with tilting engines would use the 
pylon drag (and no nacelle drag), since the pylon is connected to the rotor shaft axes; with non-tilting 


engines it would use the nacelle drag as well. 


The body axes for the drag analysis are rotated about the y-axis relative to the rotor shaft axes: 
CPF = C®SCS¥ where C25 = Y_o_,. The pitch angle 6,.¢ can be input, or the rotation appropriate for 
a helicopter rotor or a propeller can be specified. 


a) Consider a helicopter rotor, with the shaft axes oriented z-axis up and x-axis 
downstream. It is appropriate that the angle of attack is a = 0 for forward flight and 
a = —90 deg for hover, meaning that the body axes are oriented z-axis down and 
x-axis forward. Hence 6,.¢ = 180 deg. 

b) Consider a propeller or tiltrotor, with the shaft axes oriented z-axis forward and 
x-axis up. It is appropriate that the angle of attack is a = 0 in cruise and a = 90 deg 
for helicopter mode (with a tilting pylon), meaning that the body axes are oriented 
z-axis down and x-axis forward. Hence 6,.¢ = 90 deg. 


The aerodynamic velocity relative to the air is calculated in component axes, v?. The angle of attack 
a and dynamic pressure q are calculated from v?. The reference areas for the drag coefficients are the 
rotor disk area A = 7 R? (for hub drag), pylon wetted area Spyion, ducted wetted area 2Sauct, and spinner 
wetted area S.,in; these areas are input or calculated as described previously. 


The hub drag can be fixed, specified as a drag area D/q; or the drag can be scaled, specified as a 
drag coefficient Cp based on the rotor disk area A = 7R?; or the drag can be estimated based on the 
gross weight, using a squared-cubed relationship or a square-root relationship. Based on historical data, 
the drag coefficient Cp = 0.004 for typical hubs, Cp = 0.0024 for current low-drag hubs, and C'p = 
0.0015 for faired hubs. For the squared-cubed relationship: (D/q)nun = k((Warro/Nrotor) /1000)?/8 
(where Wyrro/Nyotor is the maximum takeoff gross weight per lifting rotor; units of k are ft2/k-Ib2/3 or 
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m?/Mg?/*), Based on historical data, k = 1.4 for typical hubs, k = 0.8 for current low-drag hubs, and 
k = 0.5 for faired hubs (English units). For the square-root relationship: (D/q)nup = kx\/Warro/Nrotor 
(where Wyrro/Nyotor is the maximum takeoff gross weight per lifting rotor; units of k are ft2/Ib!/2 or 
m?/kg'/?); based on historical data (ref. 16), k = 0.074 for single rotor helicopters, k = 0.049 for tandem 
rotor helicopters (probably a blade number effect), k = 0.038 for hingeless rotors, and & = 0.027 for faired 
hubs (English units). To handle multi-rotor aircraft, the scaling weight w = Wyrro/Nrotor 18 calculated 
as for disk loading: w = fwWarro for main-rotors or w = fT for antitorque and auxiliary-thrust rotors. 


The hub vertical drag can be fixed, specified as a drag area D/gq; or the drag can be scaled, specified 
as a drag coefficient Cp based on the rotor disk area A = 7R?. 


The pylon forward flight drag and vertical drag are specified as drag area or drag coefficient, based 
on the pylon wetted area. The duct forward flight drag and vertical drag are specified as drag area or drag 
coefficient, based on the duct wetted area. The spinner drag is specified as drag area or drag coefficient, 
based on the spinner wetted area. 

The drag coefficient for the hub or pylon or duct at angle of attack a is 

Cp = Cpo + (Cpv — Cpo)|sina|*4 
Optionally the variation can be quadratic (Xz = 2). For sideward flight, Conus = Cpo for the hub, 
Cppylon = Cry for the pylon, and Cpauct = Cpv for the duct. Then the total component drag force is 
D= qgAC pnub a qSpylonC Dpylon + qSauct CrDaduct + dS spin CDspin 
The dynamic pressure and position of the hub are used for the duct and spinner. The force and moment 
produced by the drag are 
BES yeep 


MF =)“ AxFFF 
where Az! = z" — z* (separate locations are defined for the rotor hub and for the pylon), and eg is the 
drag direction. The velocity relative to the air gives eg = —v* /|v"| (no interference). 


12-10 Weights 


The rotor configuration determines where the weights occur in the weight statement, as summarized 
in table 12-3. The rotor group consists of blade assembly, hub and hinge, fairing/spinner, blade fold 
structure, inter-rotor shaft, rotor support, and duct. The tail-rotor (in empennage group) or the propeller/ 
fan installation (in propulsion group) consists of blade assembly, hub and hinge, rotor support, and duct. 


There are separate weight models for main-rotors, tail-rotors, and auxiliary-thrust systems (pro- 
pellers). The tail-rotor model requires a torque calculated from the drive system rated power and 
main-rotor rotational speed: Q = Ppsiimit/Qmr. The auxiliary-thrust model requires the design max- 
imum thrust of the propeller. The engine section or nacelle group includes the engine support weight 
and pylon support weight; these must be consistent with the use of the rotor support structural weight. 


Table 12-3. Principal configuration designation. 


configuration weight statement weight model performance model 
main-rotor rotor group rotor rotor 
tail-rotor empennage group tail-rotor rotor 


propeller propulsion group rotor, aux thrust rotor 
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The flap moment of inertia J, and the Lock number y = pacR*/I, are required for the blade motion 
solution. Several options are implemented to calculate f,. The Lock number can be specified, and 
then J, = pacR*/7 used, independent of the blade weight; this is the only option for the tail-rotor and 
auxiliary-thrust weight models, which do not give separate blade and hub weight estimates. The moment 
of inertia J, can be calculated from the blade weight and the weight distribution. The Lock number 
can be specified, hence J, = pacR*/y, and then mass added to the blade to achieve this value. An 
autorotation index AI = KE/P = 4N1I,?/P can be specified, hence the required [,, and then mass 
added to the blade to achieve this value. Reference 17 describes this and other autorotation indices; 
AI = KE/P > 3 sec gives good autorotation characteristics for small helicopters. 


In order to increase the moment of inertia, a tip weight W, can be added to each blade at radial 
station r;. Thus the total blade weight is W, = yw, +dW, + (1+ f)W,N Cb or kg); where wy is the blade 
weight estimate, . the technology factor, dW, a specified weight increment; and the factor f accounts for 
the blade weight increase required by the centrifugal force due to W;. The mass per blade is M, = W;/N 
(slug or kg), or Myo without the tip weight. The blade moment of inertia is 


Ty = R?(r3(Moo + fMi) +7? Mi) = Tyo + R?(r? + fz) Mi 


where ry is the radius of gyration of the distributed mass. Typically ro & 0.6; ro = 1/V3 = 0.577 
for uniform mass distribution. If the required moment of inertia [, is greater than J,9, the tip mass 
M, is needed. Additional mass is required inboard to react the centrifugal force increase due to M;. 
This additional mass is less effective than M; at increasing J,. Assume a fraction a of the blade mass 
reacts the centrifugal force F, so AM/My) = aAF/Fo. The reference values are My) = R {mdr and 
Fo = 0? R? [ rmdr = QO? Rri Myo, where r; & 5. Then 


M 
AM -—a—“ AF=a 
Fo 


mruln M= fM: 
—@a 


1 2 2 Tt 
Rn (O?RriAM + O?Rr,M;) =a (am + “+ = 


With a = 3, f = 1. The tip mass required to produce AI, = Iy — Ino is My = Al, /(R?(r? + frg)), and 


the total blade weight increment is AW; = (1 + f)M;N (lb or kg). 
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Chapter 13 


Wing 


The aircraft can have one or more wings, or no wings. 


13-1 Geometry 


The wing is described by planform area S, span b, mean chord c = S/b, and aspect ratio AR = b?/S. 
These parameters are for the entire wing. The geometry is specified in terms of two of the following 
parameters: S or wing loading W/S, b (perhaps calculated from other geometry), c, A? = b?/S. With 
more than one wing, the wing loading is obtained from an input fraction of design gross weight, 
W = fwWp. Optionally the span can be calculated from a specified ratio to the span of another wing; or 
the span can be calculated from a specified ratio to the radius of a designated rotor, b = 2 R. Optionally 
the wing span can be calculated from an appropriate specification of all wing panel widths. 


Optionally for the tiltrotor configuration, the wing span can be calculated from the fuselage and rotor 
geometry: b = 2(fR+drus) + Wrus, Where RF is the rotor radius (cruise value for variable-diameter rotor), 
dtus the rotor-fuselage clearance, and we, the fuselage width. Note that the corresponding option for the 
rotor hub position is ynup = +(fR+ dtus + 1/2weus). Optionally the wing span can be calculated from the 
rotor hub position: b = 2|ynu»| (regardless of how the rotor position is determined). As implemented, 
symmetry is not assumed; rather the radius or hub position of the outermost designated rotors is used. 


The wing is at position z* , where the aerodynamic forces act. The component axes are the aircraft 
body axes, C?¥ = J. 


The wing planform is defined in terms of one or more wing panels (fig. 13-1). Symmetry of the 
wing is assumed. The number of panels is P, with the panel index p = 1 to P. The wing span station 77 is 
scaled with the semi-span: y = 7(b/2), 7 = 0 to 1. Each panel is a trapezoid, with a straight aerodynamic 
center and linear taper. The aerodynamic center locus (in wing axes) is defined by sweep A,,; dihedral 6,; 
and offsets (x ;,, zrp) at the inboard edge relative to the aerodynamic center of the previous panel. The 
wing position z is the mean aerodynamic center. The offset (4, 24) of the mean aerodynamic center 
from the root chord aerodynamic center is calculated (so the wing planform can be drawn; typically the 
aerodynamic center is drawn as the quarter-chord). Outboard panel edges are at 77, (input or calculated). 
A panel is characterized by span b, (each side), mean chord c,, and area S, = 2b,c, (both sides). The 
taper is defined by inboard and outboard chord ratios, \ = c/Crep (where Cyer is a panel or wing reference 
chord, depending on the options for describing the geometry). 


The span for each panel (if there are more than two panels) can be a fixed input; a fixed ratio of the 
wing span, b, = f»,(b/2); or free. The panel outboard edge (except at the wing tip) can be at a fixed input 
position yp; at a fixed station nz, Yp = NEp(b/2); calculated from the rotor radius, y, = fR; calculated 
from the fuselage and rotor geometry, y, = fR+ drus + '/2wfus (for a designated rotor); calculated from 
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centerline 


(X4>Z4) aero center locus 


mean aero 
center 
(wing location) 


inboard outboard 
edge edge 
Ep outboard panel edge, 7 = y/(b/2) 
"Ip Nop wing station 
Mp Aop chord ratio, A= clCyep 
CIp COp chord 
Ay sweep (+ aft) 
dy dihedral (+ up) 
XIp aero center offset (inboard, + aft) 
Zip aero center offset (inboard, + up) 
by span (each side) 
Cy mean chord 
S Pp area = 2 byLp 


Figure 13-1. Wing geometry (symmetric, only right half-wing shown). 


the hub position, y, = |ynub| (for a designated rotor); or adjusted. An adjusted station is obtained from 
the last station and the span of this panel, y, = yp—1 + bp OF Yp = Yp—1+ fop(b/2); or from the next station 
and the span of the next panel, yp) = yp41 — bp+1 OF Yp = Yp+i — So(p+1)(b/2). The specification of panel 
spans and panel edges must be consistent, and sufficient to determine the wing geometry. Determining 
the panel edges requires the following steps: 


a) Calculate the panel edges that are either at fixed values (input, or from width, or from hub 
position) or at fixed stations; root and tip edges are known. 

b) Working from root to tip, calculate the adjusted panel edge y, if panel span b, or ratio fp, 
is fixed, and if previous edge y,_1 is known. 

c) Working from tip to root, calculate the adjusted panel edge y, (if not yet known) if panel 
span bp+1 or ratio fp(p+1) 18 fixed, and if next edge y,+1 is known. 


At the end of this process, all edges must be known and the positions y,, must be unique and sequential. 
If this geometry is being determined for a known span, then there must not be a fixed panel span or span 
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ratio that has not been used. Alternatively, if the wing span is being calculated from the specification of 
all panel widths, then the process must leave one and only one fixed panel span or span ratio that has not 
been used. Since the wing span is to be calculated, each panel edge is known in the form y, = cy) +¢1b/2. 
Then the unused fixed panel span gives the equation (co + c1b/2)o — (co + c1b/2)7 = b, (subscript O 
denotes outboard edge, subscript J denotes inboard edge), or the unused fixed panel span ratio gives the 
equation (co + c1b/2)o — (co + c1b/2)7 = fpb/2, which can be solved for the semispan b/2. 


To complete the definition of the geometry, one of the following quantities is specified for each 
panel: panel area S,,; ratio of panel area to wing area, f, = S,/S; panel mean chord c,; ratio of panel 
mean chord to wing mean chord, f, = c,/c; chord ratios \7 = cr/Crep and Ao = co/Cret (taper); or free. 
The total wing area equals the sum of all panel areas: 


S=S°S, + 8D fe +230 pty + 2eD> bp fe + Lever JP 5 (Ar + Ao) 


If there is one or more taper specification (and no free), then c,¢¢ is calculated from this equation for S, 
and the mean chord is c, = $(cr + Co) = Cret$(Ar + AO), Sp = 2bpcp. If there is one (and only one) free 
specification, then S, is calculated from this equation for S, and the mean chord is c, = S,/(2b,), with 
ci = 2cp/(1 + Xo/Xr), co = 2Cp — Cy. 


Since the panels have linear taper (c = CrepA), the mean aerodynamic chord is 


b/2 1 
Sea =f e'dy = vf cop \7dn 
—b/2 0 


1 1 
- bS- Cretg AZ + APA +. AB) At = S- 3 (Cr + c7co + €B) 2bp 


b/2 1 
S= ine cdy = bf Cret A dn 
0 


1 1 
= b> eres (Ar + Xo) Anp = S- 5 ez + co) 2b 


These expressions are evaluated from panel c; and co, as calculated using \; and Ao, or using the ratio 
Ao/Ar (Crepe May not be the same for all panels). 


The mean aerodynamic center is the point where there is zero moment due to lift: Z4C,S = 
Za J cocdy = f{ xcec dy, with cc = ¢(y) the spanwise lift distribution. Thus 


‘i NGS ae Oy RO 


The locus of section aerodynamic centers x 4c is described by the panel sweep A, and the offset x, at 
the inboard end of the panel. These offsets can be a fixed input, a fraction of the root chord, or a fraction 
of the panel inboard chord. Assuming elliptical loading (¢ = \/1 — 7?) gives 


1 
x b 
qaa= f n)eacdn => f VI= (Bn + 5 tan Ayn) dn 


a. ae b 1 2)3/2 hi 
= 215(n 1—7? 4+ sin n) 5 tan Ap 5 (1 n°) 


nT 


where 77, = ae (arq + (b/2) tan Ag—1(No(q—1) — N1(q-1))) — (b/2) tan Apnrp. The vertical position of 
the mean aerodynamic center is obtained in a similar fashion, from panel dihedral 6, and offset z;, at 
the inboard edge of the panel. Assuming uniform loading (¢ = 1) gives 


1 no 
x b % b 1 
Za = i zacdn = y / (1p + 3 tan dp n) dn = y [eion + 3 tan dp 5 
0 1 
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Then (%,, Za) is the offset of the mean aerodynamic center from the root chord aerodynamic center. 
Finally, 


A=tan7+ (es in tan Ap) 


6 = tan! os a tan by) 
2c 


Croot 


A= -1 


are the wing overall sweep, dihedral, and taper. 


The wing contribution to the aircraft operating length is twing + (0.25c) cosi (forward), twing — 
(0.75c) cosi (aft), and ywing + b/2 (lateral). 


13-2 Control and Loads 


The control variables are flap 67, flaperon 6;, aileron 5,, and incidence i. The flaperon deflection 
can be specified as a fraction of flap deflection, or as an increment relative to the flap deflection, or 
the flaperon can be independent of the flap. The flaperon and aileron are the same surface, generating 
symmetric and antisymmetric loads, respectively, hence with different connections to pilot controls. 


With more than one wing panel, each panel can have control variables: flap 67-,, flaperon 6;,, aileron 
dap, and incidence i,. The outboard panel (p > 2) control or incidence can be specified independently, 
or in terms of the root panel (p = 1) control or incidence (either fraction or increment). 


Each control is described by the ratio of the control surface chord to the wing panel chord, ¢¢ = c¢/cp; 
and by the ratio of the control surface span to wing panel span, f, = by /b,, such that the control surface 
area is obtained from the panel area by Sp = 0; fp Sp. 


13-3 Aerodynamics 


The aerodynamic velocity of the wing relative to the air, including interference, is calculated in 
component axes, v?. The angle of attack awing (hence C?“) and dynamic pressure g are calculated from 
p g g y P 
v®. The reference area for the wing aerodynamic coefficients is the planform area, $. The wetted area 
contribution is twice the exposed area: Swe, = 2(S — cwrus), Where weus is the fuselage width. 


The wing vertical drag can be fixed, specified as a drag area (D/q)v; or the drag can be scaled, 
specified as a drag coefficient Cpy based on the wing area; or calculated from an airfoil section drag 
coefficient (for —90 deg angle of attack) and the wing area immersed in the rotor wake: 


1 
Cov = G Ca90 (s — Scenter — fasobrer(1 — cos dr) — fasobses(1 — cos 55) 


The term Scenter = C(Weus + 2dgus) (where weys is the fuselage width and d,,, the rotor-fuselage clearance) 
is the area not immersed in the rotor wake, and is used only for tiltrotors. The last two terms account 
for the change in wing area due to flap and flaperon deflection, with an effectiveness factor fago. 


From the control surface deflection and geometry, the lift coefficient, maximum lift angle, moment 
coefficient, and drag coefficient increments are evaluated: AC, ¢, Admaxp, ACury, and AC'py. These 
increments are the sum of contributions from flap and flaperon deflection, hence weighted by the control 
surface area. The drag coefficient increment includes the contribution from aileron deflection. 
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13-3.1 Lift 


The wing lift is defined in terms of lift-curve slope C,.. and maximum lift coefficient Crinax (based 
on wing planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 


Cla 


~ T+ Gall +7)/(7R) 


Cha 


where 7 accounts for non-elliptical loading. Optionally the input incompressible lift-curve slope is 
multiplied by the compressibility factor F.. The effective angle of attack is a. = Qwing + 1 — az1, Where 
az, is the angle of zero lift; in reverse flow (|a.| > 90), ae — ae — 180 signa,. Let amax = Crmax/Cra be 
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of 


maximum lift angle caused by control deflection, Amax = Qmax + AQmaxf ANd Amin = —Qmax + AQmaxf- 
Then 

CraMe oh ACLs Amin fae < Amax 

fr/2 — |ae| ) 
C oAmax ACT Ff 0, f= Fa An aa e> Amax 
ee a mas Fr /2— [Armas i 
fr/2— |ae| 
(Cra Amin + ACrs) max (0. fr/2 = [Amin | Ae < Amin 


(for zero lift at f90 deg angle of attack, f = .9). Note that Cra Amax + ACL ¢ = CraQmax + ACrmaxf. In 
sideward flight, C, = 0. Finally, L = qS'C;, is the lift force. 


13-3.2 Pitch Moment 


The wing pitch moment coefficient is Cag = CuactACurp. Then M = qScCy, is the pitch moment. 


13-3.3 Roll Moment 


The only wing roll moment considered is that produced by aileron control. Typically the flaperon 
and aileron are the same surface, but they are treated separately in this model. The aileron geometry is 
specified as for the flaperon and flap, hence includes both sides of the wing. The lift coefficient increment 
ACt{a is evaluated as for the flaperon, so one-half of this lift acts up (on the right side) and one-half 
acts down. The roll moment is then M, = 2(AL,/2)y, where y is the lateral position of the aileron 
aerodynamic center, measured from the wing centerline (defined as a fraction of the wing semi-span). 


The roll moment coefficient is Cy = — mE sAC La: Lhen M, = qSbC; is the roll moment. 


13-3.4 Drag 


The drag area or drag coefficient is defined for forward flight and vertical flight. The effective 
angle of attack is a. = Qwing + 1 — Qpmin, Where Apmin iS the angle of minimum drag; in reverse flow 
(jae| > 90), vw — a. — 180 signa,. For angles of attack less than a transition angle a;, the drag coefficient 
equals the forward flight (minimum) drag C'po, plus an angle of attack term and the control increment. 
If the angle of attack is greater than a separation angle a, < a, there is an additional drag increase. 
Thus if |a.| < az, the profile drag is 


Cpp a, C'po (1 + Kalae|*4 + Ks5(|@e| fi Qs)**) + ACDe + ACpf 
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where the separation (/c,) term is present only for |a-| > as; and otherwise 
Cpt = Cpo (1+ Kalar|*4 + Ks(lar| — as)**) + AC. + ACs 


Cop =Cp;+ (Coy a Cp:) sin ( a 
ACp-¢ is the compressibility drag increment. Optionally there might be no angle of attack variation at low 
angles (K, = 0 and/or K, = 0), or quadratic variation (Xq = 2), or cubic variation for the separation term 
(X, = 3). For sideward flight (v? = 0) the drag is obtained using ¢, = tan~'(—v? /v/’) to interpolate 
the vertical coefficient: Cp = Cpo cos? ¢, + Cpy sin? ¢,. The induced drag is obtained from the lift 
coefficient, aspect ratio, and Oswald efficiency e: 


(Cr — Cro)? 


es Te AR 


Conventionally the Oswald efficiency e represents the wing parasite drag variation with lift, as well as the 
induced drag (hence the use of C9). If Crp, varies with angle of attack, then e is just the span efficiency 
factor for the induced power (and Cz9 should be zero). The wing-body interference is specified as a 
drag area, or a drag coefficient based on the wing area. Then 


D = 4SCp = 48(Cpp + Cri + Cow») 
is the drag force. The other forces and moments are zero. 


13-3.5 Wing Panels 


The wing panels can have separate controls, different incidence angles, and different interference 
from the rotors. Thus the lift, drag, and moment coefficients are evaluated separately for each panel, 
based on the panel area S, and mean chord c,. The coefficient increments due to control surface deflection 
are calculated using the ratio of the control surface area to panel area, S;/S,, = £; f,. The lateral position 
of the aileron aerodynamic center is 7,b, from the panel inboard edge, so y/(b/2) = Ne(p—1) + Nabp/(b/2) 
from the wing centerline. Then the total wing loads are: 


Ls ¥ aSiCr 
MSS. asGOns 
Mz = >> GpSpbCep 
D= S- Gp SpCDpp + (GS)(Cdi + Cowd) 
The sums are over all panels (left and right). The reference area is S = 5° S;,, accounting for possible 
absence of wing extensions. The total wing coefficients are based on (gS) = )°qpSp. The three- 


dimensional lift-curve slope Cy. is calculated for the entire wing and used for each panel. The induced 
drag is calculated for the entire wing, from the total CL. Since C?” = I, 


—CDpp — Cri — Cowd 
ade Cig Cas eae Oe Oars 1 0 
—-Cr, 


is the wing aerodynamic force. 


Wing 145 
13-3.6 Interference 


With more than one wing, the interference velocity at other wings is proportional to the induced 
velocity of the wing producing the interference: vf, = Kinyvé 4. The induced velocity is obtained 
from the induced drag, assumed to act in the k? direction: Qing = Vina/|v?| = Cp;i/C_ = Cr /(meAR), 
ve = CPP |v? |aina. For tandem wings, typically Kin, = 2 for the interference of the front wing on 
the aft wing, and K;,; = 0 for the interference of the aft wing on the front wing. For biplane wings, the 
mutual interference is typically Kin, = 0.7 (upper on lower, and lower on upper). The induced drag is 


then (c Cro)? 
L— Lo 
Cri = ar a + Cr S- Qint 


other wings 


CL 
Aint = KintQina = Kint ( mR 
we other wing 


The induced velocity from the rotors is included in the angle of attack of the wing. The rotor interference 
must also be accounted for in the wing induced power: 


Coi = es Cie +Cr| SY Kintoina+ D> Cintaina 
TmeAR . 
other wings rotors 

The angle ding = Vina/V is obtained from the rotor induced velocity ;. If the interference is wing-like, 
Ving = QRKA; (SO Vina «x L/pb?V x T/2pAV). If the interference is propeller-like, ving = VkA; (so 
Ving « D/b x T/2pAQR). The interference factor can be evaluated from wing induced drag calculations: 
Cint = ACpi/(CLKA:/) OF Cing = ACD; /(CLKA;). Typically for tiltrotors the interference is wing-like, 
with Ci, = —0.06. 


The wing interference at the tail produces an angle-of-attack change « = E(C;,/Cz.), where 
E = de/da is an input factor determined by the aircraft geometry. Then from the velocity v? of the 
wing, 


F _ AFB 
Vint = C 0 


is the interference velocity at the tail. 


The wing interference at the rotor can produce interference power. The induced velocity at the rotor 
disk is vf, = Kinué, with vf, = C¥?k? |v? |aina again. Separate interference factors Kin, are used 


for the components of the interference velocity parallel to and perpendicular to the rotor force vector 
(roughly normal to and in the plane of the rotor disk). 


13-4 Wing Extensions 


The wing can have extensions, defined as wing portions of span bx at each wing tip. For the 
tiltrotor configuration in particular, the wing weight depends on the distribution of wing area outboard 
(the extension) and inboard of the rotor and nacelle location. Wing extensions are defined as a set of 
wing panels at the tip. The extension span and area are the sum of the panel quantities, bx = >>... bp 
and Sx = )°.., 5p. The inboard span and area are then b; = b — 2bx, Sy = S— Sx. Optionally 
the wing extensions can be considered a kit, hence the extensions can be absent for designated flight 
conditions or missions. As a kit, the wing extension weight is considered fixed useful load. With wing 
extensions removed, the aerodynamic analysis considers only the remaining wing panels. The total wing 
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coefficients are then based on the area without the extensions. For the induced drag and interference, 
the effective aspect ratio is then reduced by the factor (b;/b), since the lift and drag coefficients are still 
based on total wing area 5. 


13-5 Wing Kit 


The wing can be a kit, the kit weight an input fraction of the total wing weight. The wing kit 
weight can be part of the wing group, or considered fixed useful load. With the kit removed, there are 
no aerodynamic loads or aerodynamic interference generated by the wing, and the wing kit weight is 
omitted. 


13-6 Weights 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor 
or tiltwing configuration and for other configurations (including a compound helicopter). 


The AFDD wing weight models are based on parameters for the basic wing plus the wing tip 
extensions (not the total wing and extensions). The tiltrotor wing model requires the weight on the wing 
tips (both sides), consisting of: rotor group, engine system, drive system (except drive shaft), engine 
section or nacelle group, air induction group, rotary wing and conversion flight controls, hydraulic group, 
trapped fluids, and wing extensions. An adjustment of this calculated weight can be used; a negative 
increment is required when the engine and transmission are not at the tip location with the rotor. 
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Empennage 


The aircraft can have one or more tail surfaces, or no tail surface. Each tail is designated as 
horizontal or vertical, affecting some parameter definitions. 


14-1 Geometry 


The tail is described by planform area S, span b, chord c = S/b, and aspect ratio A? = b?/S. The 
tail volume can be referenced to rotor radius and disk area, V = S¢/RA; to wing area and chord for 
horizontal tails, V = Sé/S,,c.; or to wing area and span for vertical tails, V = Sé/S.,b,,. Here the tail 
length is ¢ = |ap~t — eg| or € = |%.4 — Leg| for horizontal tail or vertical tail, respectively. The geometry 
is specified in terms of S or V; and b, or A?, or c. The elevator or rudder is described by the ratio of 
control surface chord to tail chord, c;/c; and the ratio of control surface span to tail span, by /b. 


The tail contribution to the aircraft operating length is xq; + 0.25c (forward), vai) — 0.75c (aft), and 
Ytail + (b/2)C (lateral), where C = cos ¢ for a horizontal tail and C' = cos(¢ — 90) for a vertical tail. 
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The tail is at position z* , where the aerodynamic forces act. The scaled input for tail position can 
be referenced to the fuselage length, or to the rotor radius. 


The horizontal tail can have a cant angle ¢ (positive tilt to left, becomes vertical tail for ¢ = 90 deg). 
Thus the component axes are given by C2 = X_,. The control variables are elevator 5, and incidence 


d. 


The convention for nominal orientation of the vertical tail is positive lift to the left, so aircraft 
sideslip (positive to right) generates positive tail angle of attack and positive tail lift. The vertical tail 
can have a cant angle ¢ (positive tilt to right, becomes horizontal tail for ¢ = 90), so the component axes 
are given by C2 = X_9944. The control variables are rudder 45, and incidence i. 


14-3 Aerodynamics 


The aerodynamic velocity of the tail relative to the air, including interference, is calculated in 
component axes, v?. The angle of attack a;ai) (hence C?“) and dynamic pressure q are calculated from 
v®. The reference area for the tail aerodynamic coefficients is the planform area, S. The wetted area 
contribution is S,,., = 2S. From the elevator or rudder deflection and geometry, the lift coefficient, 
maximum lift angle, and drag coefficient increments are evaluated: AC; +, AQmaxf,and AC pr. 
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14-3.1 Lift 


The tail lift is defined in terms of lift-curve slope C,., and maximum lift coefficient Crmax (based 
on tail planform area). The three-dimensional lift-curve slope is input directly or calculated from the 
two-dimensional lift-curve slope: 


Cha 


Cla = Ty Cea(1 + T)/(7 AR) 


where 7 accounts for non-elliptical loading. Optionally the input incompressible lift-curve slope is 
multiplied by the compressibility factor F.. The effective angle of attack is ae = ataii + 1 — a2, where 
a, is the angle of zero lift; in reverse flow (|a-| > 90), ae — ae — 180 signae. Let @max = Cimax/Cra be 
the angle-of-attack increment (above or below zero lift angle) for maximum lift. Including the change of 


maximum lift angle caused by control deflection, Amax = Qmax + AQmaxf ANd Amin = —Qmax + AQmaxf- 
Then 
ClaMe a. ACLs Amin fae < Amax 
fx/2—|ae| 
C oAtnax AC 0, ny ee e > Amax 
Gea ee + ACis) max ( fr /2—|Amax| i 
fr/2— |ae| 
CraAmin + AC, () Max (0. “~a fe =[A oP Ae < Amin 
H) Fr]2— (Ami 


(for zero lift at {90 deg angle of attack, f = .9). Note that Cra Amax +ACzs = Cradmax + ACrmaxs. In 
sideward flight (defined by (v2)? + (vB)? < (0.05|v?|)?), C_ = 0. Finally, L = qSCyz is the lift force. 


14-3.2. Drag 


The drag area or drag coefficient is defined for forward flight and vertical flight. The effective angle 
of attack is ag = Qtaii +i—Apmin, Where @pmin is the angle of minimum drag; in reverse flow (|a-| > 90), 
Qe — ae — 180signa,. For angles of attack less than a transition angle a;, the drag coefficient equals 
the forward flight (minimum) drag C'po, plus an angle-of-attack term and the control increment. Thus 
if |ae| < az, the profile drag is 


Cpp = Cpo (1 + Kalae|*) + ACpe. + ACpf 


and otherwise 
Cpt = Coo (1 + Kala:|**) + ACpe + ACpf 


. (t |al—a 
Copp = Cot + (Cpv — Cp:) sin (F went) 


ACp- is the compressibility drag increment. Optionally there might be no angle-of-attack variation at 
low angles (Ky = 0), or quadratic variation (Xq = 2). In sideward flight (defined by (v2)? + (vB)? < 
(0.05|v?|)?), the drag is obtained using ¢, = tan~'(—v?/v?) to interpolate the vertical coefficient: 
Cop = Cro cos? dy + Cov sin? ¢,. The induced drag is obtained from the lift coefficient, aspect ratio, 
and Oswald efficiency e: 
(Cr — Cro)? 

Te AR 
Conventionally the Oswald efficiency e can represent the tail parasite drag variation with lift, as well as 
the induced drag (hence the use of C9). Then 


Coi = 


D = 4SCp = 45(Cpp + Cri) 
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is the drag force. The other forces and moments are zero. 


1444 ‘V-Tail 


A V-tail is modeled as a pair of horizontal and vertical tails, each sized by area or tail volume. This 
model follows references 1 and 2. The aerodynamic loads are calculated separately for each tail. The 
weight is calculated only for the second tail, using the V-tail area and aspect ratio. The V-tail area and 
span are the sum of the two tails: 

Sy = Shi + Sut 


by = bne + but 


and the aspect ratio is AR = b7,/S\. The V-tail dihedral angle is 5 = tan~! \/'S,,/S;,., and the cant angle 
@ = 0 for both. The location (which should be the same for the two tails) is the midpoint of the V-tail, 
vertically and laterally. An upward V-tail and a downward V-tail are identical in this model. 


14-5 Weights 


The empennage group consists of the horizontal tail, vertical tail, and tail-rotor. The tail plane 
weight consists of the basic structure and fold structure. The tail weight (empennage group) model 
depends on the configuration: helicopters and compounds, or tiltrotors and tiltwings. Separate weight 
models are available for horizontal and vertical tails. 


The AFDD tail weight model depends on the design dive speed at sea level (input or calculated). 
The calculated dive speed is Vaive = 1-25Vnax, from the maximum speed at the design gross weight and 
sea level standard conditions. 


14-6 References 


1) Raymer, D.P. Aircraft Design: A Conceptual Approach. Fourth Edition. Reston, Virginia: American 
Institute of Aeronautics and Astronautics, 2006. 


2) Purser, P.E., and Campbell, J.P. “Experimental Verification of a Simplified Vee-Tail Theory and 
Analysis of Available Data on Complete Models with Vee Tails’ NACA Report 823, 1945. 
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Chapter 15 


Propulsion System 


The aircraft propulsion system can be constructed from a number of components: propulsion 
groups, engine groups, jet groups, charge groups, and fuel tank systems. Figure 15-1 illustrates the 
configuration possibilities. 


The aircraft can have one or more propulsion groups, or none. Each propulsion group is a set of 
components (rotors) and engine groups, connected by a drive system. The components define the power 
required, and the engine groups define the power available. There are one or more drive states, with a 
set of gear ratios for each state. The power required equals the sum of component power, transmission 
losses, and accessory losses. 


An engine group consists of one or more engines of a specific type. An engine group transfers 
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine 
model is defined. The engine model describes a particular engine, used in one or more engine groups. 
The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction drive), 
reciprocating engines, compressors, electric motors (perhaps with fuel cells), electric generators, and 
generator-motors. 


The aircraft can have one or more jet groups, or none. A jet group produces a force on the aircraft. 
A jet model describes a particular jet, used in one or more jet groups. The models include turbojet and 
turbofan engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction 
drive supplies a blade force that provides the rotor power required. 


The aircraft can have one or more charge groups, or none. A charge group generates energy for the 
aircraft. A charge model describes a particular charger, used in one or more charge groups. The models 
include fuel cells and solar cells. 


There are one or more fuel tank systems for the aircraft. Fuel tank systems are associated with 
the engine groups, jet groups, and charge groups. Fuel quantity is measured as either weight or energy. 
Fuels considered include jet fuel, gasoline, diesel, and hydrogen. Storage systems considered include 
batteries, capacitors, and flywheels. 


15-1 Referred Performance 


Referred performance parameters are used for propulsion system components that operate with air. 
The operating condition and atmosphere give the standard conditions (temperature T,,q and pressure 
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure po); 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The performance 
characteristics depend on the temperature ratio 6 = T’/Tp and pressure ratio 6 = p/po. The flight Mach 
number M = V/c, = V/ cso V0 is obtained from the aircraft speed V. 
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Figure 15-1. Propulsion system components. 


The referred or corrected performance parameters are: 


P w 
ower —_—_— fuel flow — 
L 6V0 V0 
m F 
mass flow — force — 
6/V0 ) 
P/rn N 
specific power — rotational speed —— 
p p n) p Vo 


where P is power, rn is mass flow, w is fuel flow, F is a force, and N is a rotational speed. The 
performance at sea-level-standard static conditions is indicated by subscript 0. 
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15-2 Engine Ratings 


Engine performance depends on the engine rating. Each engine rating has specific operating 
limitations, most importantly an operating time limit intended to avoid damage to the engine. 


The power available from a turboshaft engine depends on the engine rating. Typical engine ratings 
are given in table 15-1. Engine power is generally specified in terms of sea level standard (SLS) static 
MCP. Takeoff typically uses MRP. CRP or ERP is restricted to use in one-engine inoperative (OEI) 
emergencies. 


Table 15-1. Typical turboshaft engine ratings. 


rating description time limit 
MCP maximum continuous power oe) 

IRP intermediate rated power 30 min 
MRP maximum rated power 10 min 
CRP contingency rated power 2.5 min 
ERP emergency rated power 1.0 min 


The thrust available from a turbojet or turbofan engine depends on the engine rating. Typical engine 
ratings are given in table 15-2. 


Table 15-2. Typical jet engine ratings. 


rating description time limit 
MCT maximum continuous thrust oe) 
MTO maximum takeoff thrust 5 min 


15-3 Efficiency from Equivalent Circuit 


The efficiency of an electrical device can be expressed in terms of its power by considering an 
equivalent circuit, defined by internal resistance R and current Jp. The total voltage is V, = V+ IR and 
the total current is /,, = I + Ip. Then the useful power is 


P=VI= (Vz ere IR)I = Vale a Pe = Vx To a Protal = Pross 


and the efficiency is 
ae cee P a P 
= Protal i P+ Poss 7 P+ P?R/V?4+ Po 


In terms of a reference power, let 


Then 


1 P (1 Pret 
~=14 P(R/V?)+ Py/P=1+4+ 1) ae 
1) Pret Nref ye 


So 7 = (1/mep + c)~ + at P = Pog. The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. 
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15-4 Control and Loads 


Geometry and control are defined for engine groups, jet groups, and charge groups. The group 
amplitude A and mode B are control variables: 
A= Ao es TACAcC 
B=Bo+Tpcac 


with Ap and Bo zero, constant, or a function of flight speed (piecewise linear input). The amplitude can 
be power (engine group), thrust (jet group), or power (charge group). The mode can be mass flow (for 
convertible engines), or power flow (for generator-motor). 


The group orientation is specified by selecting a nominal direction eso in body axes (positive or 
negative x-, y-, or z-axis; usually thrust forward, hence positive x-axis); then applying a yaw angle 7; 
and then an incidence or tilt angle i (table 15-3). The yaw and incidence angles can be connected to the 
aircraft controls c4c: 

w= v0 +Tycac 

t=i9 + Ticac 
with wo and zo zero, constant, or a function of flight speed (piecewise linear input). Hence the incidence 
and yaw angles can be fixed orientation or can be control variables. Optionally the lateral position of 
the group can be set equal to that of a designated rotor (useful for tiltrotors when the rotor hub lateral 
position is calculated from the clearance or wing geometry). 


The group produces a force T’, acting in the direction of the group; and a drag D, acting in the wind 
direction. The group is at location z*. The force and moment acting on the aircraft in body axes are 
thus: 

FF =e;T + eqD 

MF = AzF FF 
where Az’ = 2‘ — z¥, ey is the force direction, and e, is the drag direction. The velocity relative to the 
air gives eg = —v" /\v"| (no interference). The group axes are C?* = U;V,,, where U and V depend on 
the nominal direction, as described in table 15-3. The force direction is ef = C’e fo. 


For a tiltrotor aircraft, one of the aircraft controls is the nacelle angle, with the convention ai, = 0 
for cruise and ay, = 90 deg for helicopter mode. The incidence angle is then connected to ay, by 
defining the matrix T; appropriately. If the nominal direction is defined for airplane mode (+<), then 
i = ati Should be used; if the nominal direction is defined for helicopter mode (—z), then i = ay; — 90 
should be used. 


Table 15-3. Group orientation. 


nominal (F axes) €F0 incidence, + for force yaw, + for force OFF =U; Vy 
x forward i up right YiZy 

—2 aft i up right Bae aan 

y right j aft up ZiX— 

-y left -j aft up ZiXy 

z down k aft right Y_{X_y 


—Zz up —k aft right Y;Xy 
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15-5 Nacelle Drag 


An aerodynamic model is defined for engine groups, jet groups, and charge groups. The group 
includes a nacelle, which contributes to the aircraft drag. The component drag contributions must be 
consistent. The pylon is the rotor support and the nacelle is the engine support. The drag model for a 
tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), since the pylon is 
connected to the rotor shaft axes; with non-tilting engines it would use the nacelle drag as well. 


The nacelle drag acts at the group location z’. The nacelle axes are the group axes, hence C2” 
is calculated as described previously (see table 15-1). For the nominal direction forward (+«-axis), the 
nacelle z-axis is downward and the x-axis is forward; zero incidence angle corresponds to zero angle of 
attack; and 90 deg incidence angle corresponds to 90 deg angle of attack (vertical drag). The velocity, 
angle of attack, and dynamic pressure are calculated at the nacelle (without interference). The reference 
area for the nacelle drag coefficient is the nacelle wetted area. The wetted area is input, or calculated 
from the weight w: 

Swot = k(w/N)*” 
where N is the number of engines, jets, or chargers; and the units of k are ft?/Ib?/? or m?/kg?/°. The 
reference area is then Syac = NSwet. The nacelle area is included in the aircraft wetted area if the drag 
coefficient is nonzero. The drag area or drag coefficient is defined for forward flight and for vertical 
flight. The drag coefficient at angle of attack a: is 


Cp = Cpo + (Cpv — Cpo)|sina|*4 


typically using Xq = 2. In sideward flight, Cp = Cpo is used. The nacelle drag is Dnac = ¢SnacCp- 
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Chapter 16 
Fuel Tank 


The fuel quantity stored and burned can be measured in weight or energy. Each component (engine 
group, jet group, charge group, or equipment) that uses or generates fuel is associated with a fuel tank 
system of the appropriate type. The unit of fuel energy is Mega-Joules (MJ). For reference, 1 British 
Thermal Unit (BTU) = 1055.056 Joule and 1 kW-hr = 3.6 MJ. 


16-1 Fuel Tank System Store and Burn Weight 


For fuel use measured by weight, the fuel properties are density pric) (weight per volume, lb/gal or 
kg/liter) and specific energy egic) (MJ/kg). Table 16-1 gives the properties of a number of aviation fuels, 
based on military and industry specifications (refs. 1-3). Fuels considered include jet fuel, gasoline, 
diesel, and hydrogen. From the fuel weight W;,.1, the energy is Efue) = Ctuet Weer (MJ) and the volume 
iS Viner = Weuet/Ptuei (gallons or liters). A motive device has a fuel flow w (b/hour or kg/hour), and its 
specific fuel consumption is sfc = w/P or sfc = w/T. 


16-1.1 Fuel Capacity 


The fuel tank capacity Wruci-cap (maximum usable fuel weight) is determined from designated 
sizing missions. The maximum mission fuel required, Wuci_miss (excluding reserves and any fuel in 
auxiliary tanks), gives 


Weucl—cap =, max( frie —cap Wtucl—mises Weuel—miss ab Wyaderve) 


or 
Weuel—cap = dtucl—cap + fecal seap WV tial aiiss Se Wyreserve) 


where ffuci-cap > 1 is an input factor. Alternatively, the fuel tank capacity Wruei—cap can be input. The 
corresponding volumetric fuel tank capacity is Viuel-cap = Weuel—cap / Pfuel + 


For missions that are not used to size the fuel tank, the fuel weight may be fallout, or the fuel weight 
may be specified (with or without auxiliary tanks). The fuel weight for a flight condition or the start of 
a mission can be specified as an increment d, plus a fraction f of the fuel tank capacity, plus auxiliary 
tanks: 

Wruet = min(dfuei + fruetWeuel—cap, Wiuel—cap) + oe Nauxtank Waux—cap 


where Waux—cap is the capacity of each auxiliary fuel tank. The fuel capacity of the wing can be estimated 
from 
Weuel—wing = Pfuel yA fctotwow 


where cy is the torque box chord, ¢,,, the wing thickness, and b,, the wing span; and f is the input fraction 
of the wing torque box that is filled by primary fuel tanks, for each wing. This calculation is performed 
in order to judge whether fuel tanks outside the wing are needed. 
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LE Weuel = Weuel—max 
for designated auxiliary tank 
Nauxtank = Nauxtank +n 
if fixed total weight: AWie = —nfauxtank Waux—cap 
AW eucl—max = NWaux—cap 
repeat if Wreuel > Weuel—max 
if fixed total weight and Whe < Wiel-max — ™Waux—cap 


Nauxtank = Nauxtank Nn 
AW tucl—max 3 —NW aux—cap 
Weuel me Weuel—max (capped ) 
else if Weuel < Weuel—max 

for designated auxiliary tank (then for last nonzero WNauxtank) 
Nauxtank = Nauxtank —n 
if fixed total weight: AWiuel = N fauxtank Waux—cap 
AW tucl—max = —nWaux—cap 
repeat TE Wrei < Weuci-max 

undo last increment 
Nauxtank = Nauxtank +n 
if fixed total weight: AWruel = —N fauxtank Waux—cap 
AWiyuel—max = NWaux—cap 


Figure 16-1. Outline of Nauxtank calculation. 


16-1.2 Fuel Reserves 


Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be 
defined in terms of specific mission segments, for example 200 miles plus 20 minutes at V,.. Fuel 
reserves can be an input fraction of the fuel burned by all (except reserve) mission segments, sO Weyel = 
(1+ fres)Wiuel—miss- Fuel reserves can be an input fraction of the fuel capacity, so Winer = Wmiss—seg + 
fresWiuel—cap- If more than one criterion for reserve fuel is specified, the maximum reserve is used. 


16-13 Auxiliary Fuel Tank 


Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank, 
Waux—cap» 1S an input parameter. The number of auxiliary fuel tanks on the aircraft, Nauxtank for each 
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not 
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined 
from the mission fuel. 


Figure 16-1 describes the process for determining Nauxtank from the required fuel weight Weue1 
and the aircraft maximum fuel capacity Wruei-max = Wruel—cap + >> Nauxtank Waux—cap- The fuel weight 
adjustment AWy<1 is made if fuel weight is fallout from fixed gross weight and payload, accounting 
for the operating weight update when Nauxtank Changes. If the auxiliary tank weight is greater than 
the increment in fuel weight needed, then the fallout fuel weight Wier = Wa — Wo — Way can not be 
achieved; in such a case, the fuel weight is capped at the maximum fuel capacity and the payload weight 
adjusted instead. The tanks changed can be the first size, the first size already used, or a designated size. 
The tanks can be added or dropped in groups of n (n = 2 for pairs). 
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The weight and drag of Nauxtank tanks are included in the performance calculation. Optionally the 
number of auxiliary tanks required can be calculated at the beginning of designated mission segments 
(based on the aircraft fuel weight at that point), and tanks dropped if no longer needed. The weight of the 
auxiliary fuel tanks is an input fraction of the tank capacity: Wauxtank = >> fauxtankNVauxtank Waux—cap+ 


16-1.4 Auxiliary Fuel Tank Drag 


The auxiliary fuel tanks are located at position z”’. The drag area for one auxiliary tank is specified, 
(D/q)auxtank: The velocity relative to the air gives the drag direction eg = —v*/|v"| and dynamic 
pressure g = 1/:p|v" |? (no interference). Then 


FF = €dqd Nauxtank(D/@)auxtank 
is the total drag force, calculated for each auxiliary tank size. 
16-1.5 Weights 


The fuel system consists of the tanks (including support) and the plumbing. For the fractional 
model, the fuel tank weight is Wtank = Xtank Stank Weuel—cap+ 


The weight of the auxiliary fuel tanks is part of the fixed useful load; it is an input fraction of the 
tank capacity: Wauxtank = ae fauxtank Nauxtank Waux—cap . 


The AFDD weight model for the plumbing requires the fuel flow rate (for all engines), calculated 
for the takeoff rating and conditions. 


16-2 Fuel Tank System Store and Burn Energy 


For fuel use and storage measured by energy, there is no weight change as energy is used. The 
energy storage (tank) is characterized by specific energy etank (MJ/kg) and energy density prank (MJ/liter). 
Table 16-2 gives the properties of a number of systems. The tank weight and volume are obtained from 
the fuel energy Efuci—cap (MJ). The fuel weight Wi. is zero. A motive device has an energy flow E 
(MjJ/hr), and its specific fuel consumption is sfe = F/P (inverse of efficiency). An equivalent fuel flow 
iS Weg = E/ €ret, based on the specific energy eyes (MJ/kg) of the first fuel tank that burns weight (or 
GP-4, erep = 42.8 MJ/kg). The corresponding equivalent specific fuel consumption is sfceg = Weq/P. 
The specific power 18 tank (kW/kg). 


Storage systems considered include batteries, capacitors, and flywheels. A battery (or capacitor) 
stores charge (A-hr), so the capacity is expressed as energy for a nominal voltage. Variation of the voltage 
with operation affects the efficiency of the relation between useful power and the rate of change of the 
energy stored. Each fuel tank system that stores and burns energy has a battery model for computation 
of the charge/discharge efficiency. The components associated with a fuel tank system define the total 
energy flow E.omp (charge or discharge). Accounting for battery capacity, efficiency, and losses gives 
the effective energy flow Bi ies 


16-2.1 Fuel Capacity 


The fuel tank capacity Efucicap (Maximum usable fuel energy) is determined from designated 
sizing missions. The maximum mission fuel required, F'gici—miss (excluding reserves and any fuel in 
auxiliary tanks), gives 


Esuel—cap ace MAX crcl Gayl tael—ralaes Etuel—miss + Eveserve) 
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if Etuel > Efuel—max 
for designated auxiliary tank 
Nauxtank = Nauxtank +” 
A Efuel—max _ NE aux—cap 
repeat if Etuel > Etuel—max 
else if Etue < Efuel—max 
for designated auxiliary tank 
(then for last nonzero Noauxtank) 


Nauxtank aa Nauxtank nN 

A Etuel—max aad —NEaux—cap 

repeat Te Etuel < Efuel—max 
undo last increment 


Nauxtank = Nauxtank +n 
A Etuel—max = NE aux—cap 


Figure 16-2. Outline of Nauxtank calculation. 


or 


Etuel—cap = dfucl—cap + Faclcap UE tie Sacies + Eveserve) 


where ffuci-cap => 1 iS an input factor. Alternatively, the fuel tank capacity Epueicap can be in- 
put. The corresponding fuel tank weight is Wiank = Xtank/fuel—cap/Ctank (Ib or kg) and the fuel 
tank volume is Viank = Efuet—cap/Ptank (gallons or liters). The corresponding power capacity is 
Peoap = (Tank/ tank) Efuel—cap (KW and MJ). Optionally the maximum mission battery discharge power 
gives Peap, from which Efuei—cap = Max(LEfuel—cap; (Ctank/Mtank)Peap) (MJ from kW). 


For missions that are not used to size the fuel tank, the fuel energy may be fallout, or the fuel energy 
may be specified (with or without auxiliary tanks). The fuel energy for a flight condition or the start of 
a mission can be specified as an increment d, plus a fraction f of the fuel tank capacity, plus auxiliary 
tanks: 

Ere: = min(dgue1 + fue! Htuel—cap) Etuel—cap) + S- Nauxtank Haux—cap 


where Faux—cap 1S the capacity of each auxiliary fuel tank. 


16-2.2 Fuel Reserves 


Mission fuel reserves can be specified in several ways for each mission. Fuel reserves can be defined 
in terms of specific mission segments, for example 200 miles plus 20 minutes at V,.. Fuel reserves can be 
an input fraction of the fuel burned by all (except reserve) mission segments, sO Eyer = (1+ fres) Htuel—miss- 
Fuel reserves can be an input fraction of the fuel capacity, so Efuct = Emiss—seg + fresEfuel—cap- If more 
than one criterion for reserve fuel is specified, the maximum reserve is used. 


16-23 Auxiliary Fuel Tank 


Auxiliary fuel tanks are defined in one or more sizes. The capacity of each auxiliary fuel tank, 
Eaux—cap, 1S an input parameter. The number of auxiliary fuel tanks on the aircraft, Nauxtank for each 
size, can be specified for the flight condition or mission segment. Alternatively (if the mission is not 
used to size the fuel tank), the number of auxiliary fuel tanks at the start of the mission can be determined 
from the mission fuel. 
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Figure 16-2 describes the process for determining Nauxtank from the required fuel energy E',.1 and 
the aircraft maximum fuel capacity Efuci-max = Efuel—cap + >> NauxtankEaux—cap- The tanks changed 
can be the first size, the first size already used, or a designated size. The tanks can be added or dropped 
in groups of n (n = 2 for pairs). 


The drag of Nauxtank tanks is included in the performance calculation. Optionally the number of 
auxiliary tanks required can be calculated at the beginning of designated mission segments (based on the 
aircraft fuel energy at that point), and tanks dropped if no longer needed. The weight of the auxiliary fuel 
tanks is obtained from eauxtank (MJ/kg) and the tank capacity: Wauxtank = >> NauxtankLaux—cap /€auxtank: 


16-2.4 Weights 


The fuel system consists of the tanks (including support) and the plumbing. The plumbing weight 
here means the power distribution (wiring). The fuel tank weight is Efuci—cap/€tank + Wams (lb or kg) 
and the fuel tank volume is Veuel-cap = Efuel—cap/Ptank (gallons or liters). The battery management 
system (BMS) weight is a fraction of the basic tank weight: Waars = fams(Etuci—cap/etank). The 
wiring weight is a fraction of the basic tank weight: fwire(Efueci—cap/Ctank). Alternatively, the wiring 
weight can be input as part of the electrical group weight. 


The weight of the auxiliary fuel tanks is part of the fixed useful load; it is obtained from eauxtank 
(MJ/kg) and the tank capacity: Wauxtank = > Nauxtank Haux—cap/Cauxtank+ 


16-3 Equipment Power 


Systems that supply equipment power can directly use fuel. Equipment power (similar to drive 
train accessory losses) is calculated as the sum of an input constant; terms that scale with air density and 
temperature; a term that scales aircraft weight; deice power loss (if deice system is on); and an increment 
specified for each flight state: 


Pog = Pogo + Peqat + Pegt? + Pequ + Pegi + dPoq 


where o = p/po is the density ratio and 0 = T’/Tp is the temperature ratio. The power scaling with aircraft 
weight is Poqu = KegWitito (where Wyrro is the maximum takeoff gross weight). The fuel flow or 
energy flow is then obtained from an input specific fuel consumption: tig = (sfc) Pag OF Eeq = (sfc) Pag: 
The energy sfc is the inverse of an efficiency: sfc=3.6/7 for energy flow in MJ/hr and power in kW. 


16-4 References 


1) Department of Defense Military Specification. “Glossary of Definitions, Ground Rules, and Mission 
Profiles to Define Air Vehicle Performance Capability.’ MIL-STD-3013A, September 2008. 


2) Department of Defense Detail Specification. “Turbine Fuel, Aviation, Grades JP-4 and JP-5.’? MIL- 
DTL-5624U, September 1998. 


3) Department of Defense Detail Specification. “Turbine Fuel, Aviation, Kerosene Type, JP-8 (NATO 
F-34), NATO F-35, and JP-8+100 (NATO F-37).” MIL-DTL-83133H, October 2011. 
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Table 16-1. Fuel properties. 


fuel specification density specific energy energy dens. 
Ib/gal = kg/L MJ/kg BTU/Ib |b/hp-hr = MJ/L 


gasoline MIL-STD-3013A 6.0* 0.719 43.50 18700* 0.136 31.3 


diesel 70 0.839 43.03 18500 0.138 36.1 
6.84— 0.820- 43.0 18487 0.138 35.8 
7.05 0.845 


Jet A/A-1 MIL-STD-3013A 6.7* 0.803 42.80 18400* 0.138 34.4 
6.84/  0.820/ 42.8 18401 0.138 34.8 


6.71 0.804 
JP-4 6.5 0.779 42.80 18400 0.138 33.3 
MIL-DTL-5624U)—s-6.23—)——-0.751*— = 42.8* ~—- 18401 0.138 32.2 
6.69 0.802* 
JP-5 MIL-STD-3013A 6.6* 0.791 42.57  18300* 0.139 33.7 


alternate design 6.8* 0.815 42.91 18450* 0.138 35.0 
MIL-DTL-5624U)s- 6.58——-0.788*— - 42.6* = 18315 = 0.139 34.8 
705 0.845* 

JP-8 MIL-STD-3013A 6.5* 0.779 42.80 18400* 0.138 333 
alternate design 6.8* 0.815 43.19  18570* 0.137 35.2 
MIL-DTL-83133H 645-— 0.775*— 42.8* 18401 0.138 34.6 


701 0.840* 
LPG (methane) 3.75 0.45 50. 21496 0.118 111. 
hydrogen (700 bar) 0.328 0.03930 120. 51591 0.0493 4.72 
high heating value 0.328 0.03930 140. 60190 0.0423 5.50 
hydrogen (liquid) 0.592 0.07099 120. 51591 0.0493 8.52 


*specification value 


Table 16-2. Energy storage properties. 


tank specific energy tank energy density efficiency power 
MJ/kg kW-hr/kg = MJ/L kW-hr/m? kW/kg 
lead-acid battery 0.11-0.14 0.03-0.04 0.22-0.27 60-75 70-90% 0.18 
nickel-cadmium battery 0.14-0.20 0.04-0.06 0.18-0.54 50-150 70-90% 0.15 
lithium-ion — state-of-art 0.54-0.90 0.15-0.25  0.90-1.30 250-360 ~99% 1.80 
+5 years 1.26 0.35 1.80 500 
+15 years 2.34 0.65 2.25 625 
ultracapacitor 0.01-0.11 0.004-0.03 0.02-0.16 6-45 1.00 
flywheel steel 0.11 0.03 ~90% 


graphite 0.90 0.25 


Chapter 17 


Propulsion Group 


The propulsion group is a set of components and engine groups, connected by a drive system. The 
engine model describes a particular engine, used in one or more engine group. The components (rotors) 
define the power required. The engine groups define the power available. Figure 17-1 illustrates the 
power flow. 


17-1 Drive System 


The drive system defines gear ratios for all the components it connects. The gear ratio is the ratio 
of the component rotational speed to that of the primary rotor. There is one primary rotor per propulsion 
group (for which the reference tip speed is specified); other components are dependent (for which a gear 
ratio is specified). There can be more than one drive system state, in order to model a multiple-speed or 
variable-speed transmission. Each drive system state corresponds to a set of gear ratios. 


For the primary rotor, a reference tip speed Viip—rer iS defined for each drive system state. By 
convention, the “hover tip speed” refers to the reference tip speed for drive state #1. If the sizing 
task changes the hover tip speed, then the ratios of the reference tip speeds at different engine states 
are kept constant. By convention, the gear ratio of the primary rotor is r = 1. For dependent rotors, 
either the gear ratio is specified (for each drive system state) or a tip speed is specified and the gear 
ratio is calculated (r = Qaep/OQprim, 2 = Viip-rer/R). For the engine group, either the gear ratio is 
specified (for each drive system state) or the gear ratio is calculated from the specification engine 
turbine speed Qspec = (27/60)Nspec and the reference tip speed of the primary rotor (r = Ospec/Qprim, 
Qprim = Viip-ret/R). The latter option means the specification engine turbine speed N.pcc corresponds 
to Viip—ret for all drive system states. To determine the gear ratios, the reference tip speed and radius are 
used, corresponding to hover. 


The flight state specifies the tip speed of the primary rotor and the drive system state, for each 
propulsion group. The drive system state defines the gear ratio for dependent rotors and the engine 
groups. From the rotor radius, the rotational speed of the primary rotor is obtained (Oprim = Viip/R); 
from the gear ratios, the rotational speed of dependent rotors (Qaep = TrOQprim) and the engine groups 
(N = (60/27) rengQprim) are obtained; and from the rotor radius, the tip speed of the dependent rotor 
(Viip = QaepR) is obtained. The flight state specification of the tip speed can be an input value, the 
reference tip speed, a function of flight speed or a conversion schedule, or one of several default values. 
These relationships between tip speed and rotational speed use the actual radius of the rotors in the flight 
state, which for a variable-diameter rotor may not be the same as the reference, hover radius. 


A designated drive system state can have a variable speed (variable gear ratio) transmission, by 
introducing a factor f,ear on the gear ratio when the speeds of the dependent rotors and engines are 
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Figure 17-1. Power flow. 
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evaluated. The factor fear is a component control, which can be connected to an aircraft control and 
thus set for each flight state. 


An optional conversion schedule is defined in terms of two speeds: hover and helicopter mode for 
speeds below Vonover, cruise mode for speeds above Vocruise, and conversion mode for speeds between 
Vonover ANd Vecruise. The tip speed is Viip—hover in helicopter and conversion mode, and Viip—cruise IN 
airplane mode. Drive system states are defined for helicopter, cruise, and conversion mode flight. The 
flight state specifies the nacelle tilt angle, tip speeds, control state, and drive system state, including the 
option to obtain any or all of these quantities from the conversion schedule. 


Several default values of the tip speed are defined for use by the flight state, including cruise, 
maneuver, one-engine inoperative, drive system limit conditions, and a function of flight speed (piecewise 
linear input). Optionally these default values can be input as a fraction of the hover tip speed. Optionally 
the tip speed can be calculated from p = V/Viip, 80 Viip = V/p; or from May = Mtip\/(1 + bs)? + 2, So 
Viip = /(esMai)2 — V2 — V. Optionally the tip speed can be the minimum of the input value or that for 
Mat- 


The sizing task might change the hover tip speed (reference tip speed for drive system state #1), 
the reference tip speed of a dependent rotor, a rotor radius, or the specification engine turbine speed 
Nspec- In such cases the gear ratios and other parameters are recalculated. Note that it is not consistent 
to change the reference tip speed of a dependent rotor if the gear ratio is a fixed input. 


An increment on the primary rotor rotational speed (or primary engine group, if there are no rotors) 
is a control variable of the propulsion group. 


17-2 Power Required 


The component power required P.omp is evaluated for a specified flight condition, as the sum of 
the power required by all the components of the propulsion group. The total power required for the 
propulsion group is obtained by adding the transmission losses and accessory power: 


PreqPG = Poomp Pymsn Sr Pace 


The transmission losses are calculated as an input fraction ¢x:sn of the component power, plus windage 
loss: 
Pe an = Last rasa E orap| a Pwindage (Or tena Soret) 


The factor frmsn can equal 1, or can include a function of the drive shaft limit (increasing the losses at 
low power): 


$Pximit Q<; 
fmsn|Peomp| = (f-4 i Peers | ; <Q< 1 
|Peop| 1l< Q 


where Q = |Peomp|/Pxiimits Pxiimit = TPpsiimit, and r = N/Noepec = Qprim/Qret- Accessory losses are 
calculated as the sum of an input constant; terms that scale with air density and rotor speed; a fraction 
of power required (such as environmental control unit (ECU) losses); infared suppressor fan loss (if IRS 
system is on); deice power loss (if deice system is on); and an increment specified for each flight state: 


I ae = f£acc0O + PaccdT ae P gen (Qorinl et) + tel \P compl a Panis) ole Ctrtan? Neng Peng ae Prcci ai dPace 


where o = p/ po is the density ratio. 
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The power required for the propulsion group must be distributed to the engine groups. With only one 
engine group, Preqac = Preqpq. Anengine group power can be fixed at Pregag = (Neng—Ninop) A, where 
A is the input power amplitude; or fraction A of engine power available, PeqaG = (Neng — Ninop) APav} 
or fraction A of engine rated power PregaG = (Neng — Ninop)APeng. The power required for the remaining 
(perhaps all) engine groups is distributed proportional to the engine rated power: 


(Neng Eat Ninop) Peng 
PreqEG = PreqPG — PreqEG 
; \ : a . ) ested (Neng a Ninop)Peng 


omitting engine groups that do not supply shaft power. If the sum of the fixed P,.gmq exceeds the 
propulsion group power required, or if the power is fixed for all engine groups, then each is scaled by 
the ratio PregPG/ dcfixea PreqeG- The fuel flow of the propulsion group is obtained from the sum over 
the engine groupS: tireqrpG = >> WreqEG: 


17-3 Geometry 


The length of the drive system @pg can be input or calculated. The calculated length is the sum 
of the longitudinal, lateral, and vertical distances from the primary rotor hub to the other hub locations, 
for all rotors in the propulsion group: ps = f >>(|Az| + |Ay| + |Az|), where f is an input factor. 
Alternatively, the drive system length can be scaled with the radius of the primary rotor: ps = fR. 


17-4 Drive System limit 


The drive system limit is defined as a power limit, Posiimit. The limit is properly a torque limit, 
Qosiimit = Ppsimit/Qrer, but is expressed as a power limit for clarity. The drive system limit can be 
specified as follows (with fiimit an input factor): 


a) Input Ppsiimit- 

b) From the engine takeoff power limit, Pp siimit = fiimit >> Neng Peng (Summed over 
all engine groups). 

c) From the power available at the transmission sizing conditions and missions, 
Ppsimit = fiimit(Qret/Oprim) >> NengPav (largest of all conditions and segments). 
d) From the power required at the transmission sizing conditions and missions, 
Ppsiimit = fiimit (Qret/OQprim) >> NengPreq (largest of all conditions and segments). 


The drive system limit is a limit on the entire propulsion system. To account for differences in the 
distribution of power through the drive system, limits are also used for the torque of each rotor shaft 
(Prsimit) and of each engine group (Prsimit). The engine shaft limit is calculated as for the drive system 
limit, without the sum over engine groups. The rotor shaft limit is either input or calculated from the 
rotor power required at the transmission sizing flight conditions. The power limit is associated with a 
reference rotational speed, and when applied the limit is scaled with the rotational speed of the flight 
state. The rotation speed for the drive system limit Ppsjimit is the hover speed of the primary rotor of 
the propulsion group (for the first drive state). The rotation speed for the engine shaft limit Prgiimit 
is the corresponding engine turbine speed. The rotation speed for the rotor shaft limit Prsjimit is the 
corresponding speed of that rotor. 


The drive system limits can be specified for several levels, analogous to engine ratings. Typically 
higher torque limits are associated with short duration operation. For each drive system rating, a torque 
factor x is specified. Then from the rating for a flight condition or mission segment, the torque limit is 
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LQiimit, With Qiimit Obtained from Ppsiimit. The torque factor x is used for engine shaft limits and rotor 
shaft limits as well. Optionally the drive system rating can be scheduled with flight speed. 


17-5 Weights 


The drive system consists of gear boxes and rotor shafts, drive shafts, rotor brakes, clutches, and 
gas drive. The drive system weight depends on the rotor and engine rotational speeds, evaluated for 
the propulsion group primary rotor and a specified engine group, at a specified drive system state (gear 
ratio). 


The AFDD drive system weight model depends on fg, the second (main or tail) rotor rated torque 
as a fraction of the total drive system rated torque; and on fp, the second (main or tail) rotor rated power 
as a fraction of the total drive system rated power. These parameters are related by the rotational speeds 
of the two rotors: fp = faQother/Qmain. Typically fp = fg = 0.6 for twin rotors (tandem, coaxial, and 
tiltrotor configurations). For the single-main-rotor and tail-rotor configuration, typically fg = 0.03 and 
fp = 0.15 (0.18 with a two-bladed teetering main-rotor). 
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Chapter 18 


Engine Group 


The engine group consists of one or more engines of a specific type. An engine group transfers 
power by shaft torque, so it is associated with a propulsion group. For each engine type an engine model 
is defined. The engine model describes a particular engine, used in one or more engine groups. 


The models include turboshaft engines (perhaps convertible, for turbojet operation or reaction 
drive), reciprocating engines, compressors, electric motors (perhaps with fuel cells), electric generators, 
and generator-motors. 


18-1 Engine Group Performance 


The engine size is described by the power Peng, which is the sea-level static power available per 
engine at a specified takeoff rating. The number of engines Neng is specified for each engine group. 


If the sizing task determines the engine power for a propulsion group, the power P.ng of at least one 
engine group is found (including the first engine group). The total power required is Peg = r > Neng Peng, 
where r = max(PreqpG/Pavpa). The sized power is Psizea = Ppa — dogxeq NengPeng- Then the sized 
engine power iS Peng = fnPsizea/Neng for the n-th engine group (with f; = 0, pied fn for the first 
group). If an engine group does not consume power (compressor or generator) or does not contribute to 
shaft power (converted), the size is scaled with r = max(PreqgaG/ Pave): 


The propulsion group power available is obtained from the sum over the engine groups: Paypc = 
> PwEG . 


The propulsion group component power P.omp includes compressor power, generator power re- 
quired, and generator-motor power when it is producing energy. 


The flight condition information includes the altitude, temperature, flight speed, and primary rotor 
speed; a power fraction fp; and the states of the engine, drive system, and infrared suppressor (IRS). The 
engine turbine speed is N = (60/27) rengQprim, Where OQprim is the current rotor speed and reng is the gear 
ratio (depending on the drive system state, including a factor fear for a variable speed transmisson). 
If the reference primary rotor speed (.,,im corresponds to the specification turbine speed Nepec, then 
Teng = Qspec/OQprim} alternatively, the engine gear ratio can be a fixed input. 


The drive system limit at the flight condition is rzPpstmit, Where r = Oprim/OQret and z is the rating 
factor. Optionally this limit is applied to the propulsion group power: Pav ec = min(Paveg,rxPpsiimit)- 
Similarly the engine shaft limit at the flight condition is optionally applied to the engine group power: 


Pwee = min(Pavea, rePgsimit)- 
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18-2 Turboshaft Engine 


Turboshaft engine performance is obtained from the Referred Parameter Turboshaft Engine Model 
(RPTEM). 


18-2.1 Power Available 


Given the flight condition and engine rating, the power available P, is calculated from the specific 
power SP, = P,/rn,g and mass flow ring: 


Pa 
= a SPogsp(9, M, n) 
Ma . 
= Mogm(0, M,n 
5/V6 09m( ) 
Pa 
5V6 _ Pogp(9,.M, n) 


as functions of temperature ratio 9 = T’/Ty, Mach number M, and referred engine turbine speed n = 


N/V0. 


In the engine model, installation losses P,,,, are subtracted from P, (Pav = Pa — Poss), and then the 
mechanical limit is applied: P,, = min(Pav,rPmechr), 7 = N/Nspec. The mechanical limit is properly a 
torque limit, Qmech = Pmech/Nspec, but is expressed as a power limit for clarity. 


The engine model gives the performance of a single engine. The power available of the engine 
group is obtained by multiplying the single engine power by the number of engines operational (total 
number of engines less inoperable engines): 


PavEG a fp(Neng 7 Ninop) Pav 
including a specified power fraction fp. 


18-2.2 Performance at Power Required 


The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified 
power required P, and flight condition: 


Mreq 


=m m ,0,M,n 
ayyo > moes (q ) 


Wreq 


= Wocgw(q,9,M,n 
5g w0e9 (q ) 


F 
=e = cg f(g, 9,.M, n) 


as functions of ¢ = P,/(PocdV@), temperature ratio 6 = T/T), Mach number M, and referred engine 
turbine speed n = N/ (NepecV8). 


The engine model deals with a single engine. The power required of a single engine is obtained 
by dividing the engine group power by the number of engines operational (total number of engines less 
inoperable engines): 

Preg = Preghcl | Neae—Minep) 


In the engine model, installation losses Pioss are added to Preg? Py = Preq + Piss: 
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The engine model gives the performance of a single engine. The performance of the engine group 
is obtained by multiplying the single engine characteristics by the number of engines operational (total 
number of engines less inoperable engines): 


MreqEG = (Neng Ninop) req 

WreqEG = (Neng = Ninop)WreqK f fa 
Frag = (Neng — Ninop) F'n 

Digna. = (Neae= Nites) Dauk 


The fuel flow has also been multiplied by a factor Ky;q accounting for deterioration of the engine 
efficiency. 


18-2.3 Installation 


The difference between installed and uninstalled power is the inlet and exhaust losses Pioss: Pav = 
Pa — Pross and Preg = Py — Pioss. The inlet ram recovery efficiency nq is included in the engine model 
calculations. The inlet and exhaust losses are modeled as fractions of power available or power required: 
Poss = (lin + Cex) Pa OF Poss = (lin + Cex) Py. The installed gross jet thrust is Fg = Kyg-F,, where K gr 
accounts for exhaust effects. The net jet thrust is Fy = Fo — MreqV. The momentum drag of the 
auxiliary air flow is a function of the mass flow taux = fauxTreg! 


Daux = (1 = Naux)MauxV = (1 = Naux) fauxMreqV 


where faux is the ram recovery efficiency. Exhaust losses (¢..,) and auxiliary air flow parameters (aux, 
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses 


18-2.4 Convertible Engine: Turbojet/Turbofan 


The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass 
flow to the power turbine (turboshaft operation), and B = 1 for all mass flow to the jet exhaust or a fan 
(turbojet/turbofan operation). 


A separate engine model defines the performance for turbojet/turbofan operation (B = 1). The 
engine group power P,cgmq is prescribed, as a measure of the jet thrust, and this engine does not 
contribute to the propulsion group shaft power available. The turbojet/turbofan thrust is the engine 
group net jet thrust, Fy = Fo — MreqV. 


18-2.5 Convertible Engine: Reaction Drive 


The engine mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass 
flow to the power turbine (turboshaft operation), and B = 1 for all mass flow to the rotor (reaction jet 
operation). 


A separate engine model defines the engine performance for reaction jet operation (B = 1). The 
engine group power is fixed by amplitude input, or obtained from the rotor power (Prequg = Preact)s 
and this engine does not contribute to the propulsion group shaft power available. The gross jet thrust 
is zero, so the net thrust is the momentum drag, Fy = —1MreqV. 
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18-3 Turboshaft Engine Tabular Model 


Tabular models of the engine performance are implemented, suitable for use with data from an 
exercise of an engine deck. Two table formats are defined (E and H). Input factors K,, K,, and Ky can 
account for technology level, respectively for power available, fuel flow, and jet thrust. The tables are 
used with linear interpolation. 


The tables are usually for an installed engine, including losses. Hence Poss = 0 (lin = Cex = 0) 
with this model, and P., = Pa, Preq = P;. Mechanical limits are included in the power available data. 
Engine mass flow is not considered, so Daux = 0, and the table is for net jet thrust. The fuel flow is 
multiplied by the factor Kya, accounting for deterioration of the engine efficiency. The engine is not 
scaled. The engine weight Wone eng is fixed. The turbine speed N,,.< is fixed. 


18-3.1 Table Format E 


The tables are for power available P,, fuel flow w, and net jet thrust Fy as a function of altitude h, 
flight speed V, and rating R. The altitude influence is for a selected atmosphere, hence for a temperature 
variation with altitude. The ratings reflect engine throttle setting, including partial power. Power turbine 
speed variation is not considered. 


Given the altitude, speed, and rating, the power table T,,(h, V, R) is interpolated. Then the power 
available is P, = K,T,. For fixed altitude and speed, the table T,,(h, V, R) implies a variation of power 
with rating; and the tables for fuel flow and jet thrust can be interpreted as T,,(h, V, P,) and T;(h, V, P,). 
Given altitude, speed, and power required, the tables are interpolated; then the fuel flow is w = KyTw 
and the net jet thrust is Fy = KyT;. 


18-3.2 Table Format H 


The tables are for power available P, and fuel flow w as a function of altitude h, temperature 7, 
flight speed V, and rating R. The power available is the product of static power Py and a ram factor 
fram: Pa = KpPo(h,7, R)fram(V,7,h). Optionally, fram = (SuV0m)*"*, where 6), = (1+ 0.2M?) 
and 6yy = (1+ 0.2ngM?)?°. 


The reference fuel flow tog = w/d*4O*"F is a function of reference power required Poret = 
P, [5X27 9X02 ty = Kyd*4 O*'! Wret(Poret). Note that referred power and referred fuel flow are based on 
6/6. Alternatively, the fuel flow is a function of power, altitude, and temperature: w(P,,h,7). The net 
jet thrust is zero. 


18-4 Reciprocating Engine 


Reciprocating engine performance is obtained from the Reciprocating Engine Model. 


18-4.1 Power Available 


Given the flight condition and engine rating, the power available P, is calculated from: 
Pa = Pogp(o,9,M,r) 


as a function of density ratio o = p/po, temperature ratio 9 = T/T), Mach number M, and engine speed 
ratio'ry =N/ Neoee. 
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Installation losses Pio, are subtracted from P, (Pj, = P, — Poss), and then the mechanical limit is 
applied: P,, = min(Pay,7rPmechr). The mechanical limit is properly a torque limit, Qmech = Pmech/Nspec; 
but is expressed as a power limit for clarity. The power available of the engine group is obtained by 
multiplying the single engine power by the number of engines operational (total number of engines less 
inoperable engines): Pa,zg = fp(Neng — Ninop)Pav, including a specified power fraction fp. 


18-4.2 Performance at Power Required 
The engine performance for a specified power required P, is: 
Wreq => Woguw (q, r) 


Mreq a ™moIm(d r) 


Fy = Foogs(9,7) 


where g = P,/Po and r = N/Nopec. Installation losses Pioss are added to Pregi Py = Preq + Piss; 
Preq = = Pregea/(N eng — Ninop)- 


The performance of the engine group is obtained by multiplying the single engine characteristics 
by the number of engines operational (total number of engines less inoperable engines): 


MireqguG = (Nenz — Ninop) req 

WreqEG = (Neng — Ninop)WreqK f fa 
Fuag = (Neng — Ninop) Fn 
Dee = (None —N inde) Dax 


The fuel flow has also been multiplied by a factor Ky;q accounting for deterioration of the engine 
efficiency. 


18-4.3 Installation 


The difference between installed and uninstalled power is the installation loss: Pay = Pa — Pioss and 
Preq = Py—Paoss. This loss is modeled by an efficiency factor: Piss = (1—mMoss)Pa OF Ploss = (1—moss)Py, 
where moss = Lin + fea. The installed gross jet thrust is Fg = Ky grF,, where Ky, accounts for exhaust 
effects. The net jet thrust is Fy = Fo — MreqV. The momentum drag of the auxiliary air flow is a 
function of the mass flow Titaux = fauxMreq: 


Daux = (1 _ Naux)MauxV = (1 7 Haus) taustlceg” 
where ‘jaux is the ram recovery efficiency. 


18-5 Compressor 


A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes 
to the propulsion group power required. The compressor does not use fuel. 


18-5.1 Power Available 


Given the flight condition and engine rating, the power available P, is calculated from the specific 
power SP, = P,/1m_ and mass flow rng: 
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Pa 
= — SPogsp(9, M, n) 
m 
—*~ = rnogm(0, Mn 
aC 09m( ) 
Pu 
—* = Pog, (6, M, 
5V0 0Ip( n) 


as functions of temperature ratio 9 = T/Ty, Mach number M, and referred compressor speed n = N/V0. 


Installation losses P,,, are subtracted from P, (P,, = P, — Piss), and then the mechanical limit 
is applied: P,, = min(Pav,7Pmechr), 7 = N/Nspec. The mechanical limit is properly a torque limit, 
Qmech = Pmech/Nspec, but is expressed as a power limit for clarity. 


The compressor model gives the performance of a single compressor. The power available of 
the engine group is obtained by multiplying the single compressor power by the number of engines 
operational (total number of engines less inoperable engines): 


PavEG = fp(Neng = Ninop) Pav 
including a specified power fraction fp. 


18-5.2 Performance at Power Required 


The compressor performance (mass flow and gross jet thrust) is calculated for a specified power 
required P, and flight condition: 


Mreq 5 
= mMocgJm(q,0,M,n 
ayy > oes (q ) 
ST re 
a aa STocgst(q, 9, M, n) 
F 
oa =s gocg f(g, 9,.M, n) 


as functions of g = P,/(Pocd V6), temperature ratio 9 = T/Ty, Mach number Mand referred compressor 
speed n = N/V). The specific thrust gives the gross thrust, F, = (ST)rn. 


The power required of a single compressor is obtained by dividing the engine group power by the 
number of engines operational (total number of engines less inoperable engines): 


Preq _ PreqEG/ (Neng rs Ninop) 


Accounting for installation losses gives the uninstalled power required P, = Preg + Piss: 


The compressor model gives the performance of a single compressor. The performance of the 
engine group is obtained by multiplying the single compressor characteristics by the number of engines 
operational: 
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The component power is the product of the uninstalled power required and the number of operational 
engines, and a factor K rq accounting for deterioration of the engine efficiency. 


18-5.3 Installation 


The difference between installed and uninstalled power is the inlet and exhaust losses Pioss: Pav = 
Pa — Pross and Preq = Py — Poss. The inlet and exhaust losses are modeled as fractions of power available 
or power required: Piss = (Cin + lex) Pa OF Poss = (lin + Cex)Pq. The installed gross jet thrust is 
Fa = KygrFy, where Kg, accounts for exhaust effects. The net jet thrust is Fy = Fg — MreqV. The 
momentum drag of the auxiliary air flow is a function of the mass flow taux = fauxMreg! 


Daux > (1 —_ Naux)MauxV = (1 am Naux) fauxMreqV 
where jjaux is the ram recovery efficiency. 


18-5.4 Compressor for Reaction Drive 


If the compressor supplies the jet force for rotor reaction drive, then the engine group power required 
is fixed by ampitude input, or obtained from the rotor power (Preqzg = Preact). The gross jet thrust is 
zero, So the net thrust is the momentum drag, Fy = —MreqV. 


18-6 Electric Motor or Generator 


A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to 
electrical energy, and the shaft power contributes to the propulsion group power required. 


The power available is related to the size P.ng. Given the flight condition and motor rating, the 
uninstalled power available P,, is calculated, including a torque limit. The motor model gives the 
performance of a single engine. The power available of the engine group is obtained by multiplying the 
single engine power by the number of engines operational: 


PavEG = fp(Neng = Ninop) Pav 
including a specified power fraction fp. 


From the engine group power required P,.gzqc, the power required of a single engine is 


Preq = PreqEG/ (Neng = Ninop) 


18-6.1 Motor 


The motor power required determines the energy flow from the fuel tank. The energy flow is 
calculated for P,-g and a specified flight condition: 


Bes a EocGe (q, n) 


as a function of g = Preq/Peng and engine speed n = N/Nepec. The motor model gives the performance 
of a single engine. The performance of the engine group is obtained by multiplying the single engine 
characteristics by the number of engines operational: 


EveqEG => (Ais oe Ninop) EreqK f fa 
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The energy flow has also been multiplied by a factor K+ sq accounting for deterioration of the engine 
efficiency. 


18-6.2. Generator 


The generator energy flow to the fuel tank defines the power required. The energy flow is calculated 
for P,eq and a specified flight condition: 


Bes _ Eocge (q, n) 


as a function of g = Preq/ Peng and engine speed n = N/Nspec- The motor model gives the performance 
of a single engine. The performance of the engine group is obtained by multiplying the single engine 
characteristics by the number of engines operational: 


ExeqEG = (Neng o> Nison) Been 
Poomp = (Neng = Ninop)PreqX t fa 


The component power is the product of the power required and the number of operational engines, and 
a factor Kg accounting for deterioration of the engine efficiency. 


18-63 Generator-Motor 


The engine mode B is the direction of power flow for a generator-motor: B positive for motor 
operation, and B negative for generator operation. Separate motor models are used for the two modes. 


18-6.4 Motor and Fuel Cell 


A motor with a fuel cell burns a fuel (typically hydrogen) to produce electrical energy, which is 
converted to shaft power. The device can also be modelled as separate motor and fuel cell components, 
with a battery (fuel tank) to transfer the electrical energy. 


The engine performance (mass flow and fuel flow) is calculated for P,-q and a specified flight 

condition: 

Mreq = mocgm(q, n) _ Km fWreq 

Wreq = WocIw (q, n) = sfc Preq 
as a function of q¢ = Pyeq/ Peng and engine speed n = N/Nepec- Inlet and exhaust losses are included in 
the specific fuel consumption. The net thrust is the inlet momentum drag, Fy = —TireqV. The motor 
model gives the performance of a single engine. The performance of the engine group is obtained by 
multiplying the single engine characteristics by the number of engines operational: 


MreqEG = = (Neng = Ninoy) req 

WreqEG = — (Nene = Nisa) Wreg hppa 
Fyeg = = (Nene = Nino EN 
DauxEG = = (Neng — Nise) aus 


The fuel flow has also been multiplied by a factor A’y¢q accounting for deterioration of the engine 
efficiency. The momentum drag of the auxiliary air flow is a function of the mass flow maux = faux?Mreq: 


Daux = (1 ae Naux)MauxV = (1 = Naux) fauxMreqV 
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where 7jaux is the ram recovery efficiency. 


18-7 Control and Loads 


The engine power amplitude A and mode B are control variables. The mode can be mass flow (for 
convertible engines), or power flow (for generator-motor). In distributing the propulsion group power 
required to the engine groups, an engine group power can be fixed at Pregag = (Neng — Ninop)A; or 
fraction A of engine power available, Ppequg = (Neng — Ninop) APav; or fraction A of engine rated power 
Pregn@ = (Neae Ninos AP ene: 


The engine orientation is specified by selecting a nominal direction eso in body axes (positive or 
negative x-, y-, or z-axis; usually thrust forward, hence positive x-axis); then applying a yaw angle w; 
and then an incidence or tilt angle i. The yaw and incidence angles can be control variables. 


The engine group produces a jet thrust Fy, acting in the direction of the engine (actually, Fy = 
Fg — mV, with the gross thrust in the direction of the engine and the momentum thrust in the wind 
direction); a momentum drag D,,,x (if the component has mass flow), acting in the wind direction; and 
a nacelle drag Dnac, acting in the wind direction. The engine group is at location z’. The force and 
moment acting on the aircraft in body axes are thus: 


Fr = (erFa + eamV ) + €aDaux + €aDnac 
MF =A2F FF 


where Az! = z" — zi’, ey is the engine thrust direction and e, is the drag direction. 


18-8 Nacelle Drag 


The engine group includes a nacelle, which contributes to the aircraft drag. The component drag 
contributions must be consistent. The pylon is the rotor support and the nacelle is the engine support. 
The drag model for a tiltrotor aircraft with tilting engines would use the pylon drag (and no nacelle drag), 
since the pylon is connected to the rotor shaft axes; with non-tilting engines it would use the nacelle 
drag as well. 


The reference area for the nacelle drag coefficient is the nacelle wetted area. The wetted area per 
engine is input, or calculated either from the engine system (engine, exhaust, and accessories) weight 
or from the engine system plus drive system weight: 


Swot =k (w/Neng) ate 


where w = Wes or w = Wes + Woors/Nec, and the units of & are ft?/Ib?/° or m?/kg?/?. The reference 
area is then Shac = Neng Swet 


18-9 Weights 


The component weight consists of engine system, engine section or nacelle group, and air induction 
group. The engine system consists of engine, exhaust system, and accessories. The engine section or 
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the 
engine group, consisting of Neng engines. The engine system weight Weg = Weng + Wexh + Wace is used 
for the engine nacelle wetted area, the rotor pylon wetted area, and the rotor moving weight. The rotor 
group includes the rotor support structural weight; this must be consistent with the use of the engine 
support weight and pylon support weight. 
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Chapter 19 


Jet Group 


A jet group produces a force on the aircraft, possibly used for lift, propulsion, or control. A jet 
model describes a particular jet, used in one or more jet groups. The models include turbojet and turbofan 
engines (perhaps convertible, for reaction drive), reaction drive, and a simple force. A reaction drive 
supplies a blade force that provides the rotor power required. 


19-1 Jet Group Performance 


The jet size is described by the thrust T;.;, which is the sea-level static thrust available per jet at a 
specified takeoff rating. The number of jets Nj-¢ is specified for each jet group. 


If the sizing task determines the jet thrust, the total thrust required is Tyg = rNjetTiet, where 
r= max(TreqsG/Tavsa)- 


The flight condition information includes the altitude, temperature, and flight speed; and a thrust 
fraction fr. 


19-2 Turbojet or Turbofan 


The thrust of a turbojet is 
De m((1 a f)Ve my V) ae (De — Patm)Ae 


where rn is the mass flow; f = w/7n is the fuel-air ratio; and V., p., and A, are the velocity, pressure, 
and area at the exit. The pressure term is zero or small, and the fuel-air ratio is small, so the net thrust 
is approximately 


T = th(V.—V) 
from the gross thrust Tg = mV, and the inlet-momentum or ram drag mV. 


The thrust of a turbofan is 
T= m((1 + f)Ve = V) + ian ( Vefan | V) >= m((1 + f)Ve at BVetan) = m(1 + B)V 


with bypass ratio 6 = man /1m. 


Turbojet or turbofan performance is obtained from the Referred Parameter Jet Engine Model (RP- 
JEM), based on references | and 2. The referred thrust, specific thrust ST’ = T/m, and specific fuel con- 


180 Jet Group 


sumption sfc = w/T are functions of the flight Mach number M and compressor speed n = N/(NoV0): 


T 

ZF 7 Ge(M 1) 
T/in : 
ie ae ) 
eee 


— Gsrce(M, 
vO] en) 


The independent variable can be the compressor speed, or the turbine inlet temperature, or the fuel flow. 
The combustion efficiency 7 depends on the atmosphere (altitude and temperature), hence the specific 
fuel consumption is not a function of just M and n. 


19-2.1. Thrust Available 


Given the flight condition and engine rating, the thrust available T,, is calculated from the specific 
thrust ST, = T,,/7m, and mass flow rng: 


ST, 
— = ST9gs1(0, M 
Vo 09 ( ) 
Ma . 
= m 0,M 
5/V6 Mog ( ) 
Ta 
= = Tog:(9, M) 


as functions of temperature ratio 6 = T/T) and Mach number MV. 


In the jet model, installation losses T\,s; are subtracted from T, (Tay = Ta — Tioss), and then the 
mechanical limit is applied: Ti, = min(Tav, TmechR)- 


The jet model gives the performance of a single jet. The thrust available of the jet group is obtained 


by multiplying the single jet thrust by the number of jets operational (total number of jets less inoperable 
jets): 


TavJG = fr(Niet i Ninop)Tav 


including a specified thrust fraction fr. 


19-2.2 Performance at Thrust Required 


The thrust required of a single jet is obtained by dividing the jet group thrust by the number of jets 
operational (total number of jets less inoperable jets): 


Treq — TreqiG/ (Niet ~ Ninop) 
In the jet model, installation losses Tis; are added to Treg (Lg = Treq + Tioss): 


The jet performance (mass flow and fuel flow) is calculated for a specified thrust required T, and 
flight condition: 

Mreq 

6/V0 


Wreq 


6V0 


= moc gmt, 0, M) 


= Woc Gut, 0, M) 
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as functions of t = T,/(Zocé) (or referred gross thrust), temperature ratio 9 = T/T), and Mach number 
M. 


The jet model gives the performance of a single jet. The performance of the jet group is obtained 
by multiplying the single jet characteristics by the number of jets operational: 
MreqJIG = (Niyet — Nindp) reg 
WreqJIG a (Niyet = Ninsp) Wired pia 


DauxJG = (Niyet _ Mines Jl) Saxe 


The fuel flow has also been multiplied by a factor Ky ¢q accounting for deterioration of the jet efficiency. 


19-2.3 Installation 


The difference between installed and uninstalled thrust is the inlet and exhaust losses Tiss: Tay = 
Ta — Thoss ANd Treg = Ty — Tioss. The inlet and exhaust losses are modeled as fractions of thrust available 
or thrust required: Tioss = (Cin + Cex)Ta OF Tioss = (Cin + exr)Ty. The momentum drag of the auxiliary 
air flow is a function of the mass flow taux = fauxTreq! 


Daux = (1 = Naux)MauxV = (1 —_ Maus) austince 


where faux is the ram recovery efficiency. Exhaust losses (¢.,,) and auxiliary air flow parameters (aux, 
faux) are defined for IR suppressor on and off. 


19-2.4 Convertible Engine: Reaction Drive 


The jet mode B is the mass flow fraction diverted for a convertible engine: B = 0 for all mass flow 
to the exhaust (turbojet operation), and B = 1 for all mass flow to the rotor (reaction jet operation). 


A separate jet model defines the engine performance for B = 1. The jet thrust required is fixed by 
amplitude input, or obtained from the rotor power (Treqaa = Freact = Preq/Qr react). The mass flow and 
fuel flow follow. The jet group net thrust is the inlet momentum drag, Fy = —1ireqV. 


Thrust, specific thrust, and mass flow are defined by the jet model for turbojet operation. The 
specific fuel consumption of the jet model for reaction jet operation is scaled proportional to the sfc 
scaling for turbojet operation. 


19-3 Reaction Drive 


Rotor power can be supplied by a reaction drive, using cold or hot air ejected out of the blade tips 
or trailing edges. Helicopters have also been designed with ram jets on the blade tips, or with jet flaps 
on the blade trailing edges that use compressed air generated in the fuselage. The jet group performance 
includes the blade duct and nozzle, perhaps even with tip burning. 


The net jet thrust required is fixed by amplitude input, or obtained from the rotor power. The rotor 
power required P,., gives the required force on the rotor blade 


Freact = Preq/ QT react = Myreact ( Veewes = OP ies) 


at effective radial station reac. The net jet group thrust required is 


TreqJIG = Freact = Te — MreqIGOQT react 


182 Jet Group 


Tg is the gross thrust. From T,c¢.7G, the jet performance (mass flow and fuel flow) is calculated. The jet 
group net thrust is the inlet momentum drag, Fy = —TtreqV. 


19-4 Simple Force 


For the simple force model, the design maximum thrust is Tinax (per jet). The thrust available is 
thus T, = Tinax. The force generation can use fuel as weight or as energy. 


If the component burns fuel weight, the fuel flow is calculated from an input thrust-specific fuel 
consumption: reg = Ty(sfc) = wocg, where q = Ty/Tmax. Units of sfc are pound/hour/pound or 
kilogram/hour/Newton. Then 


WreqJG _ (Nyet ; > Ninop)WreqK f fa 
The fuel flow has also been multiplied by a factor K yg accounting for deterioration of the jet efficiency. 


If the component uses fuel energy, the energy flow is calculated from an input thrust-specific 
fuel consumption: Eves = T,(sfc) = Eocq, where g = Tq/Tmax. Units of sfe are MJ/hour/pound or 
M3J/hour/Newton. Then 


EreqJG = (Nyet =. Ninop)EreqK f fa 
The energy flow has also been multiplied by a factor K ; g accounting for deterioration of the jet efficiency. 


The simple force weight is calculated from specific weight S' plus a fixed increment: W = STmax + 
AW. This weight is identified as either engine system or propeller/fan installation weight, both of the 
propulsion group; or tail-rotor, of empennage group. 


19-5 Control and Loads 


The jet thrust amplitude A and mode B are control variables. The mode can be mass flow (for 
convertible engines). The jet group thrust can be fixed at Tregsq = (Niet — Ninop) A; or fraction A of jet 
thrust available, T,eg.7¢ = (Niet —Ninop)ATav; or fraction A of jetrated thrust Treg.sg = (Niet —Ninop) AT ct. 


The jet orientation is specified by selecting a nominal direction e fo in body axes (positive or negative 
x-, y-, or z-axis; usually thrust forward, hence positive x-axis); then applying a yaw angle 7; and then 
an incidence or tilt angle 1. The yaw and incidence angles can be control variables. 


The jet group produces a jet thrust T, acting in the direction of the engine (actually, the gross thrust 
in the direction of the engine and the momentum thrust in the wind direction); a momentum drag Daux, 
acting in the wind direction; and a nacelle drag D,,-, acting in the wind direction. The jet group is at 
location z*. The force and moment acting on the aircraft in body axes are thus: 


pe = (erTa at €al mom) ae e€aDaux + €dDnac 
MF = AzF FF 


where Az’ = z¥ — zF  e, is the jet thrust direction and ey is the drag direction. 
cg? ©f J g 


19-6 Nacelle Drag 


The jet group includes a nacelle, which contributes to the aircraft drag. The reference area for the 
nacelle drag coefficient is the nacelle wetted area. The wetted area per jet is input, or calculated from 
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the engine system (engine, exhaust, and accessories) weight: 
Ser = k(w/Nyer) 
where w = Wag, and the units of k are ft?/Ib/* or m?/kg?/?. The reference area is then Spac = fee owees 
19-7 Weights 


The component weight consists of engine system, engine section or nacelle group, and air induction 
group. The engine system consists of engine, exhaust system, and accessories. The engine section or 
nacelle group consists of engine support, engine cowling, and pylon support. These weights are for the 
jet group, consisting of N;., engines. The engine system weight Wes = Weng + Wexn + Wace iS used for 
the engine nacelle wetted area. 


19-8 References 


1) Sanders, N.D. “Performance Parameters for Jet-Propulsion Engines.” NACA TN 1106, July 1946. 


2) Hill, P.G., and Peterson, C.R. Mechanics and Thermodynamics of Propulsion. Reading, MA: 
Addison-Wesley Publishing Company, Inc., 1965. 
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Chapter 20 


Charge Group 


A charge group generates energy for the aircraft. A charger model describes a particular charger, 
used in one or more charge groups. The models include fuel cells and solar cells. 


20-1 Charge Group Performance 


The charger size is described by the power P.hrg, Which is the sea-level static power available per 
charger at a specified takeoff rating. The number of chargers Nenrg is specified for each charge group. 


If the sizing task determines the charger power, the charger power required is rPonrg, Where r = 
max(P6d/ Pace) 
The flight condition information includes the altitude, temperature, and flight speed; and a power 
fraction fp. 
Given the flight condition and the charger rating, the charger power available is 
Pav => Eacell = Pogp (6d, M) 


as a function of pressure ratio 6 = p/po and Mach number M. The power available is obtained by 
multiplying the single charger power by the number of chargers operational (total number of chargers 
less inoperable chargers): 


Pavog = fp(Nenrg _ Ninop) Pav 


including a specified power fraction fp. 


The energy flow to the fuel tank gives the charge group power required: Pregog = Ereqcq. The 
power required of a single charger is 


Preq = req! (Nene _ Nee) 
The cell energy flow required Egesit iS Eqcen = Pocge(q), where q = Preq/Poc. Then 


Preqtotal = (Nenrg — Ninop)Eqcett 


is the total cell power required. 


20-2 Fuel Cell 


A fuel cell burns a fuel (typically hydrogen) and generates electrical energy. For a specified flight 
condition, the cell power available and power required are 
Pag = Paget = Pogp (9, M) 


Eqcell = Pocge(@) 
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where ¢ = Preq/Poc. The fuel cell performance (mass flow and fuel flow) is 


Mreq — moc Im(4, 6, M) 
Wreq = Woc Jw (q, 6, M) 


Installation losses are included in the specific fuel consumption. The net thrust is the inlet momentum 
drag, Fy = —reqV. The charger model gives the performance of a single charger. The performance of 
the charge group is obtained by multiplying the single charger characteristic by the number of chargers 
operational: 


MreqoG = (Nene — Nincp) reg 

roa = (Nae — Ninoy) reg h fia 
Fuog = (Nenrg — Ninop) f'n 

Danxoe = (Nee — Ninep) Daux 


The fuel flow has also been multiplied by a factor Arq accounting for deterioration of the engine 
efficiency. The momentum drag of the auxiliary air flow is a function of the mass flow Traux = fauxMreq! 


Daux = (1 — Naux)MauxV = (1 a Naux) fauxMreqV 
where ‘aux is the ram recovery efficiency. 


20-3 Solar Cell 


The power available from solar radiation is approximately 1.36 kW/m?, reduced by atmospheric 
effects (absorption, reflection, and scattering) to about 1.00 kW/m?. The average solar radiation in the 
continental United States is 3.5—7.0 (kW/m?)(hour/day), hence approximately 15 to 25% of the available 
power. Typical efficiencies of solar cells are 10-35%, with some sensitivity to temperature. The solar 
cell is characterized by power density (W/m?) and weight density (kg/m?). 


For a specified flight condition, the cell energy flow is 


Pav — Bean = Pogp (9, M) 
Beesi = PocGe() 


where ¢ = Preq/Poc. 


20-4 Control and Loads 


The charger power amplitude A and mode B are control variables. The charge group power can 
be fixed at E = PreqaG = (Nenrg — Ninop)A; or fraction A of charger rated power E= PreqcG = 
(Nenrg _ Ninop) APecnre+ 


The charger orientation is specified by selecting a nominal direction eyo in body axes (positive or 
negative x-, y-, or z-axis); then applying a yaw angle 7; and then an incidence or tilt angle 1. The yaw 
and incidence angles can be control variables. 


The charge group produces a jet thrust Fy (actually, Fy = Fg — mV, with the gross thrust in the 
direction of the engine and the momentum thrust in the wind direction), acting in the direction of the 
charger; a momentum drag D,,,, (if the component has mass flow), acting in the wind direction; and 
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a nacelle drag Dyac, acting in the wind direction. The charge group is at location z’. The force and 
moment acting on the aircraft in body axes are thus: 


Fr = (erFa + eamV) + €aDaux + €aDnac 


MP =AzFFF 


where Az! = z" — zf’, es is the charger thrust direction and eg is the drag direction. 


20-5 Nacelle Drag 


The charge group includes a nacelle, which contributes to the aircraft drag. The reference area for 
the nacelle drag coefficient is the nacelle wetted area. The wetted area per charger is input, or calculated 
from the engine system (engine, exhaust, and accessories) weight: 


Swot =k (w/Nenre) 
where w = Wy, and the units of k are ft?/Ib?/* or m?/kg?/*. The reference area is then Syac = cine wok 


20-6 Weights 


The component weight consists of the engine system. The engine system consists of the charger 
weight. These weights are for the charge group, consisting of Non+, chargers. The engine system weight 
Wes = NenrgWone chrg 18 used for the charger nacelle wetted area. 
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Chapter 21 


Referred Parameter Turboshaft Engine Model 


Aircraft gas turbine engine performance capabilities are formally specified by computer programs 
known as engine decks, which are created by engine manufacturers in an industry-standard format. 
Engine decks are typically based on thermodynamic cycle analysis using real engine component per- 
formance maps. The most important performance maps for turboshaft engines are compressor, gas 
generator turbine, and power turbine. These component performance maps are critical to obtaining 
realistic off-design engine performance. Design and analysis codes calculate aircraft performance for 
a very wide range of operating conditions. Thus engine performance must be realistic even far from 
the engine design point. A simple thermodynamic cycle analysis that assumes design point component 
efficiencies everywhere is not realistic for such an application. Rather than developing models for com- 
ponent performance, the approach taken is to use a model for the total engine performance. The engine 
is not being designed. 


The Referred Parameter Turboshaft Engine Model (RPTEM) is based on curve-fits of performance 
data for existing or projected engines over a range of operating conditions. The curve-fits are typically 
obtained by exercising an engine deck. The use of referred parameters tends to collapse the data, 
and provides a basis for scaling the engine. The operating condition is described by pressure altitude, 
ambient air temperature, flight Mach number, power turbine speed, exhaust nozzle area, and either 
engine rating or engine power required. These curve-fits, typically based on real engines, are scaled to 
the required size and adjusted to the appropriate technology level to represent a notional engine. Engine 
size is represented by mass flow. Engine technology is represented by specific power available and 
specific fuel consumption at maximum continuous power (MCP), sea level/standard day (SLS), static 
(zero airspeed) conditions. Engine installation effects (inlet and exhaust losses) are also modeled. 


The use of referred parameters to curve-fit engine performance data was suggested by David 
Woodley from Boeing during the JVX program (1983). The RPTEM was developed and documented 
by Michael P. Scully and Henry Lee of ASRAO, U.S. Army Aeroflightdynamics Directorate (AFDD), 
with a subsequent implementation written by Sam Ferguson (1995). 


21-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature Tq and pressure 
psta) for a specified pressure altitude; the sea-level standard conditions (temperature To and pressure 
po); and the operating temperature T and pressure p. Here the temperatures are °R or °K. The engine 
characteristics depend on the temperature ratio 0 = T/T) and pressure ratio 6 = p/po. 


The flight Mach number M = V/c, = V/csoV@ is obtained from the aircraft speed V. 
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The inlet ram air temperature ratio and pressure ratio are obtained then from and the inlet ram 
recovery efficiency 7a: 


Ou = (1 + 1) = (1+0.2M?) 


—y_ 
7-1 


—1 
Om = (1 Tk 2 2 nM) = (1 + 0.2naM?)*” 


where the ratio of specific heats y = 1.4. 


21-2 Performance Characteristics 


The engine performance is described by: the power available P,, at each engine rating and the 
specification engine turbine speed N,,¢c; the mass flow 7 and fuel flow w required to produce power 
required P, at engine turbine speed NV; and the gross jet thrust F at a given power required P,. Then the 
specific power is SP = P/m, and the specific fuel consumption is sfc = w/P. 


The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub- 
script C’). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: power Por, specific power SPor, and mechanical power limit Prechr. The 
mass flow is then thor = Por/SPor. The gross jet thrust Fyoc is given at MCP. These characteristics 
are at the specification turbine speed Nopec. 


The installed power required P,.-g and power available P,,, > P,eq are measured at the engine output 
shaft. In addition to shaft power, the engine exhaust produces a net jet thrust Fy, from mass flow that 
goes through the engine core. The fuel flow and mass flow are the total required to produce the shaft 
power and jet thrust. The forces produced by mass flow that does not go through the engine core (such 
as infrared suppressor or cooling air) are treated as momentum drag Daux. 


The difference between net and gross jet thrust is the momentum drag: F,, = Fy — MreqV = 
™Mreq(V; — V), where V; is the engine jet exhaust velocity. Note that traditional units for mass flow are 
pound/sec (pps), while this equation requires slug/sec (Tireq/g replaces req). 


The uninstalled power required is P,, the power available P,, the gross jet thrust F,, and net jet thrust 
F,,. The engine model calculates P, as a function of flight condition and engine rating; or calculates 
engine mass flow, fuel flow, and jet thrust at P,. 


21-3 Installation 


The difference between installed and uninstalled power is the inlet and exhaust losses Pioss: 


Pav = Pa — Pross 
Preq = Pa — Poss 


The inlet ram recovery efficiency nq (through 5,7) is included in the engine model calculations. The inlet 
and exhaust losses are modeled as fractions of power available or power required: Pioss = (lin + lex) Pa 
or Pross = (Lin + lex) Pq. SO 

Pav = Pil _ Lin = lex) 


Py Peg) Wei tes) 
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The engine model gives uninstalled power and the gross thrust F, for a nominal exhaust nozzle area. The 
gross jet thrust Fg and exhaust power loss (¢..) are both functions of the exhaust nozzle area. Smaller 
exhaust nozzle areas increase exhaust losses and increase gross thrust. Thus the ratio of installed to 
uninstalled thrust is approximated by a function of the exhaust power loss: 


Fe/Fy = Kfgr = Kfgro + K fgrilex a Bepieilen ar K forsee 


so the net installed jet thrust is 
Fy = KforFy — titreqV 


The momentum drag of the auxiliary air flow is a function of the mass flow rraux = fauxtMreg! 
Daux = (1 = Naux)MauxV = (1 = Naux) fauxMreqV 


where faux is the ram recovery efficiency. Exhaust losses (¢.,,) and auxiliary air flow parameters (‘aux, 
faux) are defined for IR suppressor on and off. Inlet particle separator loss is added to the inlet losses 


21-4 Power Turbine Speed 


The shaft power available is a function of the gas power available Pg and the power turbine efficiency 
m: P. = Pc. Generally the power turbine speed N has a significant effect on 7, but almost no effect 
on Pg. The model used for the efficiency variation is 7 = 1 — |(N/Nopt) — 1|**, where Nopt is the 
speed for peak efficiency, hence 


P(N) — m@(N) —  1—|(N/Nope) — 1]%*" 
P(Nepec) Tt(Nepec) 1 — |(Nepec/Nopt) — 1|*¥* 


Two approximations for the optimum turbine speed are used. The first is a linear expression in p = 


P/(Pordv9): 
fa, Kno 
Nopt Eaed NepecV 4 (Hevoma Ou a Avant») 
and the second is a cubic function of p = P/(Pocd V6): 
Nopt = Noptoc V8 (K opto + K. +K P+K 8) (Ou 
opt opt0C Nopt0 Nopt1P Nopt2P Nopt3P M 


The second expression is based on a larger data sample. For power available calculations, P = Pa (Nspec); 
for power required calculations, P = P,(NV). 


21-5 Power Available 


Given the flight condition and engine rating, the power available P, is calculated as follows. The 
specific power and referred mass flow (at Ngpec, relative to S.Po and ro for this rating) are approximated 
by functions of the ambient temperature ratio 6 and inlet ram air ratios: 


X spa 
Pa Naveed) aan SPo9 K spa [ox V Ax1| 


tita(Napec) = tio (8/VB) emt" [Snr V/ni] Kenge 
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where the static lapse rate (Kspa, Kmya) and ram air exponents (Xspa, Xmfa) are piecewise linear 
functions of 6. The power available is then 


SPa Ns ec ? a Ns ec XspatXmfa 

Pa(Napsc) = Fo ( P ) He U P ) =P (sva) K spae*™t [6x1 V 8x1] : 
SPo ™mo 

This expression for rn, is used only to calculate P,; elsewhere the rn, expression below (for performance 

at power required) is used to obtain the mass flow at a power P,. Finally 


L =| Nost) 1/2" 


Pa(N =P, Ns ec 
A Pal Net) Nees Noa) = a 


is the power available at turbine speed N. Installation losses Pi.s, are subtracted from P, (Pay = 
Pa — Piss), and then the mechanical limit is applied: P,, = min(Pav,rPmechr), T = N/Nepec. The 
mechanical limit is properly a torque limit, Qmech = Pmech/Nspec, but is expressed as a power limit for 
clarity. 


For a simple model, the power available can be constant, P, = Po; or the referred power can be 
constant, P,, = P)(dV@); without any effect of power turbine speed. 


21-5.1 Piecewise Linear Parameters 


Several parameters K are input as piecewise linear functions of the temperature ratio 6. One format 
of the input is a set of J regions, with the function in the i-th region given by K = Ko; + K,,0. The break 
point between the i and 7 — 1 regions is 


Kyi = Koi + Ki 


for i = 2 to J. Another format is a set of J + 1 break points, with the values at the i-th point (6,;, Ay;). 
Then the coefficients between 7 and i + 1 are 


— KoiPo+1) — Koi4s i 


Koi 
Oy(s+1) — Poi 


—Koi + Kos 


ig 
: 9oi41) — Foi 


for i = 1 to J. The interpolation is performed using K = Ko; + K1,@ for @ in the range 0); to y(:41)- 
Outside the defined regions, the linear expression is continued; hence 6,; is used only for i = 2 to I. 


21-6 Performance at Power Required 


The engine performance (mass flow, fuel flow, and gross jet thrust) is calculated for a specified power 
required P, (which might equal the power available), flight condition, and engine rating. Installation 
losses Poss are added to Preq (Py = Preq + Piss). The referred quantities (relative to SLS static MCP 
quantities) are approximated by cubic functions of g = P,(Nspec)/(Pocd V0): 


tireg = woe (8V8) (Kyyq0 + Kppaid + Kppand? + Krpqaa?) [Oxe) * 
Mreq = moc (/vo) (Aaa + Km fqid + Kim fat + Kapaa) [Ou\o™* 


xX 
Fy = Fyoc (4) (Kf gq0 + Kypgqig + K pgqa° oh K fq’) [Ox]? 
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at Nspec, With woc = sfcoc Poco. The mass flow and fuel flow are primarily functions of the gas power Pe, 
and are assumed to be independent of 7, hence independent of turbine speed. However, these equations 
are functions of P,(Nspec), obtained from P, (NV) using 


1 = |(Nspec/Nopt) = 1" 


Fal Nepee) = Pal) TT ONT Noge) — 1% 


Then the installed net jet thrust Fy and momentum drag D,,,x are calculated. 


For a simple model, the referred performance can be constant: 


Wreq oo wWoc (5V0)q = sfcoc Py 
Titreq = Thoc (6/V9) 
Fy = Foc (0) 


without any effect of power turbine speed. 
21-7 Scaling 


The parameters of the engine model can be defined for a specific engine, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power. 
In addition, advanced technology must be represented in the model. Scaling and advanced technology 
are handled in terms of specific power and specific fuel consumption (at SLS static conditions, MCP, and 
Nspec). Figures 21-1 through 21-3 present historical data for engine specific fuel consumption, weight, 
and specific power; the variation at a given power reflects technology insertion with time. 


The engine model includes reference values of the engine performance parameters: Por, SPor, 
Pmechr» Sfcoc, SFoc, Nspec, and Noptoc. Mass flow and fuel flow are obtained from nor = Por/S Por and 
woc = sfcoc Poc. The reference power at each engine rating R defines a ratio to MCP: rpor = Por/Poc. 
Similarly for specific power and mechanical limits: r.og = SPor/SPoc and rmor = Pmechr/Poc. These 
ratios are kept fixed when the engine is scaled. 


The engine size is specified as takeoff power P;, = Peng, which is the power at rating R, for SLS 
static conditions and specification turbine speed Ngpec. Hence the MCP is Poo = Pio/Tpor, and the 
power at all other ratings follows. If Poc is not equal to the reference value of the engine model, then 
the engine is scaled. To reflect advanced technology, the specific power, specific fuel consumption, 
and specification turbine speed can be specified: SPoc = SPtech, sfcoc = sfttech, aNd Nspec = Ntech 
(replacing the engine model reference values). The default values are the reference values of the engine 
model. In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref” 
means the engine model reference values. 


The engine technology parameters S$ Pc and sfcoc are assumed to vary linearly with mass flow rinoc 
up to a limit 7, and constant thereafter at SPj,, and sfci,,. The mass flow at the technology condition 
IS tech = Pret /S Ptech, with the technology values S'Piech and sfctech. The intercept values are projected 
from the technology values: Ksp0 = SPtech — Kspititechs Ksp1 = (SPim — SPtech)/(7Mim — Mtech); and 
similarly for sfc. Then for thoc < Mim 


S'Poc oa K spo + KspiMoc 


sicog = Kspco + Ksfeimoc 
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and for nog > Mim 
SPoo = SPim 


sfcoc = sfclim 


These equations are used if riiim > Mech. Otherwise the model sets Ksp1 = Ksfe1 = 0, So there is no 
variation with scale: SPo¢c = SPiech and sfcoc = sfctech. Usually the effect of size gives Ksp2 > 0 and 
Ksfc2 < 0. The power at the limit is Pim = SPimtiim. Figure 21-4 illustrates the scaling of SP, sfc, 
and SW. 


Using thoc = Poc/S'Poc, the specific power equation can be solved for the mass flow given the 
power: 


Poo/K spo K spi =0 
moc = Poc/$ Pim Poc 2 Pim 
(fo 2+ vu AS otherwise 


From this mass flow, S'Poc and sfcoc are calculated, hence the fuel flow woc = sfcocPoc. The specific 
thrust available at MCP is assumed to be constant, and the specification power turbine speed decreases 
with the mass flow: 


Fooc = SFoc moc 


Nspec = CN suds = Kns2/ V tinoc ) i: ae Kns2/v mo aa Kins an Kns2/ V moc 


tec. 


(Noptoc) ref N. 


Noptoc = Nae spec — KnoNspec 
ec 


Then the power and specific power at all ratings R are obtained from the ratios: Por = rporPoc, 
SPor =TsorSPoc, and Prechr = TmorPoc. 
The actual (perhaps scaled) values of the performance parameters are available for the engine group: 


Por, SPor, PmechRs sfcoc, Fyoc;, Nspecs and Noptoc: 


21-8 Engine Speed 


The model as described in the previous sections may not adequately account for variation of engine 
performance with engine speed, so it is also possible to define the parameters corresponding to a set 
of engine speed ratios r = N/Nspec. Then the engine performance and power available quantities are 
linearly interpolated to obtain the values at the required engine speed NV. If this option is used, then the 
correction based on P(N)/P(Nopec) = 1e(V)/7:(Nespec) 18 not applied. 


21-9 Weight 


The engine weight can be a fixed input value, calculated as a function of power, or scaled with 
engine mass flow. As a function of power, the weight of one engine is: 


Wone eng — Koeng + KiengP ae ce 


where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per 
power W/P is given by using only Kyieng. Alternatively, the specific weight SW = P/W can be scaled 
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Figure 21-1. Historical data for turboshaft engine specific fuel consumption. 


with the mass flow rioc. The scaling is determined from the specific weight SW,.¢ at the mass flow 
Meech» and the limit SWi,, at 77243,,. Then 


Kswo a KswiMoc Moc < Mim 
SW = 


SWiim Moc = Mim 


Gf Tim < Mtech, then Ks.1 = 0,80 SW = SWrep) and Wone eng = P/SW. 


21-10 Units 


In this engine model, only the reference values and scaling constants are dimensional. Conventional 


English units and SI units are shown in table 21-1. Units of specific power and specific fuel consumption 
follow from these conventions. 


Table 21-1. Conventional units. 


power P mass flow 7m fuel flow w force F turbine speed NV 
English: horsepower pound/sec pound/hour pound rpm 
SI: kiloWatt kilogram/sec kilogram/hour Newton rpm 


21-11 Typical Parameters 


Typical values of the principal parameters describing the engine and its performance are given in 
table 21-2 for several generic engine sizes. These values represent good current technology. Advanced 
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technology can be introduced by reducing the specific fuel consumption and weight, and increasing the 
specific power. Typical ratios of the power, specific power, and mass flow to the values at MCP are 
given in table 21-3 for several ratings. Figure 21-5 shows typical performance characteristics: fuel flow 
w, mass flow 7h, and net jet thrust F, variation with power P and speed (referred quantities, normalized, 
at Nspec). Figure 21-6 shows typical variation of the power available with engine turbine speed. Figures 
21-7 to 21-12 show typical power available characteristics: specific power SP, mass flow 7m, and power 
P variation with temperature ratio 0, for static and 200 knots conditions and several engine ratings 
(referred quantities, normalized, at Nspec). 


Table 21-2. Typical engine performance parameters. 


power (MCP) Poc 500 1000 2000 4000 8000 16000 hp 
specific power SPoc 116 125 134 143 153 164 hp/Ib/sec 
mechanical limit Pmech 750 1500 3000 6000 12000 24000 hp 
specific fuel cons. — sfeoc 0.54 0.48 0.44 0.40 0.38 0.35 Ib/hp-hr 
specific jetthrust Skoc 5.9 133 8.9 11.0 13.6 16.7 Ib/Ib/sec 
gross jet thrust Fooc 25 58 134 308 707 1625 Ib 
mass flow moc 4.3 8.0 15.0 27.9 52.1 97.3 Ib/sec 
turbine speed Nspec 35600 26100 19100 14000 10200 7500 rpm 
weight W/Pio 0.34 0.23 0.18 0.16 0.16 0.15 Ib/hp 

Table 21-3. Typical parameter ratios for various ratings (percent). 

IRP MRP CRP Pech 

power Po/Poc 120 127 133 150 

specific power S'Po/SPoc 117 123 128 

mass flow mo/™moc 102.6 103.2 103.9 
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Figure 21-2. Historical data for turboshaft engine weight. 
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Figure 21-3. Historical data for turboshaft engine specific power. 
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Figure 21-4. Turboshaft engine scaling; SP = P/m, sfe = w/P,and SW = P/W. 
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Figure 21-5. Fuel flow, mass flow, and net jet thrust variation with power. 
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Figure 21-6. Power variation with turbine speed. 


200 


SP/SPy 


SP/SPy 


Referred Parameter Turboshaft Engine Model 


1.8 MPC 

IRP 
1.6 

MRP 
Wile eines CRP 

ae ee 
13 7 
aaa 
1d : ce 
0.9 ee. 
oe 
08 oe 
~~ 

0.6 


0.80 0.85 0.90 0.95 1.00 1.05 1.10 1.15 


temperature ratio 0 


Figure 21-7. Specific power variation with temperature ratio, static. 
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Figure 21-8. Specific power variation with temperature ratio, 200 knots. 
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Figure 21-9. Mass flow variation with temperature ratio, static. 
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Figure 21-10. Mass flow variation with temperature ratio, 200 knots. 
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Figure 21-11. Power variation with temperature ratio, static. 
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Figure 21-12. Power variation with temperature ratio, 200 knots. 


Chapter 22 


Reciprocating Engine Model 


A reciprocating engine generates power by means of reciprocating pistons that convert pressure 
into a rotating motion. Each piston is inside a cylinder, into which a gas is introduced, either already 
under pressure (external combustion, as in a steam engine) or heated inside the cylinder by ignition 
of a fuel-air mixture (internal combustion). The hot gases expand, pushing the piston to the bottom 
of the cylinder. Here only internal combustion engines are considered, perhaps more appropriately 
identified as intermittent combustion engines, to distinguish them from the continuous combustion of 
gas turbines and jet engines. An internal combustion engine is either a spark-ignition engine, where a 
spark plug initiates the combustion; or a compression-ignition engine, where the air within the cylinder 
is compressed, heating it and thereby igniting fuel. Internal combustion engine performance is described 
in reference 1. 


Design and analysis codes calculate aircraft performance for a very wide range of operating con- 
ditions. Thus engine performance must be realistic even far from the engine design point. A simple 
thermodynamic cycle analysis is not realistic for such an application. Rather than developing high 
fidelity analyses, the approach taken is to use a model for the total engine performance. The engine is 
not being designed. 


The Reciprocating Engine Model is based on curve-fits of performance data for existing or projected 
engines over a range of operating conditions. The operating condition is described by pressure altitude, 
ambient air temperature, flight Mach number, engine speed, and either engine rating or engine power 
required. These curve-fits, typically based on real engines, are scaled to the required size and adjusted 
to the appropriate technology level to represent a notional engine. Engine size is represented by power. 
Engine technology is represented by specific fuel consumption and power-to-weight ratio. Engine 
installation losses are also modeled. 


22-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature Tq and pressure 
Psta) for a specified pressure altitude; the sea-level standard conditions (temperature T, and pressure 
po); and the operating temperature T and pressure p. Here the temperatures are °R or °K. The engine 
characteristics depend on the density ratio o = p/po and the temperature ratio 6 = T/To. 


The flight Mach number M = V/c, = V/csoV@ is obtained from the aircraft speed V. 


The inlet ram air temperature ratio and pressure ratio are obtained then from / and the inlet ram 
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recovery efficiency na: 


Ou = (1 + 1M) = (1+0.2M?) 


aa aa 
iu = (1 a 1 na’) = (1+ 0.2naM?)*” 


where the ratio of specific heats 7 = 1.4. The ram density ratio is oy, = 6/07. The engine mass flow 
and power available depend on (a + Aoj,), where Aoyy = oy — 1 


22-2 Reciprocating Engine Performance 


The engine work per cycle for a reciprocating engine is W = Pn,/R; where P is the power, 
R= N/2r the rotational speed (rev/sec, N in rad/sec), n, the revolutions per cycle (n, = 2 for a 4-stroke 
engine, n. = 1 for a 2-stroke engine), and R/n, is the cycles per second. The piston area is A,, bore 
b, stroke k; the engine displacement Vz = A,k (swept volume). The mean piston speed is defined as 
s = 2Rk (1/2R is the time for one stroke). Thus A,s = 2RVz. The mean effective pressure (mep) is 
defined as 

W Pne P — Qn.2r 


mep = = 


Va VaR A,s/2ne Vi 


from the power P = NQ = 27 RQ; so mep is the specific torque. The power and torque can be written 
in terms of mep: 

P= (mep)VaR/ne = (mep) Aps/2ne 

Q = (mep)Va/27n. = (mep)Apk/27N- 
The specific output is P/A, = (mep)s/2ne. 


The engine output is the brake horsepower (BHP), which equals indicated power less friction power: 
BHP = IHP — FHP = IHP — (MHP + PHP + CHP + AHP — THP) 


The friction power is composed of losses due to mechanical friction (MHP), pumping (PHP, the work of 
the piston during inlet and exhaust strokes), compressor or supercharger (CHP), auxiliary or accessories 
(AHP, such as oil pump, water pump, cooling fan, generator), and exhaust turbine (THP, treated as 
negative friction). The mechanical efficiency is 7 = BHP/THP. 


The sum of airflow (rm = w,) and fuel flow (w = wy) is the charge flow: w. = wy + twa. The fuel-air 
ratio is F = wy/wWa. The stoichiometric (chemically correct) fuel-air ratio is about Fstoich = 0.068 for 
both gasoline and diesel. Rich mixture (fuel-air ratio) means extra fuel and lean mixture means extra 
air. The fuel-air equivalence ratio is 6 = F'/Fytoicn- The mass flow is 


Mm = €, Mideast = Cy piVa(R/Ne) = ep ppAps/2Ne = ON (erpoVa/(2AN)) 


where p; is the density at the intake and e, = m/rnidea is the volumetric efficiency. Including the 
influence of forward speed, p; = po(o + Acy,). Typically e, = 0.8 to 0.9. The fuel flow is then w = Fm. 
The indicated power P; is the product of the fuel flow, fuel specific energy (egue) = JQ., from the heat 
of combustion Q, and Joule’s constant J relating work and heat), and thermal efficiency: 


Py = Crreitinw = (Ctuarmnl rn = o1N (eCrueittnl)(evpoVa/(27Ne)) 
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The specific fuel consumption is 
sfc = w/P = 1/(€fueiMth) 


and the power to mass flow ratio is 
P/m = eruamnl = F/sfc = (mep)/(ey/;) 


These equations all have constant factors when conventional units are used. 


From m ~ eyp; and P ~ e,p;m,F, it follows that mass flow and power are proportional to the 
density ratio 0 = 6/0. For unsupercharged engines at constant fuel-air fraction and constant throttle, 
typically e,p; ~ p/VT (ref. 1). Similarly, operating curves give +1% power change for +6°C at constant 
pressure altitude and manifold pressure, implying again P ~ 1//T. The implication is that mass flow, 
indicated power, and imep are proportional to 5/0 = oV90. 


The engine has a limit on bmep (hence torque) corresponding to detonation limits (spark-ignition) 
or thermal and loads limits (compression-ignition) at maximum power. This limit is defined in terms 
of power at a specified engine speed. Load limits associated with mean piston speed give an engine 
speed limit. Maximum throttle, encountered at a critical altitude or critical density, can be expressed as 
a power limit that varies with engine speed. These limits depend on the rating, fuel-air ratio (lean or 
rich), and supercharger speed. 


22-3 Performance Characteristics 


The engine performance is described by the uninstalled power available P,, as a function of flight 
condition and engine rating; the mass flow m and fuel flow w required to produce uninstalled power 
required P,; and the gross jet thrust. The installed power required P,.-g and power available P,, > Preq 
are measured at the engine output shaft. In addition to shaft power, the engine exhaust can produce a 
net jet thrust Fy, from mass flow that goes through the engine. The difference between net and gross 
jet thrust is the momentum drag: F,, = Fy — MreqV = tireq(V; — V), where V; is the engine jet exhaust 
velocity. The forces produced by mass flow that does not go through the engine (such as cooling air) 
are treated as momentum drag Dux. 


The engine performance depends on the rating. Typical ratings include maximum continuous power 
(MCP) and takeoff power. The rating structure of the model includes dependence on fuel-air ratio (lean 
or rich) and supercharger speed. 


The reference performance is at sea-level-standard static conditions (subscript 0). For each rating R, 
the performance is characterized by the following quantities: power Por and specific fuel consumption 
sfcor; fuel-air ratio For; specific thrust S' For; mean effective pressure (mechanical) power limit Pnepr 
and critical power Porte; and a reference engine speed Nor. Then the mass flow is hor = Wor/For, and 
the fuel flow wor = sfcorPor. The gross jet thrust is Foor = SFormor (SFor = Vjor). The specification 
engine speed is Nepec- 


22-4 Installation 


The difference between installed and uninstalled power is the installation loss: Pay = Pa — Pioss and 
Preq = Py—FPioss. This loss is modeled by an efficiency factor: Poss = (1—Moss) Pa OF Ploss = (1— Moss) Py; 
where ‘oss = fin + lex. The engine model gives the gross thrust F,. The installed gross jet thrust is 
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Faq = KfgrFy, where Ky, accounts for exhaust effects. The net jet thrust is Fy = Fo — MreqV. The 
momentum drag of the auxiliary air flow is a function of the mass flow taux = fauxMreq! 


Daux = (1 _ Naux)MauxV = (1 _ Hai) faux neg 


where ‘aux is the ram recovery efficiency. 


22-5 Power Available 


Given the flight condition and engine rating, the power available P, is calculated from: 
Py = PoKp(o + KramAom)r*?% 0% 88 


where the engine speed ratio is r = N/No. The factor K,, is included so Pp is a relevant reference power, 
instead of the power extrapolated to sea-level conditions. Kyam permits adjustment (or suppression) 
of the effect of flight speed. The exponents X,, and X,9 are obtained by fitting the engine operating 
curves. The reference engine speed No corresponds to Po. 


Maximum throttle, encountered at a critical altitude or critical density, is expressed as a power 
limit that varies with engine speed: P, = min(P,, Peritgr**), where r = N/No. The exponent X,i¢ is 
obtained by fitting the engine operating curves. 


Installation losses Poss are subtracted from P, (Pay = Pz — Piss), and then the mechanical limit 
(mean effective pressure) is applied: P,, = min(Pav,rPmechr), 7 = N/Nspec. The mechanical limit is 
properly a torque limit, Qmech = Pmech/Nspec, but is expressed as a power limit for clarity. The mep 
limit Pmepr 1s specified at the reference engine speed Nor, hence Pmechr = Pmepr(Nspec/Nor)- 


22-6 Performance at Power Required 


The engine performance (fuel flow, mass flow, and gross jet thrust) is calculated for a specified power 
required P, (which might equal the power available), flight condition, and engine rating. Installation 
losses Pioss are added to Preg (Py = Preq + Pioss). The fuel flow and fuel-air ratio are approximated by 
cubic functions of g = P,/Po: 


tireq = Wo (Kp pqo + Ky paid t+ Kyppqod? + Ky pasa?) r*1!* = woK 5 pq(gyr*' 
Freq = Fo (Krgot Kraidt Krad + Krq3q’) rXra = FyK p(q)r*" 


where the engine speed ratio is r = N/No. The reference engine speed No corresponds to Po. Alterna- 
tively, K rq(q) and Kp,(q) can be specified as piecewise-linear functions of g. The constants (Kf gn, 
Krqn) and exponents (X/,, Xpq) are obtained by fitting the engine operating curves for sfc and F’. 
For constant specific fuel consumption, Ky fq(q) = g. For constant fuel-air ratio, Ar,(q) = 1; for fuel- 
air ratio proportional to power, Kr,4(q) = q. Tf Fetoicn is used for Fo, the fuel-air equivalence ratio is 
& = F/Fetoich = Krq(q)r*** . 


The mass flow is mm = w/F. The gross jet thrust is F, = SForm. The installed net jet thrust Fry 
and momentum drag D,yx are calculated from the mass flow. 


22-7 Scaling 


The parameters of the engine model can be defined for a specific engine, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define an engine for a specified power. 
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The engine model includes reference values of the engine performance parameters: Por, sfcor, 
For, SFor, Pmepr:, Peritr, Nor, Nspec. The actual (perhaps scaled) values are available to the engine 
group. 

The engine size is specified as takeoff power P;. = Peng, which is the power Pox at rating R= X, 
for SLS static conditions. If Pox is not equal to the reference value of the engine model, then the engine 
is scaled. The reference power at each engine rating R defines a ratio to MCP: rpor = Por/Poc. The 
reference engine speed gives the ratio rnor = Nor/Nspec- These ratios are kept fixed when the engine 
is scaled. Hence the MCP is Poo = Pro/rpor, and the power at all other ratings follows. 


The size of geometrically scaled engines can be represented by the cylinder bore b. The specific 
output, mean piston speed, and specific fuel consumption are relatively weak functions of size (ref. 1). 
It is assumed that P/A, ~ b-*°, s ~~ b-*=, sfc ~ b-*F, Hence P ~ b?-*°, Nepec ~ 8/k ~ b-1~*s, and 


sicon = steomenp 1/02) 


Nspec = Nspec—ret p (+Xs)/2-Xo) 


where p = Peng/Poxrer. For example, X, = 0.2, X, = 0.3, X~ = 0.1 for diesel engines (ref. 1). 


Prep and P.rit Scale with power: 


Por = PocTpor 
Poitr = Poreritr 


PuechR — Pmepr(Nspec/Nor) = PorTmepR 


where TeritR = Poitcvetry Porzet and TmepR = (Pmep—ret / Porret)( Nspec—ret /Norret)- The engine speed 
scales with Ngpec: Nor = NepecT Nor: 


22-8 Weight 


The engine weight can be a fixed input value, or calculated as a function of power. As a function 
of power, the weight of one engine is: 


Wone eng — Koeng or KiengP a1: Koeigh 


where P is the installed takeoff power (SLS static, specified rating) per engine. A constant weight per 
power W/P is given by using only Kueng. 


22-9 Units 


In this engine model, only the reference values and scaling constants are dimensional. Conventional 
English units and SI units are shown in table 22-1. Units of specific power and specific fuel consumption 
follow from these conventions. 


Table 22-1. Conventional units. 


power P mass flow 7m fuel flow w force engine speed N-  mep 


English: horsepower pound/sec pound/hour pount rpm pound/in? 
SI: kiloWatt kilogram/sec kilogram/hour Newton rpm kN/m? 
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22-10 Typical Parameters 


The maximum brake mean effective pressure is 125-300 lb/in? (850-2050 kN/m?). Reciprocating 
aircraft engine mean piston speed at maximum power is typically 10-16 m/sec for geared engines. 
Direct drive aircraft engine speeds are typically limited by propeller tip speed. Stoichiometric (exact 
chemical) fuel-air ratios are given in table 22-2 for a number of fuels. The fuel-air equivalence ratio is 
b = F/F stoich- 


Spark-ignition engines can run at stoichiometric fuel-air ratio (6 = 1). Typical operating fuel- 
air ratios are ¢ = 0.8 to 1.5, with rich values up to ¢ = 1.8 for takeoff power. Modern “lean-burn” 
spark-ignition engines use Gasoline Direct Injection (GDI) to get ¢ below 0.3 at low power. Highly 
supercharged engines at maximum power run rich. From reference 1, the highest power for each throttle 
setting is at ¢ & 1.1, with best brake economy at ¢ = 0.9 (full load) to ¢ = 1.1 (zero load). 


Compression-ignition engines run lean, limited by incomplete combustion. Typical operating fuel- 
air ratios are ¢ = 0.2 to 0.8, with bmep increasing with ¢. Best break economy is near ¢ = 0.5 (ref. 1). 


Table 22-2. Stoichiometric fuel-air ratios. 


fuel Fstoich fuel F stoich 
gasoline 0.0678-0.0685 propane 0.0638 
diesel 0.0690-0.0697 ethanol 0.111 
hydrogen 0.0292 methanol 0.155 
natural gas 0.058 methane 0.0581 


22-11 References 


1) Taylor, C.F. The Internal-Combustion Engine in Theory and Practice. Volume 1: Thermodynamics, 
Fluid Flow, Performance. Second edition. Cambridge, MA: MIT Press, 1966. 
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Compressor Model 


A compressor converts input shaft power to a jet velocity and thrust. The shaft power contributes 
to the propulsion group power required. The compressor does not use fuel. 


The operating condition is described by pressure altitude, ambient air temperature, flight Mach 
number, and either compressor rating or power required. The parametric model is scaled to the required 
size and adjusted to the appropriate technology level to represent a notional compressor. Compressor 
size is represented by mass flow. Technology is represented by specific power available at maximum 
continuous power (MCP), sea level/standard day (SLS), static (zero airspeed) conditions. Installation 
effects are also modeled. 


23-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature Tq and pressure 
psta) for a specified pressure altitude; the sea-level standard conditions (temperature T) and pressure po); 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The characteristics 
depend on the temperature ratio @ = T/T and pressure ratio 6 = p/po. 


The flight Mach number M = V/c, = V/csoV@ is obtained from the aircraft speed V. 


The inlet ram air temperature ratio and pressure ratio are obtained then from and the inlet ram 
recovery efficiency 7a: 


Ou = (1 + 1M) = (1+0.2M?) 


7, 
¥ ve. 


-1 ; 
bu = (1 Ee 1 nat?) = (1+0.2naM?)*” 
where the ratio of specific heats 7 = 1.4. 


23-2 Performance Characteristics 


The uninstalled power required is P,, the power available P,, the gross jet thrust Fi, and net jet 
thrust Fy. The compressor model calculates P,, as a function of flight condition and rating; or calculates 
jet thrust and mass flow at P,. The specific power is SP = P/m, the specific thrust is ST = Fg/m. The 
forces produced by mass flow that does not go through the core are treated as momentum drag Daux. 


The reference performance is at sea-level-standard static conditions (subscript 0), and MCP (sub- 
script C’). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: Power Por, specific power S'Pyr, and mechanical power limit Pnecnr. The 
mass flow is then nor = Por/SPor. 
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The difference between net and gross jet thrust is the momentum drag: Fy = Fg — MreqV. Note 
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec (itreq/9 
replaces 7itreq). 


23-3 Installation 


The difference between installed and uninstalled power is the inlet and exhaust losses Pioss: 


Pav = Pa — Pross 
Preq = Pq — Piss 


The inlet and exhaust losses are modeled as fractions of power available or power required: Pio.5 = 
(Lin + bes) Pe or Pross — (Lin + lew) Py. So 


Pav aa P,(1 sy Lin — Le.) 
Py == Preq/(1 hin 5 lex) 


The momentum drag of the auxiliary air flow is a function of the mass flow ritaux = fauxMreg! 
Daux = (1 _ Naux.) MauxV = (1 — Naux) fauxMreqV 


where ‘aux is the ram recovery efficiency. 


23-4 Power Available 


Given the flight condition and engine rating, the power available P, is calculated as follows. The 
specific power and referred mass flow (relative to SP and rnp for this rating) are approximated by 
functions of the ambient temperature ratio 0, here just: 


SP, = SPA [50 Vox Rees 
tina = tino (6/0) [dneV/On| Sass, 
The power available is then 
P, = SPytig = Po (sv0) iat Vou Sapa Mare 


This expression for rn, is used only to calculate P,; elsewhere the rn, expression below (for performance 
at power required) is used to obtain the mass flow at a power P,. The influence of compressor rotational 
speed is not considered. 


23-5 Performance at Power Required 


The compressor performance (mass flow and gross jet thrust) is calculated for a specified power 
required P,, flight condition, and rating. Installation losses P\.s; are added to Preg (Py = Preq + Paoss): 
The referred quantities (relative to SLS static MCP quantities) are approximated by functions of ¢ = 
P,/(Pocd V0): 


Mreq — moc (5/v@) (Eras + Km fad + Kimfqo + Kapaa) (Ou\<™* 
ST req = SToc V0 [Ox] *"2 
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The gross jet thrust is then 


; Kigex 
Fg = STeqMreq — Foc 6 (Kmfqo a Km fqid oir Kmpa?’ or Knjqd) [On1] ca ee 

Then the installed net jet thrust F’,, and momentum drag D,y are calculated. The influence of compressor 
rotational speed is not considered. 


23-6 Scaling 


The parameters of the compressor model can be defined for a specific compressor, but it is also 
necessary to scale the parameters as part of the aircraft sizing task, in order to define a compressor for 
a specified power. In addition, advanced technology must be represented in the model. Scaling and 
advanced technology are handled in terms of specific power and specific thrust (at SLS static conditions 
and MCP). 


The compressor model includes reference values of the performance parameters: Por, SPor, and 
Pmechr. Mass flow is obtained from thor = Por/S Por. The reference power at each rating R defines a 
ratio to MCP: rpor = Por/Poc. Similarly for specific power and mechanical limits: rsor = SPor/SPoc 
and rmor = Pmechr/Poc. These ratios are kept fixed when the compressor is scaled. 


The compressor size is specified as power P.n,¢, which is the power at takeoff rating R, for SLS 
static conditions. Hence the MCP power is Poo = Pro/rpor, and the power at all other ratings follows. 
If Poc is not equal to the reference value of the compressor model, then the compressor is scaled. 


23-7 Weight 


The compressor weight can be a fixed input value, or calculated as a function of power. As a 
function of power, the weight of one compressor is: 


Xcom 
Wone eng — Kocomp =F KicompP a K2compP ” 


where P is the installed power (SLS static, specified rating) per compressor. A constant weight per 
power W/P is given by using only Kycomp. 
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Chapter 24 
Motor Model 


A motor converts electrical energy (fuel) to shaft power. A generator converts input shaft power to 
electrical energy, and the shaft power contributes to the propulsion group power required. The model 
follows references | to 4. 


24-1 Motor Characteristics 


The motor or generator size is defined by the maximum power available, Pnax = Peng, and a 
peak torque Qpeax. For clarity, the torque limit is expressed as a power limit Pyeax, such that Qpeak = 
Ppoeak/Nspec- SO Poeak is the torque limit at Nspec, aNd Pycax(N/Nepec) 1s the torque limit at engine rotation 
speed N. The ratio of maximum power and peak torque is the base rotational speed: Pmax/Qpeak = Nbase} 
at Npase, the power and torque limits coincide. It follows that Npase = (Pmax/Ppeak)Nspec. Figure 24- 
1 shows the maximum power and peak torque for a number of motors. The base rotational speed 
is typically Npase = 700-7000 rpm, lower for high-torque motors. The ratio of maximum power to 
continuous power is typically MRP/MCP = 1.25-3 (fig. 24-2). 


Motor weight depends primarily on the peak torque. Figure 24-3 shows the weight for a number of 
motors. For a given size, there is a wide range of Q/W values. Here high torque-to-weight is defined as 
Q/W > 3.5 ft-lb/lb. Motor electrical controller weight is typically 10-30% of the basic motor weight, 
up to 70% for small motors. The density is typically 100-250 Ib/ft? (fig. 24-4). 


The engine performance is described by the power available P.,,, at each engine rating, and the 
energy flow EF required to produce the power required P,.,. The specific fuel consumption is sfe = E'/P 
(inverse of efficiency). For each rating R, the maximum power is Por, and the torque limit is Pyeakr. 


24-2 Power Available and Performance at Power Required 


Given the flight condition and engine rating R, the power available is 
Pay = min(Por, ’PpeakR) 
where r = N/Ngpec, and N is the motor rotational speed. 


The performance is calculated for a specified power required (which might equal the power avail- 
able), flight condition, and engine rating. The motor power required determines the energy flow: 


Bees = E0cGe (q, n) = Preq/Nmotor 


where ¢ = Preq/ Peng, 2 = N/Nepec, ANd Nmotor is the motor efficiency. The generator energy flow to the 
fuel tank is related to the power required: 


ee = Eocge(4, n) = Preqtmotor 
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where ‘motor iS the generator efficiency. 


For a motor and fuel cell, the performance (mass flow and fuel flow) is calculated for a specified 

power required: 

Wreq = woc(4/n) = stcoo(Prea/N) 

Mreq =, moc (q/n) = Km fWreq 
Inlet and exhaust installation losses are included in the specific fuel consumption. The efficiency 
1 = Necellmotor includes both motor and fuel cell losses. The ratio of mass flow and fuel flow (ii, /) 
follows from the chemistry of the reaction. This is a simplified model for the fuel cell. For a better fuel 
cell model, use separate motor and fuel cell components, with a battery between to transfer the electrical 
energy. 


24-3 Efficiency 


Motor loss sources include copper (internal resistance, proportional to current-squared hence 
torque-squared), iron core (eddy current and hysteresis, proportional to rotational speed), and me- 
chanical (friction, proportional to speed, and windage, proportional to speed-cubed). Equivalent circuit 
and efficiency map models are implemented. The efficiency can also be a fixed value. 


24-3.1 Equivalent Circuit 


The motor or generator efficiency as a function of power is estimated considering an equivalent 
circuit, defined by internal resistance R and current Jp. The voltage is V = V, — IR. The efficiency is 
Nmotor = P/(P + Piss), from the power loss Piss; = 17R + Po. For small loss, J = P/V,. In terms of 


Peng, let 
1 1 
R/V = ( - 1) 
Pong ref 
Po= CPeng 
Then 
1 P 1 las 
=14+ P(R/V2)+ Po/P=1+ 1} +o—=8 
motor Pong ref P 


SO motor = (1/Mmer-+c)~ | at P = Pong. The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. 


24-3.2 Efficiency Map 


The motor or generator power loss is described as a polynomial in the motor torque and rotational 
speed: 


33 
Poss = Peng fioss + S- Ci,t'n? 
i=0 j=0 
where g = Preq/ Peng, = N/Nepec, andt = q/n. The factor ficss allows adjustment of the peak efficiency. 
Controller losses, including power conversion and conditioning, are represented by an efficiency ont. 


Then 
Prey qd 


= 1) 
Preq + Poss ope qd ai Piss / Peng 


Thmotor = "cont 


is the motor or generator efficiency. Constant efficiency implies just C;; = 1/7 — 1. The copper, iron, 
and windage losses imply Poss = K-Q? + KiN + KwN? + Ko = Peng (Cat? + Coin + Cogn*® + Coo). 
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Consider an efficiency map with a peak 7 at to = Qo/Qeng and no = No/Nspec. Taking the 
derivatives of (C2ot? + Coin + Cogn? + Coo) = nt(1 — 7)/n with respect to ¢ and n, and evaluating at to 
and no so On/Ot = On/On = 0, gives 


_tol~m _ 3Coo 


C 
a 4 No 2no 
Cha = to l-1 . Coo 
e Anz 0 2ne 
ng 1-1 
Co = —— 
20 = De ay 


(ref. 2). Note that Co; > 0 requires Coo < (noto/6)(1 — o)/no. 
In general, expanding the efficiency in ¢ and n about the peak gives 


1 Poss Poss 1 1 oe 2 as ~ ~ 2 
= - i 412 (1+a@-1 Pe SiGe eee ) 
= Bib t= ttle S14 aG- 1)? +86 @-1) + of%'- 


where t = t/to and 7 = n/no. Hence 


Re =tn (= ~ 1) =tn =-(1 + a(t — 1)? + b-1)(m-1) + e(n - 1?) — 7 + d(t — 1)?(% — 1)? 


The last term is introduced so the efficiency is zero at zero torque or zero speed. 


Alternatively, consider an equivalent circuit defined by internal resistance R, no load current Jo, 
motor constant K,, and friction Ky. So VV = V,, + IR (back emf V,, = N/K,), I = Im +10 Um = 
QnN/Vin = KvQm),Q = Qm—Q + (output torque, Q = Ky N). The input power is VI = (N/K,+IR)I, 
with I = K,Qm + Ip = K.(Q + KyN) + Ip. The shaft power is QN. Then the power loss is 


Poss = VI -QN = (N + (I/Kv)K2R)(I/Ke) — QN 
= n(Q i FNS Io/Kv) . (2 doREN A Ip/K,) K2R _~QN 
=N(KjN + lo/Ky) + (Q4+ KjN+ Ip/K») K2R 
This expression does not show a peak efficiency as a function of torque and speed. 
24-4 Weight 


The motor or generator weight can be a fixed input value, or calculated as a function of power or 
torque. As a function of power, the weight of one engine is: 


X motor ()X qmotor 
Wone eng — Komotor + KimotorP + KomotorP i Q oa 


where P = Pong, and Q = Preakr/Nepec (ft-lb or m-N) for takeoff rating R. Note then P*Q*s = 
P*+XaN-*a = N*Q* tes, 


Motor weight depends primarily on the peak torque. For the NASA15 model, the weight is: 


Wone eng = 05982 fists 
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where Q = Pyeakr/Nspec (ft-lb) for takeoff rating R. The structural design factor facsign = 1.0 for high 
torque-to-weight motors (Q/W > 3.5 ft-lb/lb), and facsign = 2.5606 for others. Based on 64 motors, the 
average error is 27.5% (fig. 24-5); 25% for high torque-to-weight and 29% for others. Including either 
maximum rotational speed or maximum power does not reduce the weight estimation error significantly. 
Considering only the high torque-to-weight motors, the weight is 


Wone age 0.3928Q°-8°8? 


Based on 25 motors, the average error is 21.8% (fig. 24-5). This sensitivity of motor weight to output 
torque capability is somewhat greater than the drive system trend. 


24-5 Scaling 


The parameters of the motor model can be defined for a specific motor, but it is also necessary to 
scale the parameters as part of the aircraft sizing task, in order to define a motor for a specified power. 
In addition, advanced technology must be represented in the model. 


The motor model includes reference values of the performance parameters: Por, Pocakr. The 
reference power at each rating R defines a ratio to MCP: rpor = Por/Poc. Similarly for torque limits: 
TmoR = Ppeakr/Poc. These ratios are kept fixed when the motor is scaled. The specification motor 
speed and base rotational speed are scaled with the power: 


Kns 
N. 2. Pret 
spec — +Yspec—ref 
Peng 


Kno 
Pret ) 
Pong 


The speed ratio N/Ngpec influences the efficiency map and the torque limit. Then Peakr scales as 

Pong Nspec/Nspec—ref Pret ane 

Pret Npase/Nbase—ret Pong 

So Poeakr Just scales with Pn, if Kys; = Ky». Depending on the design approach, Ay, ranges from 
about 0.8 to zero (constant Npase) to about —1.2 (Mpase Increase with power). 


Nbase = Npbase—ref ( 


PpoeakR = PpeakR—ret = rmoRPeng ( 


The motor size is specified as power P.»,, which is the power at takeoff rating R, for sea level 
standard (SLS) static conditions. Hence the MCP power is Poc = Pio/Tpor, and the power at all other 
ratings follows. If Poc is not equal to the reference value of the motor model, then the motor is scaled. 


24-6 References 


1) McDonald, R.A. “Electric Motor Modeling for Conceptual Aircraft Design”? AIAA Paper No. 
2013-0941, January 2013. 


2) McDonald, R.A. “Electric Propulsion Modeling for Conceptual Aircraft Design’? AIAA Paper No. 
2014-0536, January 2014. 
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Figure 24-1. Motor maximum power and peak torque. 
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Figure 24-2. Motor maximum power and continuous power (MRP/MCP). 


218 


10000. 


weight (Ib) 


density (Ib/ft3) 


1000. 


100. 


10. 


Motor Model 


350. 


300. 


250. 


200. 


150. 


100. 


100. 1000. 10000. 100000. 
peak torque (ft-lb) 


Figure 24-3. Motor weight. 
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Figure 24-4. Motor density. 
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Figure 24-5. Motor weight (NASA1I5). 
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Chapter 25 


Referred Parameter Jet Engine Model 


Design and analysis codes calculate aircraft performance for a very wide range of operating con- 
ditions. Thus the jet performance model must be realistic even far from the design point. A simple 
thermodynamic cycle analysis that assumes design point component efficiencies everywhere is not real- 
istic for such an application. Rather than developing models for component performance, the approach 
taken is to use a model for the total turbojet or turbofan performance. The jet is not being designed. 


The Referred Parameter Jet Engine Model (RPJEM) is based on curve-fits of performance data for 
existing or projected jets over a range of operating conditions. The use of referred parameters tends 
to collapse the data and provides a basis for scaling the jet. The operating condition is described by 
pressure altitude, ambient air temperature, flight Mach number, and either jet rating or jet thrust required. 
The parametric model is scaled to the required size and adjusted to the appropriate technology level to 
represent a notional jet. Jet size is represented by mass flow. Jet technology is represented by specific 
thrust available and specific fuel consumption at maximum continuous thrust (MCT), sea level/standard 
day (SLS), static (zero airspeed) conditions. Jet installation effects are also modeled. 


25-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature Tq and pressure 
Dsta) for a specified pressure altitude; the sea-level standard conditions (temperature Ty and pressure po); 
and the operating temperature T and pressure p. Here the temperatures are °R or °K. The characteristics 
depend on the temperature ratio @ = T/T and pressure ratio 6 = p/po. 


The flight Mach number M = V/c, = V/csoV@ is obtained from the aircraft speed V. 
The inlet ram air temperature ratio and pressure ratio are obtained then from / and the inlet ram 


recovery efficiency na: 


Ou = (1 + 1 * "| = (1+0.2M?) 


Y 


—] a1 
Sip (1 &: 1 nat?) = (1+0.2naM?)*” 
where the ratio of specific heats 7 = 1.4. 


25-2 Performance Characteristics 


The uninstalled thrust required is T,, the thrust available T,. The jet model calculates T, as a 
function of flight condition and engine rating; or calculates mass flow and fuel flow at T,. The specific 
thrust is ST = T/m, and the specific fuel consumption is sfc = w/T. A turbofan engine has a bypass 
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ratio G = mifan/m. The forces produced by mass flow that does not go through the core or fan are treated 
as momentum drag Daux. 


The reference performance is at sea-level-standard static conditions (subscript 0), and MCT (sub- 
script C). For each rating R, the performance is characterized by the following quantities for sea-level- 
standard static conditions: thrust Tor, specific thrust STor, and mechanical thrust limit Tyecnr. The 
mass flow is then rnor = Tor/STor. 


The difference between net and gross thrust is the momentum drag: Ty = Te — m(ST)mom, 
where (ST) mom = (1+ 8)V for turbojet or turbofan, or (ST) mom = Orreact for reaction drive. Note 
that traditional units for mass flow are pound/sec (pps), while this equation requires slug/sec (ireq/9 
replaces 7itreq). 


25-3 Installation 


The difference between installed and uninstalled thrust is the inlet and exhaust losses Tiss: Tay = 
Ta — Thoss ANd Treg = Ty — Tioss. The inlet and exhaust losses are modeled as fractions of thrust available 
or thrust required: Tioss = (Cin + Cex)Ta OF Tioss = (Cin + €ex)Ty. The momentum drag of the auxiliary 
air flow is a function of the mass flow titaux = fauxtreq: 


Daux = (1 = Naux.) MauxV = (1 = Naux) fauxMreqV 


where ‘jaux 1S the ram recovery efficiency. Exhaust losses (¢.,.) and auxiliary air flow parameters (naux, 
faux) are defined for infrared suppressor on and off. 


25-4 Thrust Available 


Given the flight condition and jet rating, the thrust available T,, is calculated as follows. The gross 
specific thrust and referred mass flow (relative to ST) and rnp for this rating) are approximated by 
functions of the ambient temperature ratio 0, here just: 


X sta 
ST, = STy VO [oun] 
Xmfa 
tila = To (5/v@) [arVOx1] : 
The thrust available is then 
statXmfa 


x 
Ta = STama _ Ma(ST) mom = Tod [5x0 V Ax1| a Ma(ST) mom 


This expression for 7, is used only to calculate T,,; elsewhere the rn, expression below (for performance 
at thrust required) is used to obtain the mass flow at a thrust 7). 


25-5 Performance at Thrust Required 


The jet performance (mass flow and fuel flow) is calculated for a specified thrust required T,, flight 
condition, and jet rating. The referred quantities (relative to SLS static MCT quantities) are approximated 
by functions of referred gross thrust t = (Ty + 7(ST) mom) /(Loc9): 


Wreq = Woc (5v8) (Ks qo + Kp fait + Kp gaat?) [Om] 71" 


Mreq = moc (5/v@) thmta [Ou)*™ 
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The mass flow solution is 


. 1 Kmfq = 9 
Mreq =1:5/0=a) Kmfq = 1 
thoc(5/V8) [Ou —(a/2) + \/(a/2)? +6 i = 1/2 


where a = (ST) momtoc [Ou]*""4 /Too V0 and b = T,/Tocd. 


25-6 Scaling 


The parameters of the jet model can be defined for a specific turbojet or turbofan, but it is also 
necessary to scale the parameters as part of the aircraft sizing task, in order to define a jet for a specified 
thrust. In addition, advanced technology must be represented in the model. Scaling and advanced 
technology are handled in terms of specific thrust and specific fuel consumption (at SLS static conditions 
and MCT). Figures 25-1 through 25-3 present historical data for jet specific fuel consumption, weight, 
and specific thrust. 


The jet model includes reference values of the performance parameters: Tor, STor, Tmechr, and 
sfcoc. Mass flow and fuel flow are obtained from rior = Tor/STor and woc = sfcocToc. The reference 
thrust at each rating R defines a ratio to MCT: rior = Tor/Toc. Similarly for specific thrust and 
mechanical limits: roe = STor/SToc and rmor = Tmechr/Toc. These ratios are kept fixed when the 
jet is scaled. 


The jet size is specified as takeoff thrust T;, = Teng, which is the thrust at rating R, for SLS static 
conditions. Hence the MCT is Toc = Tio/rtor, and the thrust at all other ratings follows. If Toc is not 
equal to the reference value of the jet model, then the jet is scaled. To reflect advanced technology, 
the specific thrust and specific fuel consumption can be specified: SToc = STiech and sfeoo = sfttech 
(replacing the jet model reference values). The default values are the reference values of the jet model. 
In the following paragraph, the subscript “tech” refers to these quantities; the subscript “ref” means the 
jet model reference values. 


The jet technology parameters S'Toc and sfcoc are assumed to vary linearly with mass flow rnoc up 
to a limit mim, and constant thereafter at S7j;,, and sfcjin. The mass flow at the technology condition 
1S Mech = Tret/STrech, With the technology values S'Ti.ch and sfctech. The intercept values are projected 
from the technology values: Ksi9 = STtech — KstiMtech, Kst1 = (STiim — STtech)/ (trim — Mtech); and 
similarly for sfc. Then for thac < Mim 


SToc = Ksto + Kstithoc 
sfcoc = Ksfco + Ksfeitmoc 


and for moc > Mim 
SToc = STiim 


sfcoc = sfciim 


These equations are used if rim > THtech. Otherwise the model sets Ks:1 = Ksfe1 = 0, So there is no 
variation with scale: SToc = STiech and sfcoc = sfctech. Usually the effect of size gives Kst2 > 0 and 
K feo < 0. The thrust at the limit is Tin = STiimim. Figure 25-4 illustrates the scaling of SP, sfc, and 
SW. 
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specific fuel consumption (1b/Ib-hr) 
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takeoff thrust (Ib) 


Figure 25-1. Historical data for turbojet and turbofan specific fuel consumption. 


weight (Ib/Ib) 


0. 20000. 40000. 60000. 80000. 100000. 


takeoff thrust (Ib) 


Figure 25-2. Historical data for turbojet and turbofan weight. 
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Figure 25-3. Historical data for turbojet and turbofan specific thrust. 


Using tnoc = Toc /SToc, the specific thrust equation can be solved for the mass flow given the 
thrust: 


Too /K sto Kei = 0 
moc = Too /STiim Toc = Tiim 
Ko )2 Toc Ko i 
(sey)? + ee - ae otherwise 


From this mass flow, SToc¢ and sfcog are calculated, hence the fuel flow woc = sfeg¢Toc. Then the thrust 
and specific thrust at all ratings R are obtained from the ratios: Tor = riorToc, STor = rsorSToc, and 
TmechR = Tmortoc- 


The actual (perhaps scaled) values of the performance parameters are available for the jet group: 
Tor; STor; TmechR and sfcoc. 


25-7 Weight 


The jet weight can be a fixed input value, or calculated as a function of thrust. As a function of 
thrust, the weight of one jet is: 


Wone jet = Kojet 5 KyjetT + Kje¢T 


where T is the installed takeoff thrust (SLS static, specified rating) per jet. A constant weight per thrust 
W/T is given by using only ijt. 
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Figure 25-4. Turbojet or turbofan scaling; ST = T/m, sfc = w/T, and SW = T/W. 


25-8 Units 


In this jet model, only the reference values and scaling constants are dimensional. Conventional 
English units and SI units are shown in table 25-1. Units of specific thrust and specific fuel consumption 


follow from these conventions. 


Table 25-1. Conventional units. 


thrust T 


mass flow m fuel flow w 


English: pound 


SI: Newton 


pound/sec pound/hour 
kilogram/sec kilogram/hour 


Chapter 26 


Fuel Cell Model 


A fuel cell burns a fuel (typically hydrogen) and generates electrical energy, which is stored in a 
fuel tank system or used directly by a motor. The energy flow defines the power required. The power 
available is related to the size Ponrg. The model follows reference 1. 


26-1 Operating Environment 


The operating condition and atmosphere give the standard conditions (temperature T;¢q and pressure 
psta) for a specified pressure altitude; the sea-level standard conditions (temperature To and pressure 
po); and the operating temperature T and pressure p. Here the temperatures are °R or °K. The engine 
characteristics depend on the temperature ratio 0 = T/T and pressure ratio 6 = p/po. 


The flight Mach number M = V/c, = V/cso V0 is obtained from the aircraft speed V. 
The inlet ram air temperature ratio and pressure ratio are obtained then from / and the inlet ram 
recovery efficiency 7a: 
-—1 
ony = (14 54a’) = (140.21) 


es 
7-1 


=| 3. 
w= (145 uM?) = (1+0.2nyM?)*” 


where the ratio of specific heats 7 = 1.4. 


26—2 Fuel Cell Performance 


The performance of a fuel cell is characterized by the single cell behavior: voltage v, as a function 
of current density i.. The corresponding power density is p. = vci-. The maximum possible voltage 
is the cell ideal reversible voltage E;,, obtained when all the energy available is converted to electrical 
energy. The efficiency of the cell is 7 = v./E;,. From the fuel specific energy eg.) (MJ/kg), the specific 
fuel consumption is then sfc = w/P = efuei/ = CtuaLn/Ve- 


Figure 26-1 shows the typical performance of a proton exchange membrane fuel cell. For hydrogen, 
Ey, = 1.472 volts. The voltage is reduced by activation losses (low current), Ohmic losses, and mass 
transport losses (high current). The performance depends on the cell pressure 6,., increasing as the 
operating pressure increases. A voltage reduction corresponds to a reduction in efficiency. There is a 
maximum power density pmax at Umax, Where du./di., = —v,/i.. The system is designed to operate at a 
current below the maximum power. 
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The fuel cell system consists of n, individual cells in series, with total area A. Then V = n,v,, 
I = Ai,, and the total power is P = VI = n,Ap,. The total fuel flow is proportional to the current, 
w=sfcP = Cfuel Le ANcAle. 


Consider a fuel cell with maximum continuous power Pp (MCP), designed for current density 
ta, from which vg and pg are determined. The design point is sea level static conditions, nominal 
temperature, and design cell pressure. The controllers, wiring, compressor, and other subsystems are 
designed for this current, so the total system weight will depend on Pp. As ig decreases, less fuel is 
used (larger efficiency) but the weight is more (larger n..A). The fuel cell can operate for a short time at 
a higher power (MRP). The power density p. = (MRP/MCP)pg gives the corresponding current density 
imrp. There is also an absolute maximum on the power. The cell efficiency at the design point is 
Np = va/En, hence sfcp = (€fuerEn/Va)/Nenrg and the fuel flow is wp = sfepPp. The system specific 
fuel consumption can include additional losses in terms of an efficiency ‘cnrg. 


The cell pressure depends on the atmospheric pressure ratio 6, inlet ram pressure ratio d,,, and 
compressor pressure ratio mc: 6. = dduamc. It is assumed that the cell temperature is maintained at 
the design value. The cell performance v,(i-) is required at the design conditions (6, = 7c) and at the 
operating conditions of the mission. The performance dependence on cell pressure can be captured by 
scaling the current with 5. fe: given the reference characteristics vye¢(irep) for 6. = 1, 


. 5 ie KP 
Ve = Vref (ref = te/0e 4 ) 


Typically X, = 0.38; increasing 5, then reduces i,.¢, increasing v, and the efficiency. This scaling leaves 
the voltage at maximum power unchanged. The reference characteristics are only needed to maximum 
power. From nominal performance at the design pressure ratio, dnom = 7c, the reference characteristics 


‘ : X fe 
ale Vref = Vnom at trep = inom /Onom- 


The ratio of mass flow and fuel flow follows from the chemistry of the reaction. For hydrogen and 


air 
AA MA AA 


Hl 68.59 


AH tomy = AH 
The molar masses of hydrogen and air are my = 2.016 and m4 = 28.97 g/mole; xo = 0.2095 is the molar 


fraction of oxygen in air. The supply ratio \4/A7~7 = 1/2 from stoichiometry, and typically A4/Aq © 1.25 
in practice. 


The fuel cell is described by the static power Por at rating R, the MCP specific fuel consumption 
sfcoc, the design current iq and compressor pressure ratio 7c, the mass flow ratio K,,, and the cell 
characteristics vU;ef(érer). The cell characteristics are only used as ratios to the design values. 


26-3 Power Available 


Given the flight condition and charger rating, the power available P,,, = Pees 


P 
Pee = Pog 


Pda 


: : : : : Xe . 

where p, is obtained from the rated current ig. From vr = vyet(iree = ip/dc 7°), DR = VRin. The 
. : hs : : . X fe. 

maximum power density pmax = Umaxtmax iS obtained from imax = 0c *°tret(Urep = Umax). Then pg = 


min(pp, Dmax) . 


Fuel Cell Model 229 


26-4 Performance at Power Required 


The fuel cell performance (fuel flow and mass flow) is calculated for a specified power required 
Peg = Eqcen and flight condition. The current i, required at py = pa(Preq/Poc) is obtained from 
De = beret (tret = i-/be7) as a function of i,. Then 


Wreq = Woc (tg/ta) 


Mreq = Kim fWreq 


where woc = sfcoc Poc. 


26-5 Simple Model 


Constant v,-¢ implies constant efficiency and specific fuel consumption, and so p, proportional to 
+. with no maximum power density. Then the rated power available and specific fuel consumption are 
constant: Pow — Por, Wreq = Woc(Preq/Poc) = sfcocPreqs Mreq => Km fWreq: 


26-6 Weight 


The fuel cell weight can be a fixed input value, or calculated as a function of power. As a function 
of power, the weight of one charger is: 


Xce 
Wone chrg — Kocel a KicenP + K2ceiP is 


where P is the installed power (SLS static, specified rating) per charger. A constant weight per power 
W/P is given by using only Kycen. 


26-7 References 


1) Datta, A., and Johnson, W. “Powerplant Design and Performance Analysis of a Manned All-Electric 
Manned Helicopter.” Journal of Propulsion and Power, Vol. 30, No. 2 (March-April 2014). 
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Figure 26-1. Characteristic performance of a proton exchange membrane fuel cell. 


Chapter 27 
Solar Cell Model 


A solar cell generates electrical energy, which is stored in a fuel tank system. The energy flow 
defines the power required. The power available is related to the size Ponr,. The solar cell is characterized 
by power density esolar (W/m?) and weight density osoiar (kg/m*). From the size Punrg, the area is 
Asolar = Penrg/€solar3 and then the weight is Wone chrg = Weolar = Asolar@solar- 


Given the flight condition and the charger rating, the cell power available is P,, = Euce = Po. The 
power required P,.., is defined by the charge group energy flow. The cell power required is 


Eqcell = PocGe (q) = Pres | Neches 


where q = Preqg/Poc, and nenrg iS the solar cell efficiency. 


The solar cell efficiency as a function of power is estimated considering an equivalent circuit, 
defined by internal resistance R and current Jp. The voltage is V = V, —IR. The efficiency is 
Nehrg = P/(P + Piss), from the power loss Piss = I?R+ Pp. For small loss, J & P/V,. In terms of Ponres 


let , ; 
R/V? = ( - 1) 
/ Pore Nref 
Po = CP erg 
Then 


P 1 P, is 
=1+ P(R/V2) + P)/P=1+ ( 1) +¢ = 
Nechrg Ponre ref P 


SO tenrg = (1/Mret + c)-latP = Ponrg. The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed 
value. 


A simple model requires the power density esolar and weight density osolar, With efficiency included 


in €solar (Nehrg = 1). 
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Chapter 28 
Battery Model 


A battery is a fuel tank system for which the fuel quantity stored and burned is measured in energy. 
The unit of fuel energy is Mega-Joules (MJ). For reference, 1 kW-hr= 3.6 MJ. The operating state affects 
the efficiency of the relation between useful power and the rate of change of the energy stored. The 
battery model produces the charge/discharge efficiency. The battery model can be used for capacitors 
and flywheels as well. References 1-6 provide background for the model. 


The components associated with a fuel tank system (motor, generator, fuel cell, and solar cell) 
define the total energy flow Ecomp (charge or discharge). Accounting for efficiency and losses gives the 
battery energy flow Eat. Accounting for battery capacity then gives the effective energy flow Fug. The 
change in stored energy is calculated from Eq and time. The convention is that energy flow E > 0 for 
discharge, and E < 0 for charge. Power and current are positive for both discharge and charge. 


The battery capacity is Efuci-cap (maximum usable fuel energy). The battery is characterized 
by specific energy etank (MJ/kg) and energy density ptank (MJ/liter), so the tank weight and volume 
are obtained from the capacity. The current amount of energy stored is F;,.1. The state-of-charge is 
8 = Efuei/Etuel—cap; the depth-of-discharge is d= 1— s. 


The charge capacity is C (A-hr). C is the usable capacity at low current and a reference temperature. 
Typically 20-30% of the stored charge is not usable at nominal conditions, which is accounted for in 
the capacity through the specific energy and energy density values. The corresponding energy capacity 
is obtained for a reference voltage, E = CV, (W-hr, expresssed in MJ). Then the specific energy 
(conventional units W-hr/kg) gives the weight, and the energy density (conventional units W-hr/liter) 
gives the volume. The current is measured in terms of the charge capacity: I = «C (A), corresponding 
to a discharge time of 1/2 hours. The units of x are 1/hr. The maximum burst discharge current (mbd) 
1S Umba- 


The usable capacity decreases with time and duty cycles, depending on the temperature and current. 
This factor is assumed to be constant during a mission or flight condition. Capacity fade is accounted 
for using a factor fade < 1 on the available capacity or on the energy flow. Thus the effective energy 
flow is obtained by dividing the actual energy flow by fade. 


The capacity depends on the discharge current. The Peukert model assumes /*T' = constant, where 
T is the discharge time for current J = «C,.¢. The Peukert coefficient k = 1.2 to 1.3 for lead-acid batteries, 
and k = 1.01 to 1.05 for lithium-ion batteries (weak dependence). Thus the capacity C = IT ~ 1/a*-!. 
An increase in current by a factor of 10 means a 2—11% reduction of capacity for lithium-ion batteries. 
For a larger current, the battery reaches a specified discharge voltage sooner, hence effectively has a 
reduced capacity. 
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The specific power is 7hatt (KW/kg). The power capacity is obtained at the maximum burst discharge 
current: 


Poap = ImbaVret = LmbdCVreot = LmbdLtuel—cap 


(for Peap in W and Efuel—cap in W-hr). Hence given tmba, Thatt = Tmbdetank/3.6 (kW/kg from MJ/kg). 
Typically x4 is smaller for large capacity, implying a trade between high specific power and high 
specific energy. 


28-1 Equivalent Circuit Model 


The discharge or charge efficiency as a function of power is estimated considering an equivalent 
circuit, defined by internal resistance R and current Jp. The voltage is V = V, — IR. The efficiency is 
Natt = P/(P + Poss), from the power loss Pos; = 17R + Py. For small loss, J = P/V,. In terms of a 
reference power P..¢ = Peap, and battery power P = foe |, let 


1 1 
R/V2 = ( - 1) 
/ Pret Nref 


Po = CProt 


Then 


=14+ P(R/V2)+ Po/P=1+ a ( s 1) peer 
batt Pret \ Met P 

So matt = (1/Met +c)! at P = Prep. The efficiency decreases with P because of the internal resistance, 
but is zero at P = 0 because of the internal current term. Alternatively, the efficiency can be a fixed value. 
The current is « = 1/C = P/VoC © tmpaP/ Pret = Lmbd|Ecomp| /Pcap- Given the maximum current tmax, 
the maximum battery power is Pmax = (Lmax/@€mbd)Peap- 


For discharge, the battery energy flow is Ebatt = Bikes /Nbatt = Pee + Piss. Then the effective 
energy flow is Eo = Ebatt / fraae. For charge (negative energy flow), the battery energy flow is Ebatt = 
EcompNbatt = Piss + Piss. Then the effective energy flow is Eve = Epatt /ftaae. The battery power 
margin is Prax — koterie 


28-2 Lithium-Ion Battery Model 


The capacity and power of currently available lithium-ion batteries are shown in figure 28-1. The 
power shown corresponds to the maximum burst discharge current, Poap = @mbaEfuel—cap- The cell 
reference voltage is typically Veg = 4.2 V. The maximum continous discharge current is in the range 
Lmea = 1-30 (fig. 28-2). The maximum burst discharge current (which equals the power divided by 
capacity) is in the range x,5q = 10-50 (fig. 28-3), with v,,q = 10 for large capacity. Values of 254 
above 100 are achievable, but such high-power/short-duration capability will not have much application 
to aircraft. The maximum charge current is typically tccmax = 1-5 (fig. 28-4). Figure 28-5 shows 
the corresponding specific energy etanx and specific power part = Umbdetank- The specific energy is 
typically etank = 50-200 W-hr/kg = 0.2-0.7 MJ/kg. Figure 28-6 shows the specific energy etank (W- 
hr/kg) and the energy density piank (W-hr/liter). The battery density is 2-3 kg/liter for all configurations 
(cylindrical, pouch, prismatic). 


The battery temperature is likely controlled, for safety and efficiency. The operating temperature 
depends on the environment ambient temperature, internal heat production, and active heating or cooling. 
Internal heat production includes that due to internal resistance (J?R), and radiation and convection 
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(roughly proportional to the difference between cell and ambient temperatures). The cell temperature 
T, is defined for a flight condition, or at the start of a mission. Without active temperature control, 
during a mission the cell temperature changes: dT./dt is proportional to the internal heat production. 
With temperature control, there is a power loss associated with the control system, depending on the cell 
temperature relative to ambient, hence on the internal heat production. As a simple model, it is assumed 
that this loss is a fraction frc of the total power. 


28-2.1 Discharge Characteristics 


The lithium-ion battery voltage during discharge depends on the discharge capacity (depth-of- 
discharge d), current (J = xC), and cell temperature (T..). Figure 28-7 shows typical variation of the 
voltage V at constant current and constant temperature. The nominal energy capacity EF = CVye¢ is 
obtained from the nominal charge capacity C and a reference voltage V,.r. The open-circuit voltage Vz 
is the voltage at zero current, a reference temperature T,.¢, and 100% charge. Typically the cell voltage 
is Vj = 4.2 V, and Va is used as the reference V,.¢. The actual battery capacity is determined by the 
voltage reaching a critical value Vii, (typically 2-3 V). Usually V decreases gradually with d, so the 
voltage provides a measure of depth-of-discharge. The decrease of V with current is primarily due to 
internal resistance. The voltage also decreases as temperature decreases (fig. 28-7). There is amaximum 
discharge current (continuous or burst), which gives the rated power: Poap = ImbaVref = LmbaC Veer. The 
actual battery power supplied is P = IV. 


The voltage variation with current is primarily due to the internal resistance: V = V, — IR. The 
open circuit voltage decreases with depth-of-discharge: V, = VaFy(d), such that Fy = 1 atd = 0 
and Fy = ferit = Verit/Va at d = 1; and Va = faVrer. For large discharge (d approaching 1), there 
is a secondary influence of current, which can be modelled by adjusting the discharge by a factor k. 
Then the capacity is given by Fy (kd) = fori. Variations of the voltage with current are scaled using 
I= 2C = (&mbaC)(“%/Lmba). The influence of temperature on the open circuit voltage V, is reasonably 
accounted for by an increment proportional to the cube of the temperature difference AT = T. — Tyee. 


The model for the discharge voltage is 


LmbaCR 


V = VaFy (kd) + kyr AT? — IR = VaFy (kd) + kyr AT? — Veot .: 
ref 


(a/Lmbd) 
with 
k =1+ karl — kar AT = 14 (kartmpaC) (@/tmba) — kar AT 


The open circuit voltage function Fy(d) is derived from V(d) as a function of J and T,: Fy = (V — 
kyr AT? + IR)/Vq at kd. The model parameters R, kyr, kg, and kar are adjusted for a good fit to the 
measured discharge characateristics. Figure 28-8 shows F\(d) obtained for a number of lithium-ion 
batteries. Typically fois = 0.6. That d 4 1 at Fy = frit reflects the definition of nominal capacity for 
the battery characteristics. Table 28-1 gives a typical Fy (d) function. The function extends below ferit 
since high temperature can increase the voltage. Figure 28-9 shows the current parameters x,5¢C R/Vret 
and kai%mpaC for a number of batteries. Generally x,,5¢C R/Vrer= 0.05—0.20 and kartmbaC = O-0.25. 
Figure 28-10 shows the temperature parameters kyr and kar for a number of batteries. 


The battery power available to the components is 


Ecomp = P = IV = I(VaFy (kd) + kyr AT?) — P??R- Pro = Epatt — Pioss 
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including power loss for temperature control. Hence 


Epatt = Prap (faFv (kd) + (kvr/Vrer) AT?) 
Pisas — PugRke + fro|Ecompl 
k=1+ kar€ — kar AT 


where € = x/@mba, R= LmbdCR/Vrer, and haz = karXmpaC. The battery capacity for a given current 
and temperature is obtained by finding kd.,i, such that 


V = VaFy (Kderit) + Rvr AT? — IR = Vaferit 


or 
Fy (kderit) = ferit + (RE — (kvr/Veot) AT?) / fa 


Then doit = (Kderit)/k, and the effective capacity is derit fradeHtuel—cap- Rather than change the fuel tank 
capacity, an effective fuel flow is used: Eee = Ebatt /(derit ffade) + 


For a flight condition or mission segment, the total energy flow required is E.omp. The temperature 
T. is specified. The depth-of-discharge is d = 1 — s = 1 — Efuei/Efuci-cap. The discharge current 
L = Lmpa€ is calculated from the required energy flow: 


(Ecomp a Piss) /Peap 


© = Fy (kd) + (vr /Vees) AT 


Successive-substitution solution for €, with fc,i, as the minimum for Fi, converges in about 10 iterations. 
Since Fy is a monotonically decreasing function of d, d.,, is obtained from « by interpolating d(F/). 
Then Byatt = eee + Piss, and the battery efficiency 1s hart = Pisces / Evatt. The effective energy flow 
is Fog = Epatt /(derit ffade). The maximum battery discharge power is Pax = Evatt evaluated at tas 
or at a specified discharge current. The battery power margin is Pax — |Ebate|- 


Table 28-1. Lithium-ion battery open circuit voltage. 


depth-of-charge d Fy depth-of-charge d Fy 

0.00 1.000 0.92 0.842 
0.10 0.970 0.93 0.835 
0.20 0.950 0.94 0.826 
0.30 0.930 0.95 0.815 
0.40 0.915 0.96 0.800 
0.50 0.900 0.97 0.780 
0.60 0.890 0.98 0.750 
0.70 0.880 0.99 0.700 
0.80 0.870 1.00 0.600 
0.90 0.850 1.01 0.400 
0.91 0.847 1.02 0.000 


28-2.2 Charge Characteristics 


Lithium-ion battery charging is controlled for safety, with limits on minimum and maximum voltage, 
maximum current, and minimum and maximum temperature. Standard charging procedure consists of 
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constant current (CC) followed by constant voltage (CV). Figure 28-11 shows the voltage, current, and 
capacity variation with charging time. The charging current is Io¢ = tcocC; the maximum charging 
current is typically tocmax = 1—5 (fig.28-4). The charging voltage is V. = f. Vier; typically V. = Vier = 4.2 
V. The state-of-charge is s. 


During the CC phase, the voltage starts at a fraction key (typically 0.05—-0.20) below V, and increases 
with time, reaching V, at time t. = a/acc. The charging model assumes linear variation of the voltage. 
During the CV phase, the voltage is fixed at V., while the current decreases rapidly. The charging model 
assumes the current varies inversely with the square of the time increment since t.. The charge is then 
the integral of the current, Q = i I dt; and the state-of-charge s = Q/C. The charging power is P = IV. 
Table 28-2 gives the charging model as a function of normalized time 7 = t/t. — 1 = tucc/o—-1. 


Table 28-2. Lithium-ion battery charging model. 


CC phase, t <t.,7 =—1to0,s<o CV phase, t >t.,7 > 0,8 >0 
tocC 
=> => I = = 
current L=2C=2¢ccC aC (1+ ker)? 
voltage V=V.(1+ kevT) dem A: 
a _ 6. 1 + (Ker AG le 
charge Q = xcoCt = oC(1 +7) oe aa a a 
1+ (ker + 1)r 
state-of-charge s=zcct =o(1+7) as “ ae 
1 
= = Cc 1 ke iP _ Cs C77 1 BE _-\2 
power P=2CV = tcoCV.(1 + kev) BONES HaGONs (1+ ker)? 
ti we. 1 => ri == : 
ime CS © Te ka(2—1) 


Att = t. (7 = 0), the current and voltage have the CC/CV values (I = xccoC,V = V.), the state-of-charge 
s =o, and the charging power is at the peak (P = tccCV. = Peap(tcc/tmba) fe). For s = 1 at large 
time, k.; must be related to oc: 1/o = 1+1/k,7; the measured CV capacity is matched better with smaller 
values for k.;. Figure 28-12 shows the charging parameters k.y and k,; for a number of batteries. 


For small charging current roc, the voltage V, is reached at the nominal charging time t. = 1/rcc. 
So the CC phase is the entire process, and s = xcct. For higher current, the voltage V.. is reached sooner, 
at t. = 0/xcc with o < 1. Then the CV phase is required to complete the charging. For a given battery, 
o = lat low charge current, and o decreases with increasing xcc. Figure 28-13 shows 1/o and 1+1/ker 
for a number of batteries. An approximation for the variation of o is 


1 

ea eee =1+k.(xec — 0.2) 
Oo Ker 

above roc = 0.2, with k, depending on the battery. 


For a flight condition or mission segment, the total energy flow delivered to the battery is E.omp. The 
temperature T, is specified. The state-of-charge is s = Efuei/Etuci-cap. The charge current « = tmpa€ 
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is calculated from the required energy flow, |Epatt| = P=I1V = &mpaCV = Peoap§V/Vrer. In the CC 
phase (r < 0,5 <0): 
g = ((lBcomp| 1 Fis) (Pass) (40 + kevT) 


and zcc = x. In the CV phase (7 > 0, s > a): 
E = ((1Bcomp| _ Pua) Peay ts 


and acc = 2(1+ kT)”. Successive-substitution solution for € converges in about 10 iterations. First 
the CC solution is found, then if 7 > 0 the CV solution is found (with an upper limit on xcc). Then 
Evatt = Bae + Pross, and the battery efficiency is att = Esscel ee The effective energy flow is 
Eo = Evatt /ftaae- The maximum battery charging power is Pyax = P evaluated at current ecomax, OF 
at a specified charge current acc. The battery power margin is Pnax — |Ebatt|- 
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Figure 28-1. Lithium-ion battery capacity (W-hr) and power (W). 
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Figure 28-2. Lithium-ion battery maximum continuous discharge current. 


240 


power/capacity (1/hr) 


Xmbd = 


XCCmax ( 1/hr) 


150. 


125. 


100. 


~] 
mn 


n 
S 


N 
mn 


16. 


12. 


Battery Model 
fo) 
0° 
° 
fo) 
0 O° 
fo) 
O° 
fo) 
9 00 
O o oO 
fo) fe) 
role) O50 


01 ii 


10. 100. 1000. 10000. 
capacity (W-hr) 


Figure 28-3. Lithium-ion battery maximum burst discharge current. 
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Figure 28-4. Lithium-ion battery maximum charge current. 
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Figure 28-5. Lithium-ion battery specific energy (W-hr/kg) and specific power (W/kg). 
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Figure 28-6. Lithium-ion battery specific energy (W-hr/kg) and energy density (W-hr/liter). 


242 


voltage (V) 


voltage (V) 


charge current (25 °C) 
42 


0.3C 
——<——" 6c 
40 N — — — - 10C 
a 2.0C 

Se OS RY . 
3.8 a = ey 
\ ks —-—-- 40C 


Battery Model 


00 O1 02 03 04 O05 06 O07 O8 O9 1.0 


depth-of-discharge 


42 temperature (0.3C) 


40 °C 

40 SS OC 
== 9 

O62 Se a RE -20 °C 


-40 °C 


3.6 


34 


3.2 


3.0 
00 O11 02 03 O04 O05 O06 O7 O8 O9 1.0 


depth-of-discharge 


Figure 28-7. Lithium-ion battery discharge characteristics. 
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Figure 28-8. Lithium-ion battery open circuit voltage function. 
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Figure 28-9. Lithium-ion battery discharge model, current parameters. 
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Figure 28-10. Lithium-ion battery discharge model, temperature parameters. 
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Figure 28-11. Lithium-ion battery charge characteristics. 
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Figure 28-12. Lithium-ion battery charge model parameters. 
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Figure 28-13. Lithium-ion battery charge model, CV parameters. 


Chapter 29 


AFDD Weight Models 


This chapter presents the rotorcraft weight models developed by the U.S. Army Aeroflightdynamics 
Directorate (AFDD). For some weight groups several models are available, designated AFDDnn. The 
weights are estimated from parametric equations, based on the weights of existing turbine-powered 
helicopters and tiltrotors. The figures of this chapter compare the weights calculated from these equations 
with the actual weights. The results of these equations are the weight in pounds, and the units of the 
parameters are noted in the tables. Technology factors x are included in the weight equations. The input 
usually includes a weight increment dW that can be added to the results of the weight model. Thus 
typically a component or element weight is obtained from W = ywmoae + dW. Weight of individual 
elements in a group can be fixed by using dW and setting the corresponding technology factor , = 0. 
With x # 0, the increment dW can account for something not included in the parametric model. 


The weight models are implemented as part of the aircraft components. The weights are entered 
into the weight statement data structure (extended RP8A format) for each component, reflected in the 
organization of this chapter. 


29-1 Wing Group 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). There are separate models for a tiltrotor 
or tiltwing configuration and for other configurations (including compound helicopter). 


29-1.1 Tiltrotor or Tiltwing Wing 


Wing weight equations for a tiltrotor or tiltwing aircraft are based on methodology developed by 
Chappell and Peyran (refs. 1 and 2). The wing is sized primarily to meet torsional stiffness requirements. 
The primary structure weight is calculated from torque box and spar weights: 


Woox = ArbPtbbw / exp 
Wspar in CyAsp Pap lust Cap 
Wprim = (Woox + Wspar) funits 


Worim = XprimWprim 
A consistent mass-length-time system is used in the equations for Wpox and Wspar, Which therefore have 


units of slug or kg. The primary structure weight W,,in however has units of lb or kg, hence a conversion 
factor funits = g is required for English units. The wing fairing (leading edge and trailing edge), control 
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surface (flaps, ailerons, flaperons, and spoilers), fittings (non-structural), and fold/tilt weights are: 


air — fair fair air — Xfair “fair 

Wair = StairUe Ws Xfair We 

Whlap = S‘tapUsap Waap = XflapWAlap 
Wht = fatTeap Wat = Xatwat 


Wold = ffola (Wprim + Weair + Waap + Wat + Wtip) Weold = XfoldWfold 


The control surface area S_,, for a tiltrotor wing is the sum of the flap and flaperon areas. The fairing 
area is 


Stair = (bay _ Wattach) Cw (1 a wip) = Slap 


The wing extension weight is: 


Wext = Sext Vext Wext = Xext Wext 


Wefold = fefolaWext Wetold = XefoldWefold 


and these terms are added to Wyrim and Wiig. The tiltrotor wing weight (and wing folding weight in 
fuselage group) depends on Wiip, the weight on the wing tips; which is the sum of rotor group, engine 
section or nacelle group, air induction group, engine system, drive system (except drive shaft), rotary 
wing and conversion flight controls, hydraulic group, trapped fluids, and wing extensions. An adjustment 
of this calculated weight can be used; a negative increment is required when the engine and transmission 
are not at the tip location with the rotor. The weight on wing tip is used as the fraction fii, = Weip/Wsp; 
the mass on the wing tip is Mi, (slug or kg). 


To estimate the wing weights, the required stiffness is scaled with input frequencies (per rev) 
of the wing primary bending and torsion modes. First the torque box is sized to meet the torsional 
stiffness (frequency) requirement. Next spar cap area is added as required to meet the chord and beam 
bending frequency requirements. Finally spar cap area is added if necessary for a jump takeoff condition. 
Wing section form factors, relating typical airfoil and torque box geometry to ideal shapes, are input or 
calculated from the thickness-to-chord ratio and the torque box chord to wing chord ratio: 


Fg = 0.073 sin(2a(7 — 0.151) /0.1365) + 0.145987, 
+ 0.610 sin(27(wy + 0.080) /2.1560) — (0.4126 — 1.63097,,) (wi — 0.131) + 0.0081 
Fo = 0.640424w?, — 0.8971 7wy» + 0.46157, + 0.655317 
Fr = ((0.27 — 7) /0.12)0.12739 (—-0.96 + /3.32 + 94.6788 wi» — (wi»/0.08344)?) 
— 2.7545w?, + 5.1799wi» — 0.2683 
Fv = 0.25sin(5.236w,») + 0.325 


for beam bending, chord bending, torsion, and spar cap vertical/horizontal bending. The ideal shape for 
torsional stiffness is a tube of radius t,,, so the torsional stiffness J = Fy A,pt?,/4. The ideal shape for 
chord bending is two caps c,4 apart, so [cx = Fo-Awc?,/4. The ideal shape for beam bending is two caps 
tw apart, SO Igsyp = Fv Aspt?,/4 and Ip = Fp Apt?,/4. The torque box cross-sectional area is obtained 
from the wing torsion frequency; 


1 1 
GJ = (wp)? 5 (bw 4 Wattach) 5 Meip?pyton 


Ap =4GJI/(GwFrt?,) 


AFDD Weight Models 249 


It is assumed that between the points of attachment to the fuselage, the torque box is very stiff in torsion, 
but does deflect in bending. So the effective length is $ (dw — Wattach) for torsion, and bw for bending. 
The spar cap cross-sectional area (in addition to torque box material) is obtained from beam and chord 
bending frequencies: 


EI¢ = (we)? zi gifs 


Elz = (wp)? ah 5 Miip mode 


Elow = EwFoAwcy/4 
Elosp = Elc — Elotp 
Acsp = Elosp/(Espcy/4) 


Elgy = EwFpAwti,/4 

Elvi = Esp Fyn Acspt2,/4 

Elgsy = Elp — Elpy — Elva 
Apsp = Elgsp/(Espt,/4) 
Els, = Ely y + Elgsp 


Asp _ Acsp + ABsp 


where F'Jc., and Elg., are replaced by zero if negative (no additional spar material required). The factor 
fmode = 1 — ftip 18 a mode shape correction for fuselage motion. Next the primary structure, fairing, 
flap, and fitting weights are calculated as before; and the sum Wwing = Worim + Weair + Waap + Wat. 
Additional spar cap material for a jump takeoff condition is obtained from the ultimate applied bending 
moment at the wing root: 


Mp ee (0.75(1 — feip) — 0.375 (Lu /bw)(Woing/Wsp)) 


where Tp is the maximum thrust capability of one rotor, equal to the greater of nNjumpWsp/Nrotor OF 
(Cr/c)pAvV3, (from an input C/o at the jump takeoff condition, sea level standard, and hover rotor 
speed). The bending moment capacity of the wing is 


My = 2ETpweu /tw 
Mey = 2CmEleptu [tw 


Then the additional cross-section area is obtained from the moment deficit: 


AM = My — (Mw + Msp) 
AAgp = 2AM /(eu Esptu) 
AW ooae = CoA Aspen lus] np 


where AM is replaced by zero if negative (no additional spar material required). If AW,,a, is positive, it 
is added to W.par, and the primary structure, fairing, flap, and fitting weights are recalculated. Parameters 
are defined in table 29-1, including units as used in these equations. Here a consistent mass-length-time 
system is used, producing Wi.x and Wspar in slug or kg. Typically the input uses conventional English 
units for density (Ib/in*) and modulus (Ib/in?). 
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Table 29-1. Parameters for tiltrotor wing weight. 

parameter definition units 

Wooxs Wspar wing torque box and spar weights slug or kg 
Wsp structural design gross weight Ib 

(Cr/o)jump rotor maximum thrust capability (jump takeoff) 

Njump load factor at Wsp (jump takeoff) 

ING ie number of rotors 

by wing span (length of torque box) ft or m 

ly = by — Wrus wing length (span less fuselage width) ft or m 

Cw wing chord ft or m 

Wd torque box chord to wing chord ratio 

Cth = WtpCw torque box chord ft orm 

ii wing airfoil thickness-to-chord ratio 

G. i= Tei Cy wing thickness ft orm 

Tpylon pylon radius of gyration (pitch inertia = r>,.,, Mtip) ft orm 

Q rotor speed for wing weight design condition rad/sec 

wr wing torsion mode frequency (fraction rotor speed) per rev 

wp wing beam bending mode frequency (fraction rotor speed) per rev 

wo wing chord bending mode frequency (fraction rotor speed) _ per rev 

Ptb density of torque box material slug/ft? or kg/m? 
Pao density of spar cap material slug/ft? or kg/m? 
Gu torque box shear modulus lb/ft? or N/m? 
Ew torque box modulus lb/ft? or N/m? 
Esp spar modulus lb/ft? or N/m? 
€u ultimate strain allowable (minimum of spar and torque box) 

C; weight correction for spar taper (equivalent stiffness) 

C; weight correction for spar taper (equivalent strength) 

Cm strength correction for spar taper (equivalent stiffness) 

eth structural efficiency factor, torque box 

€sp structural efficiency factor, spars 

Utair unit weight of leading and trailing-edge fairings lb/ft? or kg/m? 
Vans unit weight of control surfaces lb/ft? or kg/m? 
Stair area of leading and trailing-edge fairings ft? or m? 

Saap area of control surfaces ft? or m? 

Set wing fittings and brackets (fraction maximum thrust of one rotor) 

fioia wing fold/tilt (fraction total weight excluding fold, including weight on tips) 
Wattach width of wing structural attachments to body ft orm 

Vext unit weight of wing extension lb/ft? or kg/m? 
Soxt area of wing extensions (span b-x+ times mean chord Cex) ft? or m? 

fefola wing extension fold/tilt (fraction extension weight) 
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29-1.2 Aircraft Wing 


There are two models intended for the wing of acompound helicopter: area method and parametric 
method. For the area method (based on weight per unit area), the total wing weight excluding folding 
is: 

Wwing = SwUw 
and fom = 1 — frie — fap — fae. Typically Uy 5 to 9 Ib/ft?. For the parametric method (AFDD93), 
the total wing weight including folding is: 
ee SGOT ios ( Wspf ee 110:39579 0.21754 40.5016 
, 1000 cos A, f @ ise 
((1 + Aww) / Tw)? (1 — Brora) 014998 

with forim = 1— frair — fap — fat — froias here froioc = 1.7247 if the landing gear is on the wing, and 
1.0 otherwise. The lift factor f;, accounts for wing relief factor and wing/rotor lift share. Based on 25 
fixed-wing aircraft, the average error of the aircraft wing equation is 3.4% (fig. 29-1). Then the primary 
structure, secondary structure, and control surface weights are: 


Worim = Xprim f prim Wwing 
Weair = Xtair ftairWwing 
Wraap = X flap fflapWwing 
Wat = Xat Sat wing 
Wola = Xtold ffoldWwing 
The wing extension weight is: 
Wext = VYext Vext Wext = Xext Wext 


Wefold = fefolaWext Wetold = Xefold Wefold 
and these terms are added to Wprim and W;.1a. Parameters are defined in table 29-2, including units as 
used in these equations. 


Table 29-2. Parameters for aircraft wing weight. 


parameter definition units 

Sw wing planform area (theoretical) it? 

Uys unit weight of wing planform Ib/ft? or kg/m? 
Wsp structural design gross weight Ib 

TL lift factor 

Nz design ultimate flight load factor at Wsp g 

Aw wing sweep angle deg 

Aw wing aspect ratio 

Aw wing taper ratio (tip chord/root chord) 

Tw wing airfoil thickness-to-chord ratio 

Deola fraction wing span that folds (0 to 1) 

Fair fairings (fraction total wing weight) 

fatap control surfaces (fraction total wing weight) 

Feit fittings (fraction total wing weight) 

Fiola fold/tilt (fraction total wing weight) 

es unit weight of wing extension lb/ft? or kg/m? 
Soxt area of wing extensions (span b-x+ times mean chord Cext) ft? 


fefola wing extension fold/tilt (fraction extension weight) 
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29-2 Rotor Group 


The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade 
and hub-hinge weights for the AFDD82 model are: 


= 0.6592 1.3371 0.9959 7 70.6682 , 2.5279 = 
Whblade = 0.02606.NyotorNpiade R Cc Viip Viiade Whlade = XbladeWblade 
0.2807 1.53777 70.4290, 2.1414 0.5505 
Whub = 0.003722 NrotorNbiade R Viip Viab (Wpiade/Nrotor) Wrhub = XhubWhub 


Based on 37 aircraft, the average error of the blade equation is 7.7% (fig. 29-2). Based on 35 aircraft, 
the average error of the hub equation is 10.2% (fig. 29-3). The blade and hub-hinge weights for the 
AFDD00 model are: 


0.53479 p1.74231 0.772917 70.87562 2.51048 
Wplade = 0.0024419 frit NrotorNpiade 2 c Vas” Uelade Whlade = XbladeWblade 
0.20373 0.60406 7 0.52803, 1.00218 0.87127 
Whub = 0.0061182.NyotorN pide R Vas Voyb (Woiade/Nrotor) Whub = XhubWhub 


where fii, = 1.17940 for tilting rotors; 1.0 otherwise. Based on 51 aircraft, the average error of the blade 
equation is 7.9% (fig. 29-4) and the average error of the hub equation is 12.2% (fig. 29-5). This equation 
for hub weight was developed using the actual blade weight. Using the blade weight equation instead 
gives 


0.16383 0.199377 70.06171, 0.46203 1.02958 
Whub = 0.18370. NrotorNbiade R Viip Vuub (Wolade/Nrotor) 


_ 1.02958 0.71443 1.99321 ,0.795771 0.96323, 0.46203, 2.58473 
= 0.00037547 frit NrotorNpiade  £ c Viip Youb blade 


which really just adds chord and f;i, to the regression parameters. Based on 51 aircraft, the average 
error of this equation is 9.2% (fig. 29-5). Thus using the blade weight equation results in a lower average 
error, and best represents legacy rotor systems. The hub weight equation using the actual blade weight 
is best for advanced technology rotors with blades lighter than trend. For teetering and gimballed rotors, 
the flap frequency v should be the coning frequency. If the weight is evaluated separately for each rotor, 
then N;otor = 1 should be used in the equations. 


The fairing/spinner and blade fold weights are: 
Wspin = Xspin 7.386.Nrotor D2 yin 
Wiold = Xfold Stold Wolade 


The blade weight is for all blades of the rotors. Typically ft.iq = 0.04 for manual fold and ffoiq = 0.28 
for automatic fold. The rotor shaft, rotor support, and duct weights are: 


Wshatt = Xshaft Nyotorshatt Ushatt 
Wsupt = Xsupt (feape Wmro a Dail) 
Wauct re XductVrotor Sauct Uauct 


The rotor shaft length is @jnar, = fshatef. Parameters are defined in table 29-3, including units as used 
in these equations. 
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Table 29-3. Parameters for rotor weight. 


parameter definition units 

Neotor number of rotors 

Noblade number of blades per rotor 

R rotor radius in hover ft 

c rotor mean geometric blade chord ft 

Vip rotor hover tip velocity ft/sec 

Vplades Viaub flap natural frequency (for weight estimate) per rev 
Dspin spinner diameter ft 

rola blade fold weight (fraction total blade weight) 

Wmro maximum takeoff weight lb 

Fshatt rotor shaft length (fraction rotor radius) 

Ushatt unit weight of rotor shaft lb/ft or kg/m 
fsupt rotor support structure weight (fraction maximum takeoff weight) 

Usupt unit weight of rotor support structure lb/ft or kg/m 
Sac area of duct ft? or m? 
Uanuet unit weight of duct Ib/ft? or kg/m? 


29-2.1 Lift-Offset Rotor 


For lift-offset rotors, the blade and hub weights can be calculated based on the methodology of 
reference 3. The blade weight is estimated based on the beam stiffness required to maintain the clearance 
s when the blade is loaded by the lift offset. The blade tip deflection is proportional to 6 « PR?/EI, 
where EJ is the bending stiffness. The beam loading is P x n,WspL/Nbiade- With A,, the blade 
cross-section area, the moment of inertia J x A,,t?. The criterion is 6 = h — s. Hence the blade weight 
iS Whiade & PNoladchArs « (p/E)nzWspLR*/(t?(h — s)) with E the elastic modulus, and p here the 
material density. The hub weight is estimated based on the structure in upper and lower hub plates 
required to react a tensile force F = Ceent + Mbena/(a/2) due to combined centrifugal force and bending 
moment at the root; where the hub plate separation x scales with the blade thickness ¢. The centrifugal 
force Ceent « (Whiade /Npiade) Viip /R. The bending moment Myend x nzWspR. The limit tensile stress 
o x F/A,z. gives a criterion for the total hub arm area A,,. The radius of the hub @ scales with the blade 
thickness t. Hence the hub weight is Whup « pNoiadelArs « (0/7) (WoiadeVijpt/R + KnzWgp RNpiade) - 
The distribution factor K is determined from the calibration weights. The inter-rotor shaft weight 
is estimated based on the structure to react the hub moment caused by lift offset. The hub moment 
M x«nzWspLR. The shaft diameter d scales with the blade thickness ¢. The shaft length @ scales with 
the rotor separation h. The ultimate bending stress 0 = M/(I/c) gives a criterion for the area moment 
I/c x dw, hence for the shaft wall thickness w. Then Wenari x pldw « (p/o)nzWspLRh/t is the shaft 
weight. 


The blade, hub-hinge, and inter-rotor shaft weights are: 
Wade = Nrotor 0.000083770 wL R?/(2(h — 8)t5p) Whiade = XbladeWblade 


Whud = Nrotor (0.17153 w RNbade + 0-000010534(Witade/Nrotor)Vapton/R) — Wha = Xmudt nub 


Wehatt = Nrotor 0.081304 wL R?2h/t.oR Wshaft = Xshaft shaft 


where w = nzWgp/1000, and 
0.8+ at 


0.5 +0.5A 


tor = T.2RC ( 
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is the blade thickness at 20%R. These equations were developed for the coaxial rotor configuration 
(Nyotor = 2), and calibrated to the XH-59A weights. The material factors (o/F and p/c) are included 
in the technology factors y. These weight terms can be used separately, with other hub and blade and 
shaft weight models. Parameters are defined in table 29-4, including units as used in these equations. 


Table 29-4. Parameters for lift-offset rotor weight. 


parameter definition units 
Nyotor number of rotors 

Nblade number of blades per rotor 

Wsp structural design gross weight Ib 

Nz design ultimate flight load factor at Wsp g 

r blade taper ratio (tip chord/root chord) 

T2R blade airfoil thickness-to-chord ratio (at 20% R) 

R rotor radius ft 

Cc blade mean chord ft 

h coaxial rotor separation (fraction rotor diameter) 

8 coaxial rotor tip clearance (fraction rotor diameter) 

L lift offset (M,on/T R) 

Viip rotor hover tip velocity ft/sec 


29-3 Empennage Group 


The empennage group consists of: horizontal tail, vertical tail, and tail-rotor. The tail plane weight 
consists of the basic structure and fold structure. There are two models for tail plane basic weight: area 
method and parametric method. For the area method (based on weight per unit area), the weight is 
Wail = StaiUtai. The parametric weight model depends on the aircraft configuration. The helicopter 
or compound model is AFDD82. The horizontal tail weight is: 


tiltrotor or tiltwing Wnt = XntSnt (0.00395)? Vaive — 0.4885) 


helicopter or compound Wr = Yni0. 7176510"! Al S78 


Based on 13 aircraft, the average error of the helicopter horizontal tail equation is 22.4% (fig. 29-6). 
The vertical tail weight is: 


tiltrotor or tiltwing Woe = XvtSvz(0.00395.9°,? Vaive — 0.4885) 


helicopter or compound Wei = Ne 1-0460f,.50, °° Al 


where ft; = 1.6311 if the tail-rotor is located on the vertical tail; 1.0 otherwise. Based on 12 aircraft, the 
average error of the helicopter vertical tail equation is 23.3% (fig. 29-7). Vaive is the design dive speed, 
calculated or input; Vgive = 1.25Vinax, Where Vinax is the maximum speed at design gross weight and sea 
level standard conditions. The fold weight is a fraction of the basic weight: Wroia = X¢tolaffo1aW basic 
where Whasic = Whe or Wo- 


The tail-rotor weight is: 


Wir = Xtr1.3778Ro-8"" (Pp siimitR/Viip) oo 
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Based on 19 aircraft, the average error of the helicopter tail-rotor equation is 16.7% (fig. 29-8). The 
tail-rotor weight is calculated by the rotor component model, including rotor support and duct weights. 
Rotor weight models can be used for the tail-rotor. Parameters are defined in table 29-5, including units 
as used in these equations. 


Table 29-5. Parameters for tail weight. 


parameter definition units 

Shi horizontal tail planform area ft? 

Sut vertical tail planform area ft? 

Ant horizontal tail aspect ratio 

Aut vertical tail aspect ratio 

Vaive design dive speed at sea level kts 

Rey tail-rotor radius ft 

Ppsimit drive system power limit (MCP) hp 
main-rotor radius in hover ft 

Viip main-rotor hover tip velocity ft/sec 

Froid fold (fraction basic weight excluding fold) 

Stail horizontal or vertical tail planform area ft? or m? 

Utail unit weight of tail planform lb/ft? or kg/m? 


29-4 Fuselage Group 


The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. The AFDD84 model is a universal body 
weight equation, used for tiltrotor and tiltwing as well as for helicopter configurations. The AFDD82 
model is a helicopter body weight equation, not used for tiltrotor or tiltwing configuration. 


For the AFDD84 (UNIV) model, the basic structure weight is 


0.4879 0.2075 
Wmro nzWsp g0-1676 0.1512 
1000 1000 Body 


Wbasic = 25.41 frgioc fLGret framp ( 


Whasic = XbasicWbasic 


where frcioc = 1.1627 if the landing gear is located on the fuselage, and 1.0 otherwise; frcret = 1.1437 
if the landing gear is on the fuselage and retractable, and 1.0 otherwise; framp = 1.2749 if there is a cargo 
ramp, and 1.0 otherwise. Based on 35 aircraft, the average error of the body equation is 6.5% (fig. 29-9). 
The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are: 


Wrfold = frfoid Weait Wfold = XtfoldWtfold 
Wwiold = fwfola( Wwing + Weip) Wwtold = XwfoldWwfold 
Wmar = fmarW basic War = XmarWmar 
Wpress = foress Whasic Woress = Xpress Wpress 

Wew = few (Woasic + Wetoia + Wwtoia + War + Wpress) Wew = Xew Wew 


Typically fitoia = 0.30 for a folding tail, and f.. = 0.06. For wing folding the weight on the wing tip 
(Wiip) 18 required (calculated as for the wing group). Parameters are defined in table 29-6, including 
units as used in these equations. 
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Table 29-6. Parameters for fuselage weight (AFDD84 model). 


parameter definition units 
Wwuro maximum takeoff weight lb 
Wsp structural design gross weight Ib 
Spode wetted area of body ft? 
R main-rotor radius ft 
Ne design ultimate flight load factor at Wsp g 
£ length of fuselage ft 
fifola tail fold weight (fraction tail weight) 

fwfola wing and rotor fold weight (fraction wing/tip weight) 

Wrail tail group weight 

Wwing + Wtip wing group weight plus weight on wing tip 

fmar marinization weight (fraction basic body weight) 

foress pressurization (fraction basic body weight) 

few crashworthiness weight (fraction fuselage weight) 


For the AFDD82 (HELO) model, the basic structure weight is 


Warr 0.4908 
= M4 0.1323 0.2544 70.6100 
Whasic = 5.896 framp ( 1000 ) ny Shoay £ 


Whasic = XbasicWbasic 
where framp = 1.3939 if there is a cargo ramp, and 1.0 otherwise. Based on 30 aircraft, the average error 
of the body equation is 8.7% (fig. 29-10). The tail fold, wing and rotor fold, marinization, pressurization, 
and crashworthiness weights are: 


Wtfold = fttolaWbasic Witold = XtfoldWtfold 
Wwfold = fwfold(Woasic + Wefoia) Wwiold = Xwfold Wwfold 
Wmar = fmarW basic War = XmarWmar 
Wpress = fpress Wbasic Woress = Xpress Wpress 

Wew = few (Whasic + Witold + Wwola + Wrar + Wpress) Wow = Xcew Wew 


Typically ftfoiq = 0.05 for a folding tail, and f.. = 0.06. Parameters are defined in table 29-7, including 
units as used in these equations. 


Table 29-7. Parameters for fuselage weight (AFDD82 model). 


parameter definition units 
Wwuro maximum takeoff weight lb 
Sbody wetted area of body ft? 
R main-rotor radius ft 

Nz design ultimate flight load factor at Wsp g 

£ length of fuselage ft 
Sifola tail fold weight (fraction basic structure) 

Swfold wing and rotor fold weight (fraction basic structure and tail fold) 

Tita marinization weight (fraction basic body weight) 

fpress pressurization (fraction basic body weight) 


Les crashworthiness weight (fraction fuselage weight) 
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29-5 Alighting Gear Group 


The alighting gear group consists of: basic structure, retraction, and crashworthiness structure. 
There are two models, parametric (AFDD82) and fractional. The basic landing gear weight is: 


parametric wre = 0.4013Wirro Nre” (W/s)° 
fractional wie = ftgWuro 


and Wre = xiewza. Typically fr¢ = 0.0325 (fractional method). Based on 28 aircraft, the average 
error of the parametric equation is 8.4% (fig. 29-11). The retraction and crashworthiness weights are: 


WLGret = fLGret Wa Weret = XLGretWLGret 
WiGew = fiGew(Wre + Wreret) WicGew = XLGewWLGew 
Typically freret = 0.08, and froew = 0.14. Parameters are defined in table 29-8, including units as used 


in these equations. 


Table 29-8. Parameters for landing gear weight. 


parameter definition units 
Wwmuro maximum takeoff weight lb 
fic landing gear weight (fraction maximum takeoff weight) 

W/S wing loading (1.0 for helicopter) lb/ft? 
Nie number of landing gear assemblies 

ficret retraction weight (fraction basic weight) 

TBGey crashworthiness weight (fraction basic and retraction weight) 


29-6 Engine Section or Nacelle Group and Air Induction Group 


The engine section or nacelle group consists of: engine support structure, engine cowling, and 
pylon support structure. The weights (AFDD82 model) are: 
Wsupt = Xsupt0.0412(1 =. Fadi) Were Newey Nae 
West = keg 23155...” 


nac 
Woylon = Xpylon foylonWaurro 


Based on 12 aircraft, the average error of the engine support equation is 11.0% (fig. 29-12). Based on 
12 aircraft, the average error of the engine cowling equation is 17.9% (fig. 29-13). The air induction 
group weight (AFDD82 model) is: 


Wairind = Xairind 0.041 2 fairind (Weng / Neng) aac Nee 


Typically fairina = 0.3 (range 0.1 to 0.6). Based on 12 aircraft, the average error of the air induction 
equation is 11.0% (fig. 29-14). 
Alternatively, the nacelle group weight (including support, cowling, and pylon) scales with power 
or thrust, and the air induction group weight scales with the nacelle area: 
engine group: jet group: 


Xnac a Xnac 
Weowl = Xcowl KnacP Weowl = Xcowl Mac lL” 
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Wairind = Xairind Snac Uairind 


Parameters are defined in table 29-9, including units as used in these equations. 


Table 29-9. Parameters for engine section, nacelle, and air induction weight. 


parameter definition units 

Wwuro maximum takeoff weight lb 

Weng weight all main engines Ib 

Neng number of main engines 

Siac wetted area of nacelles and pylon (less spinner) ft? 

Tsivind air induction weight (fraction nacelle plus air induction) 

foylon pylon support structure weight (fraction Wiyro) 

BR engine group power (SLS static, specified rating) hp 

T jet group thrust (SLS static, specified rating) Ib 

Uairind unit weight of air induction group Ib/ft? or kg/m? 


29-7 Propulsion Group 


The propulsion group consists of the engine system, fuel system, and drive system. 


29-7.1 Engine System 


The engine system consists of the main engines, the engine exhaust system, and the engine acces- 
sories. The engine system weights are: 
engine group: jet group: 
Wenge = Xeng Neng Wone eng Weng >= XjetNjet Wone jet 
Wexh = XexhNeng(Koexh + KiexnP) Wexh = XexhNjct(Koexh + KiexhT) 
Wace = Xace2-0088 fiub(Weng/Neng) Neng 


eng 


where fiup = 1.4799 if the accessory weight includes the lubrication system weight, 1.0 if the lubrication 
system weight is in the engine weight. The exhaust system weight is per engine, including any infrared 
suppressor. The accessory weight equation is the AFDD82 model. Based on 16 aircraft, the average error 
of the accessories equation is 11.5% (fig. 29-15). The engine system weight Weg = Weng + Wexn + Wace: 
Parameters are defined in table 29-10, including units as used in these equations. 


Table 29-10. Parameters for engine system weight. 


parameter definition units 
Neng number of main engines 

Niet number of jets 

P installed takeoff power (SLS static, specified rating) per engine hp 

T installed takeoff thrust (SLS static, specified rating) per jet Ib 


Koexh: K1exh engine exhaust weight vs. power or thrust, constants 
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29-7.2 Propeller/Fan Installation 


The auxiliary propulsion or propeller weight is: 


AFDD82 Wa = Xat0-0809484.Nq4T 304771 Chau Ayay Pores 

AFDD10 We GO 00200 Ne a Dae dn 
where T,; is at maximum speed, design gross weight, and SLS conditions, calculated or input. The 
material factor f,,, = 1 for composite construction; 1.20 for wood; 1.31 for aluminum spar; and 1.44 for 
aluminum construction. Based on 16 aircraft, the average error of the AFDD10 equation is 10.5%. The 
propeller weight is calculated by the rotor component model, including rotor support and duct weights. 
Rotor weight models can be used for the propeller. Parameters are defined in table 29-11, including 
units as used in these equations. 


Table 29-11. Parameters for propeller weight. 


parameter definition units 
Nat number of auxiliary thrusters 

Tat thrust per propeller Ib 
Aat auxiliary thruster disk area ft? 
Pat power per propeller hp 
Npblade number of blades per propeller 

Oprop propeller rotation speed at P,; rpm 
Drop propeller diameter ft 


29-7.3 Fuel System 


The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting 
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including 
fuel system weight not covered by tank weight). There are two models for tank weight, parametric 
(AFDD872) and fractional. The fuel system weights (AFDD82 model) are: 


Wiank = isan OAC INE ers pee! 


int 


Woplumb = Xplumb | Roptemp: + FKptumb (0.01 Npiumb oe 0.06 Neng) (F/Neng)? >| 


where few = 1.3131 for ballistically survivable (UTTAS/AAH level) and 1.0 otherwise. The ballistic 
tolerance factor jf, = 1.0 to 2.5. Based on 15 aircraft, the average error of the fuel tank equation is 4.6% 
(fig. 29-16). The fuel flow rate F is calculated for the takeoff power rating at static SLS conditions. 
FKiptumb is a crashworthiness and survivability factor; typically Kipiump = 2. Kopiump is the sum of 
weights for auxiliary fuel (typically up to 120 Ib), in-flight refueling (up to 150 Ib), pressure refueling 
(up to 150 Ib), inerting system (up to 20 Ib), etc.; typically Kopiumb = 50 to 250 1b. Alternatively, for the 
fractional model the fuel tank weight is Wank = Xtank ftank Wiuel—cap. The fractional model for the fuel 
plumbing weight is Wpiumb = Xpiumb(Weank/Xtank) fplumb/(1 — fpumb)- Parameters are defined in table 
29-12, including units as used in these equations. 


260 AFDD Weight Models 


Table 29-12. Parameters for fuel system weight. 


parameter definition units 
Nint number of internal fuel tanks 
Cint internal fuel tank capacity gallons 
Sot ballistic tolerance factor 
Npiumb total number of fuel tanks (internal and auxiliary) for plumbing 
Neng number of main engines 
Kopiumb, /ipiumb plumbing weight, constants Ib 

fuel flow rate lb/hr 
Stank fuel tank weight (fraction fuel capacity) 
fotumb fuel plumbing weight (fraction total fuel system weight) 


29-7.4 Drive System 


The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This 
distribution of drive system weights is based on the following functional definitions. Gearboxes are 
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor 
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure 
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear 
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning. 
The gear box and rotor shaft weights for the AFDD83 model are: 

Wabre = 5T.T2PHSS., f9, 9680 0: 0662(¢),. /1.000) 0869 /90.6879 


roto 
Wop = apt in fra) Weir 
Ws = XrsfrsWgbrs 


Based on 30 aircraft, the average error of the gear box and rotor shaft equation is 7.7% (fig. 29-17). The 
gear box and rotor shaft weights for the AFDDO0 model are: 


=. 0.38553 0.78137 (0.09899 0.80686 
Wobrs = 95.7634.N, Stor Ep summit’ lene /Oxtor 


Wao = Xgo(1 _ frs)Wgbrs 
Wrs = XrsfrsWgbrs 
Based on 52 aircraft, the average error of the gear box and rotor shaft equation is 8.6% (fig. 29-18). 


Typically f,, = 0.13 (range 0.06 to 0.20). Parameters are defined in table 29-13, including units as used 
in these equations. 


The drive shaft (AFDD82 model) and rotor brake weights are: 


Was = Xa LOGQBER hs NG%"(0.01 fn) 
Wo = Xrp0-000871Wyiade(0.01Viip)? 
where fp = fQQother/Qmain- Based on 28 aircraft, the average error of the drive shaft equation is 16.0% 


(fig. 29-19). Based on 23 aircraft, the average error of the rotor brake equation is 25.1% (fig. 29-20). 
The clutch weight in the weight statement is associated with an auxiliary power unit, and is a fixed input 
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value. The conventional rotor drive system clutch and free wheeling device weights are included in the 
gear box and rotor shaft weight equations. Parameters are defined in table 29-14, including units as used 
in these equations. 


Typically fp = fg = 60% for twin main-rotors (tandem, coaxial, and tiltrotor); for a single main- 
rotor and tail-rotor, fg = 3% and fp = 15% (18% for 2-bladed rotors). 


Table 29-13. Parameters for drive system weight. 


parameter definition units 
Ppsiimit drive system power limit (MCP) hp 
Neate number of main-rotors 

Neb number of gear boxes 

Oster main-rotor rotation speed rpm 
Qeng engine output speed rpm 
fo second (main or tail) rotor torque limit* % 
frs rotor shaft weight (fraction gear box and rotor shaft) 


*input as fraction of total drive system torque limit 


Table 29-14. Parameters for drive shaft and rotor brake weight. 


parameter definition units 

Q Dsiimit Ppsiimit /Qrotor (MCP) hp/rpm 
Nas number of intermediate drive shafts 

Lhub length of drive shaft between rotors ft 

fe second (main or tail) rotor power limit* % 

Veip main-rotor tip speed ft/sec 


*input as fraction of total drive system power limit 


29-8 Flight Controls Group 


The flight controls group consists of cockpit controls, automatic flight control system, and system 
controls. System controls consist of fixed wing flight controls, rotary wing flight controls, and conversion 
(rotor tilt) flight controls. The weight equations model separately non-boosted controls (which do not 
see aerodynamic surface or rotor loads), boost mechanisms (actuators), and boosted controls (which are 
affected by aerodynamic surface or rotor loads). The load path goes from pilot, to cockpit controls, to 
non-boosted controls, to boost mechanisms, to boosted controls, and finally to the component. 


The cockpit controls weight W,, is fixed (input), or scaled with design gross weight: W.. = 
K.cWp. The automatic flight control system weight W, fcs is fixed (input). 


Fixed wing flight controls consist of non-boosted flight controls and flight control boost mechanisms. 
The weights are: 


full controls w = 0.91000W pro 
only stabilizer controls w=O0.01735Wiro She 


and then 
Wrwnb = XFwnofFrwns w 


Wrewm = XFwmo(l— frwno) w 
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For a helicopter, the stabilizer control equation is used. Parameters are defined in table 29-15, including 
units as used in these equations. 


Table 29-15. Parameters for fixed wing flight control weight. 


parameter definition units 
Shi horizontal tail planform area ft? 
Wwmuro maximum takeoff weight lb 
frwnb fixed wing non-boosted weight 


(fraction total fixed wing flight control weight) 


Rotary wing flight controls consist of non-boosted flight controls, flight control boost mechanisms, 
and boosted flight controls. The non-boosted flight control weight (AFDD82 model) is: 


fraction method Werwnd = XRwnbdfrwno(l — frwhya)W fc 


parametric method Warwns = XRwnb2-1785fnbsvuWhreo Nowe” 


rotor 


where frosv = 1.8984 for ballistically survivable (UTTAS/AAH level), 1.0 otherwise. The parametric 
method assumes the rotor flight controls are boosted and computes the weight of the non-boosted portion 
up to the control actuators. Based on 20 aircraft, the average error of the non-boosted flight controls 
equation is 10.4% (fig. 29-21). The flight control boost mechanism weight and boosted flight control 
weight (AFDD82 model) are: 


Wie = 0.2873 fmbdsv (Neston das eee (O01Vag oo fee 


Wrwmp = Xawmo(1 — frwnya)W fe 
Wrwo = XRWH0.02324 fosy (NyotorNpindg) Nec O01) 


where fimbsv = 1.3029 and fp. = 1.1171 for ballistically survivable (UTTAS/AAH level); 1.0 otherwise; 
and frwrea = 1.0 to 3.0. Typically frwny = 0.6 (range 0.3 to 1.8); frwhya = 0.4. Based on 21 aircraft, 
the average error of the boost mechanisms equation is 6.5% (fig. 29-22). Based on 20 aircraft, the 
average error of the boosted flight controls equation is 9.7% (fig. 29-23). Parameters are defined in table 
29-16, including units as used in these equations. 


Table 29-16. Parameters for rotary wing flight control weight. 


parameter definition units 
Wwmuro maximum takeoff weight lb 
Nrstee number of main-rotors 

Nblade number of blades per rotor 

c rotor mean blade chord ft 
Veip rotor hover tip velocity ft/sec 
frwnb rotary wing non-boosted weight (fraction boost mechanisms weight) 

fRrwhya rotary wing hydraulics weight 


(fraction hydraulics plus boost mechanisms weight) 
frwrea flight control hydraulic system redundancy factor 
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The conversion controls consist of non-boosted tilt controls, and tilt control boost mechanisms; 
they are used only for tilting rotor configurations. The weights are: 


wovmb = fovm»pWuro Wovmb = XCVmbWov mb 


wovns = fovnsWovmp Woevnb = XCVnbWev nb 


Parameters are defined in table 29-17, including units as used in these equations. 


Table 29-17. Parameters for conversion control weight. 


parameter definition units 
Wwuro maximum takeoff weight lb 
fovnb conversion non-boosted weight (fraction boost mechanisms weight) 

fovmb conversion boost mechanisms weight (fraction maximum takeoff weight) 


29-9 Hydraulic Group 


The hydraulic group consists of hydraulics for fixed wing flight controls, rotary wing flight controls, 
conversion (rotor tilt) flight controls, and equipment. The hydraulic weight for equipment, Wzgnya, is 
fixed (input). The weights (AFDD82 model) are 

Wrwhyd = XFWhyafFwhyaWrwmo 
Wrwhyd = XRWhyafRWhydW fc 


Wovnhyd = XcFhyafcvhyaWovmb 


Typically frwnya = 0.4. Parameters are defined in table 29-18, including units as used in these equations. 


Table 29-18. Parameters for hydraulic group weight. 


parameter definition units 
frwhyd fixed wing hydraulics weight (fraction boost mechanisms weight) 
fRrwhyd rotary wing hydraulics weight 
(fraction hydraulics plus boost mechanisms weight) 
fovnhyd conversion hydraulics weight (fraction boost mechanisms weight) 


29-10 Anti-Icing Group 


The anti-icing group consists of the anti-ice system. The electrical system for anti-icing is part of 
the electrical group. The weights are obtained from the sum over all rotors, all wings, and all engines: 


WDielect = XDTelect S kelec Ablade 


Woisys = XDIsys Os Kotor Ablade + > kwinglwing + S- Kair Weng aa S- Kiet Wiet 


Parameters are defined in table 29-19, including units as used in these equations. 
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Table 29-19. Parameters for anti-icing group weight. 
parameter definition units 
Ablade total blade area of rotor, from geometric solidity ft? or m? 
Cwing wing length (wing span less fuselage width) ft or m 
Kaiwet electrical system weight factor 
eeas rotor deice system weight factor 
kwing wing deice system weight factor 
Kair engine air intake deice system weight factor 
Kyet jet air intake deice system weight factor 


29-11 Other Systems and Equipment 


The following weights are fixed (input) in this model: auxiliary power group; instruments group; 
pneumatic group; electrical group (aircraft); avionics group (mission equipment); armament group 
(armament provisions and armor); furnishing and equipment group; environmental control group; and 
load and handling group. Typical fixed weights are given in table 29-20, based on medium to heavy 


helicopters and tiltrotors. 


Table 29-20. Other systems and equipment weight. 


group typical weight (Ib) 
SYSTEMS AND EQUIPMENT 
flight controls group 
cockpit controls 100-125 
automatic flight control system 35-200 
flight control electronics, mechanical 35-100 
flight control electronics, fly-by-wire 250 
auxiliary power group 130-300 
instruments group 150-250 
hydraulic group 
equipment 50-300 
electrical group 400-1000 
avionics group (mission equipment) 400-1500 
furnishings & equipment group 600-1000 
crew only 100-200 
environmental control group 50-250 
anti-icing group 50-300 
load & handling group 
internal 200—400 
external 150-300 
FIXED USEFUL LOAD 
crew 500-800 
fluids (oil, unusable fuel) 50-150 
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29-12 Folding Weight 


Folding weights are calculated in a number of groups: wing Wso1q (including extensions), rotor 
Wroia, tail Weoia, fuselage Wefoig and Wytoia. These are the total weights for folding and the impact of 
folding on the group. A fraction fioiaxit of these weights can be in a kit, hence optionally removable. 
Thus of the total folding weight, the fraction froidxit is a kit weight in the fixed useful load of the weight 
statement, while the remainder is kept in the wing, rotor, or fuselage group weight. 


29-13 Parametric Weight Correlation 


Table 29-21 summarizes the statistics of the parametric weight estimation equations. Figure 29-24 
shows the error of the calculated weight for the sum of all parametric weight, accounting on average 
for 42% of the empty weight. This sum is composed of the structural group (based on the AFDDOO 
equation for rotor blade and hub weights, and the AFDD84 equation for body weight), the propulsion 
group (based on the AFDD00 equation for drive system weight), and the flight controls group. Based 
on 42 aircraft, the average error of the sum of all parametric weight is 5.3%. The corresponding average 
error is 6.1% for the structural group (8.6% for the rotor group alone), 10.9% for the propulsion group, 
and 8.7% for the flight controls group. 


Table 29-21. Statistics of parametric weight equations. 


group number of aircraft average error (%) 
wing 25 3.4 
rotor blade AFDD82 37 7.7 
rotor hub AFDD82 37 10.2 
rotor blade AFDDOO 31 7.9 
rotor hub AFDDOO 51 12.2 
horizontal tail 13 22.4 
vertical tail 12 23.3 
tail-rotor 19 16.7 
fuselage AFDD82 30 8.7 
fuselage AFDD84 35 6.5 
alighting gear 28 8.4 
engine support 12 11.0 
engine cowling 12 17.9 
air induction 12 11.0 
accessory 16 11.5 
propeller AFDD10 16 10.5 
fuel tank 15 4.6 
gear box + rotor shaft AFDD83 30 7.7 
gear box + rotor shaft AFDDOO 52 8.6 
drive shaft 28 16.0 
rotor brake 23 25.1 
rotary wing flight controls non-boosted 20 10.4 
rotary wing flight controls boost mechanisms 21 6.5 


rotary wing flight controls boosted 20 9.7 
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Figure 29-2. Rotor group, blade weight (AFDD82). 
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Figure 29-3. Rotor group, hub weight (AFDD82). 
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Figure 29-4. Rotor group, blade weight (AFDDO0). 
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Figure 29-5. Rotor group, hub weight (AFDD00). 
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Figure 29-6. Empennage group, horizontal tail weight (AFDD872). 
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Figure 29-8. Empennage group, tail-rotor weight (AFDD872). 
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Figure 29-10. Fuselage group, fuselage weight (AFDD872). 
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Figure 29-11. Alighting gear group, landing gear weight (AFDD82). 
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Figure 29-12. Engine section or nacelle group, engine support weight (AFDD82). 


AFDD Weight Models 273 


30. 

25, S 
20. 
15, 
10. S 


error (%) 


0. 50. 100. 150. 200. 250. 300. 350. 400. 450. 


actual weight 


Figure 29-13. Engine section or nacelle group, cowling weight (AFDD872). 
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Figure 29-14. Air induction group, air induction weight (AFDD872). 
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Figure 29-15. Propulsion group, accessories weight (AFDD82). 
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Figure 29-16. Propulsion group, fuel tank weight (AFDD82). 
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Figure 29-17. Propulsion group, gear box and rotor shaft weight (AFDD83). 
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Figure 29-18. Propulsion group, gear box and rotor shaft weight (AFDDO00). 
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Figure 29-20. Propulsion group, rotor brake weight. 
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Figure 29-21. Flight controls group, rotor non-boosted control weight (AFDD82). 
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Figure 29-22. Flight controls group, rotor boost mechanisms weight (AFDD82). 
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Figure 29-23. Flight controls group, rotor boosted control weight (AFDD82). 
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Figure 29-24. Sum of all parametric weight. 


Chapter 30 


Other Weight Models 


This chapter presents aircraft weight models developed by a number of organizations: Boeing 
(refs. 1 to 4), GARTEUR (Aerospatiale and MBB, ref. 5), Tishchenko (refs. 6 and 3), Torenbeek (ref. 7), 
and Raymer (ref. 8). The weights are estimated from parametric equations, based on the weights of 
existing aircraft. In addition, generic weight estimation equations are implemented for some groups. 


The results of these equations are the weight in pounds, and the units of the parameters are noted 
in the tables. Technology factors y are included in the weight equations. The input usually includes a 
weight increment dW that can be added to the results of the weight model. Thus typically a component 
or element weight is obtained from W = ywmoae1 + dW. Weight of individual elements in a group can 
be fixed by using dW and setting the corresponding technology factor y = 0. With y 4 0, the increment 
dW can account for something not included in the parametric model. 


30-1 Wing Group 


The wing group consists of: basic structure (primary structure, consisting of torque box and spars, 
plus extensions); fairings (leading edge and trailing edge); fittings (non-structural); fold/tilt structure; 
and control surfaces (flaps, ailerons, flaperons, and spoilers). 


The total wing weight is: 


Boeing 
0.585 


Loe 
Wwing = 0.0680 | /AzWo fr Sw log(Bu /w,)s/ = ibe Vase A, 


GARTEUR 


2 0.4 
Wwing = 0.00715 frr (1+ 0.12faap)?* (nzWo fr)??? 89,7 Ao.47 (=) (aba Retee ee Olas 


WwW 


The factor frp = 1.116 for tiltrotors, 1.0 otherwise. 


Torenbeek (light aircraft, up to 12500 Ib) 


by \o7 i: s Naty \°2 
Torenbeek (transport catagory aircraft) 


Dw pete by / cos Awtw oe 
Wwing = 0.0017(n?°°Wrzerft) ( ) (1 + 6.25 cos Ku [u) (i 


cos Aw, Wmzrft/Sw 
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Raymer (cargo/transport) 
eee 0.557 00.649 40.5 (1 + Aw)? Set 
Wwing = 0.0051(n.Wp fr) Sa Ag iteoehs 


Raymer (general aviation) 


dive 


0.04170.012 
0.6 Aw is 
w 70.3 0.9 
79-3 cos AQ: 


Wwing = 0.0087(n,Wp f,)° 4980-7554 


The lift factor f;, accounts for wing relief factor and wing/rotor lift share. 


Then the primary structure, secondary structure, and control surface weights are calculated as for 
the AFDD aircraft wing model. The wing extension weights are calculated as for the AFDD model. 
Parameters are defined in table 30-1, including units as used in these equations. 


Table 30-1. Parameters for wing weight. 


parameter definition units 
Wp design gross weight Ib 
Wwmro maximum takeoff weight lb 
Wuzr maximum zero fuel weight lb 
fi lift factor 

Sw wing planform area (theoretical) ft? 
bw wing span ft 
Aw wing aspect ratio 

we maximum fuselage width ft 
Aw wing taper ratio (tip chord/root chord) 

Aw wing sweep angle deg 
Tw wing root airfoil thickness-to-chord ratio 

tap wing root airfoil thickness ft 
Nz design ultimate flight load factor g 
Vaive dive speed kts 
So control surface area ft? 
fatap ratio maximum lift coefficient with and without flaps 


30-2 Rotor Group 


The rotor group consists of: blades, hub and hinge, spinner, and blade fold structure. The blade 
and hub-hinge weights are: 


Boeing 


0.438 
Wblade = 0.0378 Nyotor [(2W fin) Nrotor) R? (R oe r) Noaaecfofar| 


0.358 
Whub = 0.00704.N ctor | (Wirade/Nrotor) R2?(Pro fin /Nrotor)t™** Ntisae fama] 


with f, = 1.0 for articulated rotor, 2.2 hingeless or teetering rotor; f;, = 0.247 and fi, = 0.577 for 
tandem, 1.0 single main rotor; fama = fafmfa, design concept factor f, = 0.53 for hingeless rotor and 
1.0 otherwise, material factor f,, = 1.0 for steel and 0.56 titanium and 0.354 composite, development 
factor fy = 1.0 early, 0.62 developed. The droop factor is fy, = max(1, R!°/(1200to.25)). The blade 
attachment radius is typically r/R = 0.08 to 0.11. 
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GARTEUR 
Whblade = 4.199 Nrotor froot feb (RNpladeC) 


0.36 
Whub = 0.004111 Ny otor [ (Wiiaae/Nrotor) Vp (Pej Nate Re ONG 


with froot = 1.17 for hingeless and teetering blades, 0.88 for composite articulated blades. The original 
model is extended to other configurations by introducing f., = 0.56 for tandem helicopter, 0.65 for 
tiltrotor. 

Tishchenko 


Wplade = 1.23Nyotor feo(O R27 /N°7) [1 + 0.011R(A — o)| 
Whub = 0.0000777 Nrotor feh Nplade(C Fhiade) +2? E + 0.05(Mplade = 4) 


where \ = \/18, blade aspect ratio \ = R/co.7, R = R/52.5, R\o = 12.4, and the last factor in the 
blade weight equation has a minimum value of 1. For the hub weight, the centrifugal force per blade 
is CFitade = i Ormdr = 2? R(Mpiade/(NoladeNrotor))» The original model is extended to other 
configurations by introducing f.» = 0.45 for tandem helicopter, 0.80 for tiltrotor; and f., = 1.11 for 
tandem helicopter, 0.34 for tiltrotor, 0.53 for teetering rotor, 0.67 for hingeless rotor. 

generic 


x xX Xpiac 7X Xiah x 
Wblade = KopladeNrotorNginde & call shea Ves Viinde (Wurro/Nrotor) Pan 
Xhu XhubR pXhube 7 Xhu Xhubv Xhu 
Whub = KnubNrotor Nene R PCr nee Ve Vouk (Wurro/Nyotor) ere 
using system units. If the the rotor is not a main rotor, Tuesien 18 uSed for Wayro /Nrotor: 
g O 


The blade weight is for all blades of the rotors. If the weight is evaluated separately for each rotor, 
then the leading Nrotor = 1 in these equations (with blade weight, design gross weight, and takeoff 
power per rotor). The fairing/spinner, blade fold, rotor support, and duct weights are calculated as for 
the AFDD model. Parameters are defined in table 30-2, including units as used in these equations. 


Table 30-2. Parameters for rotor weight. 


parameter definition units 
Neotor number of rotors 
Npblade number of blades per rotor 

rotor radius in hover ft 
r center of rotation to blade attachment ft 
c rotor mean geometric blade chord ft 
a rotor solidity 
to.25 blade thickness at 25%R ft 
Wp design gross weight Ib 
Nz design limit flight load factor g 
Q rotor rotation speed rpm 
Veip hover tip speed ft/sec 
Pro takeoff power hp 
Vplade> Vhub flap natural frequency (for weight estimate) per rev 
Wmro maximum takeoff weight 


Taesign rotor design thrust 
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30-3 Empennage Group 


The empennage group consists of: horizontal tail, vertical tail, and tail-rotor. The tail plane weight 
consists of the basic structure and fold structure. The horizontal tail weight is: 
GARTEUR 


Wat = Xnt0.00000518V,2:44 W335 


max 


Torenbeek (Vgive up to 250 knots) 
Weait = Xnt0.04(n2S erin 
Torenbeek (transport catagory aircraft) 
Wine = Xne Fn Sne0-00346 ( $2? Vaive/V/cos Aix) 


where f;, = 1.0 for fixed stabilizer, 1.1 for variable-incidence tail. 


‘able 


Raymer (cargo/transport) 


K0-704 (1+ Se/Sne)°* 


Wre = Xne0.0379 fan OW? Sn Any Ky (1 + w¢/bnt)??> Lt cos Ant 


Raymer (general aviation) 


0.414 c0.896 40.043 Va cos ald 

bs Bi e i t 

Whe = Xn10.00354(n,Wp) She Ant 002012 
ht Tht 


where f;, = 1.143 for all-moving horizontal tail, 1.0 otherwise. 
The vertical tail weight is: 
GARTEUR 
Wot = Xve0.02535) °° W747 


Torenbeek (Vaive up to 250 knots) 
Wrait = Xvt0.04(n2 Stain 
Torenbeek (transport catagory aircraft) 
Wot = Xvt fvSv10.00346 (59? Vaive /vcos Ax) 
where f,, = 1.0 for fuselage-mounted horizontal tail, f, = 1+ 0.15(Spihz)/(Svtb.) for fin-mounted 
stabilizer (T-tail). 
Raymer (cargo/transport) 


Nae 


1 
W, =X 0.0026 x 0.536 1770.556 G0.5 40.35 70.875 
t = Xvt foiNz D ot ‘tut z 70:5, 19-5 cos Aut 
Raymer (general aviation) 
yo-244 
Wot = Xy10.00382 fy2 (nig Wp)? 2"? SOP Alor dive 


\0.039-0.49 cog A 0.224 
vt vt ut 
where fp; = 1.0 for conventional tail, 1.169 for T-tail; f,2 = 1.0 for conventional tail, 1.2 for T-tail. 


The tail-rotor weight is: 
Boeing 
0.67 
Wir = Xtr0.0297 |r PL-Viip RNbtadee| 
GARTEUR 


1.372 
Wer = Xtr12.48W9;>56 (Roro.r) 
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Fold weight is calculated as for the AFDD model. Parameters are defined in table 30-3, including units 


as used in these equations. 


Table 30-3. Parameters for tail weight. 


parameter 


definition 


units 


Vin ax 


maximum speed 

dive speed 

tail planform area 

tail span 

tail aspect ratio 

sweep angle 

taper ratio (tip chord/root chord) 


height horizontal tail above fin root (fraction span) 


tail rotor transmission power limit 
hover tip speed 

radius 

number of blades 

mean chord 

rotor blade attachment radius 

solidity 

airfoil thickness-to-chord ratio at 0.7R 
design gross weight 

design ultimate flight load factor 
fuselage width at horizontal tail (fraction span) 
tail length (wing to horizontal tail) 
control surface area 

aircraft pitch radius of gyration 
aircraft yaw radius of gyration 


kts 
kts 
ft? 


deg 


hp 
ft/sec 
ft 


ft 
ft 


30-4 Fuselage Group 


The fuselage group consists of: basic structure; wing and rotor fold/retraction; tail fold/tilt; and 
marinization, pressurization, and crashworthiness structure. The basic structure weight is 


Boeing 


5 0.8 
Whbasic = 0.198 |(n.W SD Sbody Ei. + £ + ACG p log Vaive 


where (¢. + £, + ACG) /fpoay = 1.0 for tandem, and 0.3—0.6 for single main rotor (0.7—0.8 with ramp). 


GARTEUR (airplane) 
Wpbasic = 0.149 (nzWp Sboaylboay)” 
GARTEUR (helicopter) 
Wbasic = 0.0280RW 2" n2:335 
Tishchenko 


Whasic = 0.251W2?° he aaa 


44 
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where a = 0.0 for single main rotor, 0.2 for tandem helicopter, 0.05 for side-by-side. 


Torenbeek 


L 0.5 
Pei eS ——— 
Wb body ( d Wooay ze Rboay 


Raymer (cargo/transport) 
Whbasic = 0.3280 facor fic (nz Wo) Spee ota” (Cicdy/ Mboay)” #0 
Raymer (general aviation) 


0.177 11.086 Vee 
Whbasic = 0.0103 n:Wp : Ss . ive 
( ) body LORE cae Minsae oe 


Wpress = 1159( ViscaePasiea) 


where faoor = 1.0 for no cargo door, 1.06 for one side cargo door, 1.12 for two side cargo doors or aft 
clamshell door, 1.25 for two side cargo doors and aft clamshell door (facor = 1+.06ndoor); frg = 1.12 for 
fuselage-mounted main landing gear, 1.0 otherwise; and x, = 1+0.75[(1+2A,,)/(1+Aw)]bw tan Aw /fboay + 


For the weight penalty due to pressurization, Voress = body Wbody Mboay s and typically Pacita = 8 psi. 


generic 


using system units. 


Whbasic = Keus ( 


1000 1000 


Xtusw Xtusn 
Wmuro ) (“ Wsp ) GXtass yXtase 


body 


The tail fold, wing and rotor fold, marinization, pressurization, and crashworthiness weights are 
calculated as for the AFDD84 model. Parameters are defined in table 30-4, including units as used in 


these equations. 


Table 30-4. Parameters for fuselage weight. 


parameter definition units 
Wmuro maximum takeoff weight 
Wsp structural design gross weight Ib 
Wp design gross weight Ib 
Nz design ultimate flight load factor at Wgp g 
Steady. wetted area of body ft? 
é length of cabin (nose to end of cabin floor) ft 
£,, length of rampwell ft 
ACG center of gravity range at Wp ft 
Vaive dive speed kts 
Lbody fuselage length ft 
Whody fuselage width ft 
hpoay fuselage height ft 
Ly rotor-rotor longitudinal separation ft 
Ly tail length (wing to horizontal tail) ft 
Resor number of cargo doors 
Aw wing sweep angle deg 
Nw wing taper ratio (tip chord/root chord) 
bw wing span 
Vpress pressurized volume ft? 
Paelta cabin pressure differential psi 


Other Weight Models 285 


30-5 Engine Section or Nacelle Group and Air Induction Group 


The engine section or nacelle group consists of: engine support structure, engine cowling, and 
pylon support structure. The weights (engine mounts and nacelle structure) are: 


Boeing 


0.41 
Wsupt = Xsupt Neng [ (Weng /Nene) Mets 


Weowl = Xcowl 1 25, Sac 


The crash load factor is typically n.1¢ = 8g for civil rotorcraft, 20g for military rotorcraft. 


Raymer (cargo/transport) 


= 0.10, 0.294, 0.119 7770.611 0.224 
Weowl = Xcowl9-6724 frlnac Wnac Mz Wenge Shac 


where f,, = 1.017 for pylon-mounted nacelle, 1.0 otherwise. The Raymer model includes the air 
induction group weight. The nacelle length and width are calculated from f = whac/fnac, assuming 
Snac = TWnaclnac. Parameters are defined in table 30-5, including units as used in these equations. 


Table 30-5. Parameters for engine section, nacelle, and air induction weight. 


parameter definition units 
Weng weight all main engines Ib 
Neng number of main engines 

nse wetted area of nacelles and pylon (less spinner) ft? 
bse nacelle length ft 
Wnac nacelle width ft 

Nz design ultimate flight load factor g 


30-6 Propulsion Group 


The propulsion group consists of the engine system, fuel system, and drive system. 


30-6.1_ Propeller/Fan Installation 


The auxiliary propulsion or propeller weight is: 


Boeing 
0.67 
Wat = Xa10.0297 Nae |r? Poi Viip RNiade’ 
GARTEUR 
Wie = V0 SAZON ROM NOP 
Torenbeek 


0.78174 
Wat = Xat9-186Natfe (RPatNpiade) 


where f. = 1.0 for turboprop, 1.333 for reciprocating engine. The propeller weight is calculated by the 
rotor component model, including rotor support and duct weights. Rotor weight models can be used for 
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the propeller. Parameters are defined in table 30-6, including units as used in these equations. 


Table 30-6. Parameters for propeller weight. 


parameter definition units 
Nat number of auxiliary thrusters 

Pat power per propeller hp 
Veip hover tip speed ft/sec 
R radius ft 
Nolade number of blades 

Cc mean chord ft 

r rotor blade attachment radius ft 


30-6.2 Fuel System 


The fuel system consists of tanks and support structure (including fuel tanks, bladders, supporting 
structure, filler caps, tank covers, and filler material for void and ullage), and fuel plumbing (including 
fuel system weight not covered by tank weight). The fuel system weights are: 

Torenbeek (integral tanks) 
Wrank = Xtank [80( Neng + Nint = 1) + 1SCoe Ne? 
Torenbeek (generic) 


Xtan 
Wank = XtankKtank Cit z 


with Kiank = 2 and Xtank = 0.667 for single-engine reciprocating; Ktank = 4.5 and Xtank = 0.60 for 
multi-engine reciprocating; Kyank = 3.2 and Xtank = 0.727 for bladder tanks, turbofan or turboprop. 


Raymer (cargo/transport) 


14 
Wrank = Ven 2405Cr eC Ne? fe _ 


Raymer (general aviation) 
Weank a Re LO AOC ON D288 NOMOT CT A fees 


int int eng 


Parameters are defined in table 30-7, including units as used in these equations. 


Table 30-7. Parameters for fuel system weight. 


parameter definition units 
Nint number of internal fuel tanks 

Cint internal fuel tank capacity gallons 
fi integral tank capacity (fraction total) 

fo protected (self-sealing) tank capacity (fraction total) 


Neng number of main engines 
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30-6.3. Drive System 


The drive system consists of gear boxes and rotor shafts, drive shafts, and rotor brake. This 
distribution of drive system weights is based on the following functional definitions. Gearboxes are 
parts of the drive system that transmit power by gear trains, and the structure that encloses them. Rotor 
shafts are the structure (typically a shaft) that transmits power to the rotor. Drive shafts are the structure 
(typically a shaft) that transmits power in the propulsion system, but not directly to the rotor or by a gear 
train. The rotor brake weight encompasses components that can prevent the rotor from freely turning. 
The gear box and rotor shaft weights are: 

Boeing 
0.67 
Wgbrs = 250 [(Postimit/Qmr) 292° fi 
Boeing (alternate) 
0.8 
wgbrs = 300|1.1P/9] 


where f; = 1.0 for single main rotor, f,; = 1.3 x 1.2 = 1.56 for tandem main rotors. The number of 
drive stages is typically zm, “= Wp/5000. For the alternate model applied to the entire drive system, 
P/Q = Posiimit/Qmr. The alternate model is also applied to the tail rotor only, with P/Q = Pi, /Q¢,r. 


GARTEUR (helicopter) 
0.74 
Wgbrs = 252.3(Phstimit/Qmr) 
GARTEUR (tiltrotor) 
0.8 
Wgbrs = 345.6 (Phstimie/Qmr) 
Tishchenko 


0.8 0.8 
Wgbrs = 199.3(Postimit/Smr + 643 (Per/r) 
with P,, = firPpsimit, typically f;,, = 10%. 
generic 
Xgs Xger 
Wgbrs = en ofa a orc ois 
using system units. These models are all implemented with an optional tail rotor drive weight increment 
Awogors = Ktrgp270( Pry /Qur)?. Then 
W gb = Xgb(1 _ frs)Wgbrs 
Wes = XrsfrsWgbrs 
Parameters are defined in table 30-8, including units as used in these equations. 


Table 30-8. Parameters for drive system weight. 


parameter definition units 
Ppsimit drive system power limit hp 
Omar main-rotor rotation speed rpm 
Oe 6tar main-rotor rotation speed rpm 
Qeng engine output speed rpm 
Sih number of stages in main-rotor drive 

Pry tail rotor drive system power limit hp 
Our tail-rotor rotation speed rpm 


Ser tail-rotor power (fraction main-rotor power) 
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30-7 Flight Controls Group and Hydraulic Group 


The flight controls group consists of cockpit controls, automatic flight control system, and system 
controls. System controls consist of fixed wing flight controls, rotary wing flight controls, and conversion 
(rotor tilt) flight controls. The weight equations model separately non-boosted controls (which do not 
see aerodynamic surface or rotor loads), boost mechanisms (actuators), and boosted controls (which are 
affected by aerodynamic surface or rotor loads). The load path goes from pilot, to cockpit controls, 
to non-boosted controls, to boost mechanisms, to boosted controls, and finally to the component. The 
hydraulic group consists of hydraulics for fixed wing flight controls, rotary wing flight controls, and 
equipment. 


Fixed wing flight controls consist of non-boosted flight controls and flight control boost mechanisms. 
The weights are: 


GARTEUR 
—0.36 
w = 0.0350Wp (Wo/Sw) 


Raymer (cargo/transport) 


poe 
= 55.47 gee Ose 
- 1 tm FY 


Wrwhya = XFwhya0.2673N 5 (Lboay + bw)?” 
Raymer (general aviation) 
w = 0.053(nzWp /10000)°8¢5536b0,371 


generic 
w= KpwWyrs 
—~ FWY’ MTO 


with typically N; = 4 to 7, fin»Ny =0 to 2. Then 


Wrwnb = XFwnofFwns w 
Wrwmo = XFwmo(l— frwno) w 


Wrwhyad = XFWhyafFwhyaWrwmo 


as for the AFDD model. Parameters are defined in table 30-9, including units as used in these equations. 


Table 30-9. Parameters for fixed wing flight control weight. 


parameter definition units 
Wwmro maximum takeoff weight 

Wp design gross weight Ib 
Sw wing planform area (theoretical) iy 
Ny number of functions performed by controls 

Pees number of mechanical functions (fraction N,) 

Sos total area of control surfaces ft? 

fy yaw moment of inertia (Wp K?) lb-ft? 
body fuselage length ft 


bw wing span ft 
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Rotary wing flight controls consist of non-boosted flight controls, flight control boost mechanisms, 
and boosted flight controls. The Boeing weight equations model the main rotor controls (from and 
including the power actuators, swashplate, up through the pitch links; identified as boost mechanisms 
plus boosted controls) and the rotor systems (between cockpit controls and rotor controls; identified as 
non-boosted controls) and hydraulics. The weights are: 


Boeing 
0.41 
Wee = Xecl.7 [wo] 
oxi tt 
Wmb+b = 0.562.Nrotor [e (RW piade/Nrotor) 
0.84 
Wnbthyd = 0.0906 Nrotor [W/Nrotor] 
Wrwmb = Xrwmo(l — frws)wmo+0 
Wrwo = XrwofRwoWmb+b 
Werwns = Xrwno(1 — frwhyd)Wnd+ayd 
Wrwhyd = XRWhydfRWhydWnd+hyd 
or 
GARTEUR 
we = 0.0324Wz,""* 
Tishchenko 
Wife = 0.824. NrotorVbladec? R 


generic 


Wie = Krw (Nestor biada) RXaweXawe (Wurro/Nrotor)**”” (Woiade/Neotor)* 2” 


Wrwmb = XRWmbfRWmbU fe 
Wrwo = XrwofRwow fc 
Wrwnb = Xrwno(l — frwme — frwe — frwhya)W fe 
Wrwhyd = XRWhyafRWhydU fe 
using system units for the generic model. Parameters are defined in table 30-10, including units as used 
in these equations. 


Table 30-10. Parameters for rotary wing flight control weight. 


parameter definition units 
Wwmuro maximum takeoff weight 

Wp design gross weight Ib 

Cc rotor mean blade chord ft 

R rotor radius ft 
Whlade weight rotor blades lb 
Nyator number of main rotors 


Nplade number of blades 
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30-8 Parametric Weight Correlation 


Tables 30-11 and 30-12 summarize the statistics of the parametric weight estimation equations, for 
the AFDD data base and a data base from Boeing (ref. 4), respectively. The technology factor . was 
adjusted for each equation to minimize the average error. Except for the wing group, the aircraft in the 
data base are all helicopters, in particular for the fuselage group and empennage group. The fuel system 
weight is for just the tanks; the technology factors are about 70% larger for both tanks and plumbing. 
The drive system weight includes the tail rotor. 
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Table 30-11. Statistics of parametric weight equations, AFDD data base. 


number of average technology 

model aircraft error (%) factor 
wing group 

Boeing 23 14.1 x = 0.73 

GARTEUR 23 20.9 x = 1.07 

Torenbeek 23 20.3 x = 1.04 

Raymer (cargo/transport) 23 16.9 x = 1.24 

Raymer (general aviation) 23 16.8 x = 1.31 
rotor group, blade 

Boeing 51 10.1 x = 0.90 

GARTEUR 51 11.8 xX = 0.98 

Tishchenko 51 18.8 x = 0.99 
rotor group, hub 

Boeing 45 27.5 x = 1.07 

GARTEUR 45 27.6 x = 1.34 

Tishchenko 51 22.8 x = 0.89 
horizontal tail 

GARTEUR 13 37.3 x = 0.65 

Torenbeek (transport) 13 24.7 x = 1.80 
vertical tail 

GARTEUR 12 26.7 x = 0.79 

Torenbeek (transport) 12 29.2 x = 1.92 
tail rotor 

Boeing 18 28.5 xX = 0.64 

GARTEUR 18 18.0 xX = 0.67 
fuselage group 

GARTEUR (airplane) 28 13.0 x = 0.89 

GARTEUR (helicopter) 28 21.5 x = 0.94 

Tishchenko 28 15.0 x = 0.90 
engine section or nacelle group 

Boeing (support) 14 24.9 x = 1.30 

Boeing (cowl) 17 23.0 xX = 0.84 

Raymer (cargo/transport) 16 23.7 x = 0.64 
propeller 

Boeing 13 27.9 xX = 1.13 

GARTEUR 13 30.0 x = 1.18 

Torenbeek 13 24.4 xX = 0.77 
fuel system 

Raymer (cargo/transport) 34 24.8 xX = 1.75 

Raymer (general aviation) 34 27.2 x = 1.10 

Torenbeek (integral tanks) 32 29.2 x = 0.60 

Torenbeek (generic) 34 29.3 x = 0.90 
drive system 

Boeing (alternate) 81 12.1 x = 0.61 

GARTEUR (helicopter) 81 15.6 x = 0.90 

GARTEUR (tiltrotor) 2 4.3 x = 0.75 

Tishchenko 81 12.1 x = 0.99 

tail rotor 24 19.5 Kirgp = 1.00 
rotary wing flight controls 

Boeing 24 19.0 x = 0.91 

GARTEUR 23 20.1 x = 0.81 


Tishchenko 22 32.8 x = 1.385 
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Table 30-11. Statistics of parametric weight equations, Boeing data base. 


number of average technology 

model aircraft error (%) factor 
rotor group, blade 

Boeing 20 6.0 x = 1.05 

GARTEUR 20 12.8 x = 0.93 

Tishchenko 20 16.3 x = 0.90 
rotor group, hub 

Boeing 20 10.6 xX = 0.93 

GARTEUR 18 11.3 xX = 1.28 

Tishchenko 19 20.5 x = 0.99 
fuselage group 

Boeing 26 12.9 x = 1.04 

GARTEUR (airplane) 23 16.6 xX = 0.89 

GARTEUR (helicopter) 26 16.5 x = 0.98 

Tishchenko 23 12.9 X = 0.87 
propeller 

Boeing 12 19.1 xX = 0.95 

GARTEUR 12 18.3 x = 0.97 

Torenbeek 12 21.0 xy = 0.51 
drive system 

Boeing 25 6.3 xX = 0.98 

Boeing (alternate) 27 10.2 Xx = 0.73 

GARTEUR (helicopter) 27 14.4 x = 1.07 


Tishchenko 27 10.2 x = 1.18 


